AE1222-1l: Aerospace Design & Systems Engineering
Elements |

Part: Spacecraft (bus) design and sizing

Learning goal
The student shall be able to conduct all stepsssace to perform a conceptual design o¢f
a space vehicle and its (sub)systems

Learning objectives
The student shall be able to
» Describe the spacecraft vehicle design process
* Generate a spacecraft requirements list
» Perform spacecraft vehicle sizing with an accufadgr conceptual design
purposes
» Perform spacecraft (sub)system sizing
» Develop a simple spacecraft configuration
» Perform budgeting
» List limitations related to the methods used

Prerequisites
Student should be able to:
» Calculate orbital velocity, (maximum) eclipse timesbital period of some common
orbits, ground contact time (overhead pass), groatatity, gravitational force;
» Generate a delta-yA¢) budget;
» Calculate atmospheric density, magnetic field gitienand gravitational force in
relation to location in space.

Study material
* This reader + course slides.



Revisions table

Version

Changes implemented

2012/2013

Worked in errata list year 2011/2012;

Changed course codes to reflect changes as indhydadulty;
Added overview of chapters to be studied from exthiook
Spacecraft systems Engineering, by Fortescueirichpter 1;
Extended the number of examples given in text;

Changed layout of examples to make them more eisiblext;
Various relations given implicitly in text have lmeade explicit.
Total relations count is 110 (up from 102);

Total page count is 190 pages (up from 182 pages);
Reference to Blackboard / Maple TA for practicimglgems has
been added to text;

Revisions table added.

2013/2014

Adapted chapter on budgeting. Moved discussion argims from
chapter 3 to chapter 4;

Removed references to Spacecraft Systems Engigessithe course
text book;

Restructured some chapters;

Extended text on spacecraft requirements generbyi@uding text
on spacecraft requirements related to other misgdiEments (from
slides);

Modified chapter 3;

D

Updated various estimation relationships givengpemdix C;




Contents

(O70] 01 1= | KPP P PPTPPPPI iii
F Y o] o =Y/ =[] L PP %
List Of SYMDOIS ... Vi
IS A T T = iX
LiSt Of TabIES ... Xi
A {0 T ¥ T3 1 o] o PP 1
2 Generating a spacecraft requirements liSt......ccc.oovveeviiiiiiiiiiiiiieeeeee e 11
2.1 Payload reqUIr€mMEeNtS .........cooo i 12
2.2 Requirements from other space system elements. .ccec.........oevvviiiiiiiiiiinniennnnnns 19
2.3 Financial budgetary envelope and political CONBLRA................evvvvviivviiiiiiiiiiinn, 23
2.4 TYPES Of FEQUIFEMENTS .. .uuiiiieiiiiiiie e commmme b e e s sennrnnne 23
2.5 Steps in requirements generation ..........cccooviiiiiiiiiiiii e 24
2.6 Requirements on requirements generation ...cceceee...ccoeeeeeeeeeeeieeiieeeieeceeeee, 25.
2.7 PrODIEIMS. ... 25
3 Spacecraft design: Vehicle level estimation ..............cccoveeiiiiiiiiiii e 27
3.1 TYPE Of SPACECIAM ......eeiiiiieiiii et 27
3.2 Vehicle properties to be calculated/determinedidistaed .................coovvvvvvneenne. 28
3.3 Method for spacecraft preliminary Sizing ... cceeecooooiiiiiiieiieeeeeeeee e 28
3.4 EXAMPIE SIZING ...t 42
35 Quick-look spacecraft configuration.........coeeee.eeeeiiiiiiiiiiiiee e 43
3.6 Budgeting and design margins..........cccccceeeeei e, 48
3.7 Some notes on data collection and data analysis............ccccceeeeeiiiiiiiiiiieeneeenn. 54
3.8 Evaluate (and if necessary iterate) deSign .....cccc.uvveeeveeeeiiniiiiiiiiieeeee e 59
3.9 PrODIEIMS. ...t 59
Y1 (=] 0 (U= B T PP 60
4.1 Structures and MechaniSMS .........oovviiii i 62
4.2 Thermal CONTrOl...........uuiiiiiiiie e 75
4.3 Electrical POWEr GENEratioN .............oceeeeeeuiiiiiiiee e eeeeee s 85
4.4 [ 0] 011 ] 0] o 99
4.5 Attitude Determination and CONTIOL...........cee v oriiiieiirieee e 115
4.6 Command and Data Handling (C&DH) SYStem.........cceeeviieeiieiiiieiiieeieeeeeeeen, 128
4.7 Telemetry, tracking and COMMAaNd............ceeemmmiiiiiiiiiiii e 138
4.8 Navigation (not part of @XamiNation) ... eeeeeerirariiriereee e 148
4.9 Other subsystems (not part of examinNation) . ..eeeveeeeeereeeeeeeeeeeereeeniennnnnn 25
D SUMMATY ..ottt e e et ettt reea e e e e e e e e ee bt e e e e 156
] (=] (= o L 157
Annex A Space maneuvers and mission characteVstTity .................evvivviiiiniininnnn.d a5
Annex B Spacecraft data.............oooo oot 163
Annex C  Spacecraft level estimating relationshgraiass, power, etc..........cccccevveeeeee. 173
Annex D  Spacecraft (subsystem) level estimatioatigiships.................................. 183
ANNEX E SOME SEALISTICS ... .uuuieiiiiieee s s sttt e e e e e e e e eesne e e e e e e e e e e e 195
Annex F Area and mass moments of INertia..ccooceeoooooeeeeiiiiiiieee 199
Annex G Some Earth Observation instrument changttey ...................ccl 012
Annex H Earth Satellite Parameters .......ccceeiiiiiiiiiiieiiiiieee e 204



EMPTY PAGE




Abbreviations

ADCS Attitude Determination and Control System
AOCS Attitude & Orbit Control System

ARD Ariane Return Demonstrator

ASM Attitude Safety Module

ATV Automated Transfer Vehicle

AU Astronomical Unit

BOL Begin Of Life

bps bit per second

C&DH Command and Data Handling

CDR Critical Design Review

CFRP Carbon Fiber Reinforced Plastic

CM Command Module

CoM Centre of Mass

CPU Central Processor Unit

c? Communications, Command and Control
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DC Direct Current

DL Design Life
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DR Data Rate

EIRP Effective Isotropic Radiated Power
EM Electro-Magnetic

EOM End of Mission

EOL End Of Life

EPS Electrical Power (generation) System
ESA European Space Agency

FoS Factor of Safety

FoVv Field of View

FRR Flight Readiness Review

FSS Fixed Satellite Services

FvC Fine Velocity Control

FY Fiscal Year

GEO Geostationary Earth Orbit

GNC Guidance Navigation and Control
GPS Global Position System

GSFC Goddard Space Flight Centre

HGA High Gain Antenna

HK House-Keeping

ID IDentifier

IR InfraRed

ITAR International Traffic in Arms Regulations
ITU International Telecommunications Union
(A/P)KM  (Apogee/Perigee) Kick motor

LEO Low Earth Orbit

LGA Low Gain Antenna

LOC Lines Of Code

LVA Launch Vehicle Adapter ; Large Velocity Actuato
LoS Line of Sight

MER Mass Estimation Relationship

MEO Medium Earth Orbit

MIPS Mega Instruction Per Second

MMD Mean Mission Duration
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SSE
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SM
TBC
TC
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TDRSS
™
TT&C
TX
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uv
VEB
VDM
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Mass Moment of inertia

Most Likely Estimate
Multi-Layer Insulation

Meteosat Second Generation

National Aeronautics and Space Administration
North American Aerospace Defense Command
On-Board Computer

On-Board Data Handling

Orbit Control System

Optical Surface Reflectors

Preliminary Design Review

Payload Mass

Propellant Management System

Quasi Steady Load

Reaction control System

Radio Frequency

rounds per minute

Radio-Isotope Generator

Receiver

Synthetic Aperture Radar

Spacecraft

Solid Rocket Booster

(Sample) Standard Deviation

Spacecraft Systems Engineering (the coursédoexi
Standard Error (of Estimate)

Source Lines Of Code

Service Module

To Be Confirmed

Tele-Command

Thermal Control System

Tracking and Data Relay Satellite System
Telemetry

Telemetry, Tacking & Command
Transmitter

Ultra High Frequency

Ultra-Violet

Vehicle Equipment Bay

Vehicle Dry Mass

Very High Frequency
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1 Introduction

According to the records, each year about 100 gpafteare launched into space [Jane’s]. In
2008 about 68 launches took place orbiting abowgg@itecraft and in 2012 about 75 launches
took place orbiting about 150 spacecraft.

What exactly is a spacecraft (S/C)? A S/C is acletor device designed for spaceflight.

From literature, like [Jane’s], we learn that malifferent spacecraft exist. We distinguish:
* (Earth) satellite - man-made equipment that odoitgind the Earth or the Moon

» Orbiter spacecraft: A spacecraft designed to travel distant planet or moon and enter
orbit. It must carry a substantial propulsive caliigiio decelerate it at the right moment
to achieve orbit insertion. An orbiter spacecratisinendure periods during which it is
shaded from sunlight, thus it must be resistanextseme thermal variation and will
require power storage capacity if equipped withasgbanels. Examples of orbiter
spacecraft include Magellan, Galileo and Mars Gl&uaveyor.

« Flyby spacecraft - This group of spacecraft congldigtitial exploration of solar system.
They follow a continuous solar orbit or escapeettry so as not be captured in a
planetary orbit.

* (Re-)entry vehicle, module - The part of a spade¢oa missile) that (re-)enters Earth's
atmosphere or the atmosphere of some other célestsn

» Lander - A space vehicle that is designed to land oelestial body (planet/moon)

* Ascender/launcher — A space vehicle that is dedigoe launching a payload from a
planetary surface into space (this category of clekiis dealt with separately in this
course, see later)

» Space probe - An unmanned spacecraft that undergakession beyond Earth's orbit.
* Rover Spacecraft — A semi-autonomous roving veli@eis steerable from Earth.

* Service module or kick stage — A vehicle that tpamts other spacecraft in space.

» Spaceship, starship - a spacecraft designed tp @amew into interstellar space

* Manned spacecraft - A piloted spacecraft designezhtry astronauts into space. Unlike
an unmanned probe, it requires a crew compartmaohtite support systems. Manned
spacecraft are either reusable, such as the Spgad#eSor designed for one time use,
such as Soyuz. The latter type is generally modidach as consisting of a reentry
module which houses the crew and a service modhlehwcontains propulsion, power
supply and life support. Only the reentry modukeimes to Earth.

* Robotic spacecraft — Essentially an unmanned spaftec

A SIC typically consists of one or more payloadstfinments, like direct and/or rembte
sensing instruments and/or telecommunications ndteys and receivers, and a services
section (i.e. the spacecraft bus or platform) thapports the payload, for instance by
providing electric power, controlling the attitudd the instruments and the on board
temperatures and protects it against the harslesgpragéronment and other threats if necessary.
Table 1describes some typical spacecraft and their maanacieristics.

! Direct-sensing instruments interact with phenomiartaeir immediate vicinity, and register
characteristics of them. Remote-sensing instrunteatsrd characteristics of objects at a distance,
sometimes forming an image by gathering, focusamgl, recording reflected light from the Sun, or
reflected radio waves emitted by the spacecraft.



Table 1: Spacecraft and some characteristic data

STAR C1 communications satellite

» Payload: 28 C-band & 14 Ku-band transponders +
1 X-band transponder

* Orbit: GEO

e Mass: 4100 kg

e Dry mass: 1750 kg

 Dimensions: 4.0 mx 3.2 mx 2.4 m, 22.40 m span

* Electric Power: 10.5 kW

» Attitude: 3-axis controlled

e Life: 15 yr (min.)

GIOVE A navigations satellite

» Payload: L-band navigation transponders

+  Orbit: MEO

e Dimensions 1.3m x 1.3. m x 1.4 m (stowed)

e Wet mass : 660 kg

e Electric Power generation: Sun tracking arrays
e Actuators: wheels, magneto-torquers, thrusters
» Sensors: Earth Horizon sensor, gyros, Sun sensors
«  Pointing: 0.58 pitch/roll, 2.7 yaw

»  Orbit determination: NORAD, laser ranging, GP
e PropulsionAv = 90 m/s

» Communications: S-band

»  Cost: 33.9 million US$ (FY 2006)

UJ

Meteosat weather satellite®(@eneration)
» Payload: SEVIRI camera + data dissemination
»  Service availability: 95%

*  Orbit: GEO

* Mass: 322 kg (282 kg dry)

» Payload mass: 63 kg

e 3.195mx2.1m(D)

e Spin stabilized: 100 rpm

e Electric power: 240 W

* Mission life: 4-5 yr

» Cost: 90.3 million US$ (FY 2000)

GRACE scientific satellite

» Trapezoid body: 3.1 mx 0.8 mx 1.9-0.7 m

* Mass: 460 kg

e Orbit: LEO (500 km)

e Pointing accuracy: 3-5 mrad

e Electric power: 160 W

e Control: Gaseous nitrogen control system with|12
attitude control thrusters and two orbit contfol
thrusters; Nitrogen mass is 34 kg

» Communications: S-band, 1 Mbps data rate

«  Thermal control: +0.90n critical components

e Life:5yr




Table 1: Continued

James Web Space Telescope (JWST)
et Mcaue « Payload: 6.5 m diameter telescope with 25 |m

o Gg) “f,",‘c‘*h i collecting area

e Orbit with period of 1 yr (L2 point)

e Mass: 6200 kg

* Telescope operating temperature: 40 K

e Electrical power: 2000 W

e Data rate: 28 Mbps

e Life: 5 yr (design)

* Cost: 2400 US M$ (FY 2006) + 1000 US M$ for LO

years of operations

ENVISAT
e Payload: 10 optical and microwave Earth
observation instruments
e Orbit: Sun-synchronous (LEO)
 Mass: 8211 kg
* Dimensions:
0 Inorbit: 26 m x 10 m x 5 m (in orbit)
o0 Launch: 10.5 m x 4.57 m (D)
» Electrical power generation: 6.6 kW @ End Of L|fe
(EOL)
e Useful electric power: 3.8 kW (3.2 kW in Eclipse)
e Propulsion: Rocket system with about 300 kg| of

propellants
« Communications: S-band
e Life:5yr

. Cost: ~1500 US M$ (FY 2001)

Voyager Deep Space Probe
Mass: 722 kg
e  3-axis stabilized
e Electric power: 421 W @ Begin of Life (BOL)
e Communications: @ 8 GHz wavelength with
antenna of 3.7 m diameter

Mars Express (ESA)
Launch mass: 1223 kg (120 kg adapter + 173 kg
payload)

e 15mx18mx14m

e Propulsion: 414 N main engine (430 kg propellant

e Attitude thrusters: 2 x 4 10 N thrusters

«  Pointing performance 0.15

e Communication: 1.6 m high gain antenna

e Electric power: 650 W at max. distance from the
Sun

e Operating temperature: 10-20

¢ Data storage: 1.5 GByte

N~




Table 1: Continued

Venus Express (ESA)

e Launch mass: 1244 kg (104 kg payload)

e 165mx17mx14m

e Aluminum structure

« Power: 650 W at max. distance from the Sun +
batteries for eclipse periods

e Propulsion: 414 N main engine (530 kg propellant

o Attitude thrusters: 2 x4 10 N thrusters

e Communication: S-band (5 W) and X-band (65 W)

« Data storage: 1.5 GByte

+ Cost: 262 million US$ (2005)

~

SMART-1 (mission to the Moon):

e Mass: 370 kg (19 kg payload)

e 1m cubic body

e Wingspan: 14.0 m

e Orbit: GTO to polar orbit about Moon (altitude: 300
to 10000 km)

e Electric power:1.9 kW

e Life:2-2.5yr

International Space Station (ISS)

e Mass: 420.6 ton (with 2 Soyuz vehicles docked)

* Wingspan: 72.8 m

e Length 108.5 m

* Assembled in space

e Orbit: LEO (altitude/inclination: 407 km/51.6
degree)

e 30 large deployable items

e Electric power:110-124 kW

e Life:10 yr

Apollo Command & Service Module (CM/SM)
e Mass: 30,332 kg

e Dimensions: 11.03 m x 3.9 m (diam.)

e Endurance: 14 days

e MissionAv: 2.8 km/s

e Main propulsion: 91.2 kN thrust

e Power: Fuel cells

e Attitude control: 16 thrusters

e Communications: S-band




Table 1: Continued

Ariane/Automated Transfer Vehicle (ATV)

* Mass: 20750 kg

* Dimensions: 10.3 m x 4.5 m (D)

e Attitude control: 3-axis controlled (28 x 220 N
thrusters for attitude control & braking)

e Electric power: 3.8 kW

e Main propulsion: 4 x 490 N

R0 et Ariane Return Demonstrator (ARD)

S e Mass: 2.8t

* Dimensions; 2 mx 2.8 m (D)

e Attitude control: 7 blow down hydrazine 400 [N
thrusters

» Telemetry: 200 parameters transmitted to ground for
flight analysis

» Descent and landing system: Parachute

Apollo Lunar Lander

* Mass: 14696 kg

» Dimensions: 6.37 m x 4.27 m (D); Landing gear
diameter is 9.4 m

» 3-axis controlled (16 thrusters of 441 N each)

» Electric power: 48000-60000 Wh (i.e. 480-600 |W
for a 4 day mission or less for longer mission
durations)

» Descent stagaAv: 2470 m/s

e Main propulsion: 1 x 44.40 kN

Delfi-C*

e Technology test satellite

e Mass: 2.2 kg

* 01Imx0.1mx0.34m

» Electric Power: 2-3 W

» Attitude: Controlled by 1 magnet, 2 hysteresis rod
e Communications: Amateur UHF/VHF band

» 12 deployable items

» Life: 3 months

» Cost: 2.000.000 € (FY 2007)

n




Differences between the various spacecraft destdabe amongst others in:

Orbit (i.e. environment): Some popular orbits dre geostationary orbit as well as a
range of low Earth polar orbits that allow for viegy every location on Earth at least
twice a day. For deep space S/C a whole rangebdb@pplies without any one particular.

Performance; for instance some spacecraft aretaldepport a large and power-hungry
payload, whereas others are only able to suppatall (light) payload. Others are
capable of transporting the payload over a larggadce (deep space) as compared to
Earth satellites that stay in the vicinity of Earth

Looks: The figures inmable 1show that spacecraft essentially consist of araebbdy
with a number of appendages attached. The certdyl may be shaped like a rectangular
or cubical box, a cylinder, a sphere, etc. Therguurthermore show that most of the
spacecraft are equipped with photo-voltaic celtselectric power generation. These cells
are either mounted on the spacecraft body (seeMeteosat and GRACE) or are
mounted on deployable panels (see e.g. STAR C1VEI®, and Mars Express).

Size: Some spacecraft are huge measuring sevesbfemeters, whereas others are as
small as a 1-littre milk pack.

Mass: Spacecraft mass varies from close to 1 ktpgeveral thousands of kg and with
some exceptional spacecraft having a mass of dduandreds of tons.

Power: On board power varies from a few Watt toesaglvtens of kilowatt. Operation
times vary from minutes to several years.

Cost: S/C cost varies from about € 100,000 for alsemd simple spacecraft to several
hundreds of millions of Euro for larger and morenpdex spacecraft.

Life/endurance: S/C operational life ranges frofewa days up to about 15 years for the
more recent telecommunications satellites.

Reliability: As most S/C are difficult to maintaand the cost of S/C failure is high, S/C
reliability over the operational life tends to Imethe range of 0.5-0.9 (50%-90%).

Operations; some spacecraft can operate autonoynwhskeas others rely on controllers
residing on Earth (ground control).

For an explanation/definition of some specific teryou are referred to Table 2.

Table 2: Some definitions

Spacecraft (S/C) Performance: A measure for how tivelspacecraft does do what it needs tq do
(how well it functions).

S/C wet or loaded mass is mass of S/C with conslangpropellants, pressurant gases, etc.).
S/C dry mass is mass of S/C excluding consumables.

Launch mass is sum of S/C wet mass, launch adagearation system and kick stage (if presgnt)
Life: Distinction should be made between time ttteg S/C is operational also referred to|as
operational life and the (on ground and/or on-Qrftibrage life of the spacecraft.

Reliability is probability that an engineering syst will perform its intended functio
satisfactorily (from the viewpoint of the customefr its intended life under specifig
environmental and operating conditions. Reliabilgybasically a design parameter and must be
incorporated into the system at the design stage.dn inherent characteristic of the system, just
as is capacity, power rating, or performance.

o -

Why do spacecraft differ or what makes them differ@at?

Spacecraft differ because they have different @addp mission duration, target destination,
are operated differently, use a different laundeget into space, work on their own or in
unison with others (e.g. in a constellation), & instance:



To supply water and food to the international spataton requires a completely different
spacecraft from one that supports a camera contgtyaaking images from Earth
surface.

An identical camera used to observe Earth, MaMemus requires quite different means
to control its temperature. In general the closerget to the Sun the higher the heat flow
from the Sun. So going to Venus might make it diffi to cool the vehicle, whereas a
mission to Mars might require heaters to keep tedicke at a proper operating

temperature. Also communications take much longeenthe communication distance
increases, etc.

Different payloads exist because of the differamctions/tasks they have to fulfill, like
communications, observations, science, navigaspace station supply, and sample return.
An overview of current applications of typical mims payloads is given in Figure 1, see also
[SSE, chapter 1.1].

Mizsian Pavioads
B Science
Commuonications

B Surveillance
Weather u

] Navigation
Gieodesy u

[Indusirialization
Environment -"_1

Figure 1: Mission payloads

The different payloads are sometimes used to §aS#C and more particular satellites. For
instance we distinguish:

Science, including solar physics, space plasmaighgsid high energy astrophysics;

Earth Observation, including S/C dealing with fastance Earth’s weather (cloud profile,
rain, wave height, temperature and humidity), thenaistry of Earth’s atmosphere (ozone,
carbon-dioxide, etc.), imaging Earth’s surfacefwade profiling;

Communication, including for instance mobile sdteekommunications, (video/radio)
broadcasting, multicasting, and internet commuiooat

Navigation;

Surveillance (for the military);
Technology development;
Etc.

Still, some S/C carry several different types oflpad and are then difficult to classify.

Other reasons for why spacecraft differ are, bexats

Different solutions to conduct the mission; mostia# times there are different solutions
to accomplish the same thing. Different design wdemd to come up with different
solutions for the same problem. This may lead ffem@inces in launch vehicle to launch
the spacecraft into orbit leading to a differergesand mass of the spacecraft, how
autonomous the vehicle is, how the vehicle comnata& to ground (directly or via a
relay station on ground or a satellite relay stgtietc.



« Payload improvement; over the years, payloadsmapeoved, so we get equally capable
instruments weighing less, using less power andrsoor more capable instruments
weighing the same, using identical power, etc.

» Differences in available budget (money); we canlage or high grade-equipment. Low
grade equipment are less expensive than high geuaiement, but they have shorter life
and/or fail more often and hence have a lower aliy.

- Different political and ethical constraints.
* Etc.

The design process

Compared to a car most S/C are highly complex Vehithat bring with it high cost and long
development times as well as a high design andlaewent risk, i.e. the probability that
design and development failures are incurred tittnesonsequence of the failures.

To ensure a proper desfgand hence to reduce the above mentioned desigdeardopment
risk we need to follow a proper design process. ddsgn process for a complex vehicle as a
spacecraft normally requires several design cyeles for preliminary designs. We start by
generating the requirements for the spacecrafetddasigned. Next step is to come up with a
feasible vehicle design, which is updated in thdssguent phases. This process is
schematized in Figure 2. In this course we focusadicle-level estimation and system-level
estimation based on prior experience only. Foresydevel design based on discipline
oriented analysis you are referred to other courses

The word “system” in the figure is contextual in tur@. For example, a radio
transmitter/receiver can be considered as a systeas a subsystem of the spacecraft system,
or as comprised of a number of other subsystemsprovide a framework, consider the
following “system levels”:

* Level I Space mission segments: Space segment, grountesegperations segment,
etc.;

e Level 2 Space mission elements: Spacecraft, launcheungrstation, tracking station,
payload, etc.;

e Level 3 Major spacecraft elements/subsystems: Communbitatistructures, propulsion,
attitude, thermal, command & data handling, etc.;

* Level 4 Subassemblies: Thruster assembly, antenna assestth|

* Level 5 Components: Thruster, solar panel, reaction wheshsor, battery, antenna,
camera, etc.;

« Level 6 Parts (fittings, fasteners, blades.....);

Level 1 and 2 design aspects have been dealt wigmiearlier course and mostly focus on
how the various segments/elements interact and edratrains their design. In this course
we amongst others focus on spacecraft designdwed of detail sufficient for level 2 design
as well as the design of the major spacecraft ales(tevel 3 design).

2 The dictionary gives a great number of entriesdfesign of which we like to present the ones thatcansidered
most applicable to the case at hand. From Dictipnam:
Design (noun):
A drawing or sketch
The purposeful or inventive arrangement of partdeatails: the aerodynamic design of an automobile;
furniture of simple but elegant design.
Design (verb): To plan out in systematic, usuatlypdic form: design a building; designh a computegpam.



The spacecraft design process as depicted in FRy@tarts by first defining the objectives
and the system requirements after which the adesilgn takes place in several rounds or
design phases.

Overview of the Design Process

Program Objectives ==
System Requirements

S ———

Vehicle-level Estimation
(based on a few
 parameters from prior art)

“a
System-level Estimation
(system paramefters based
on prior experience)

Increasing complexity

Increasing accuracy

~
System-level Design
(based on discipline-
oriented analysis)

Figure 2: The Design Process [Maryland]

Decreasing ability
to comprehend the "big
picture”

With each round the level of detail as well asdheuracy of the design results increases (we
are becoming more confident about the design). \&étbh round also the number of people
involved in the design (usually from different commpes/organizations) as well as the cost
associated with the design will increase. Contthaeye is an decreasing ability to comprehend
the big picture. In design, we typically distinguisetween three rounds/design phases, being:

« Conceptudldesign, wherein we aim to select the ‘best’ cohcEptimation accuracy of
the vehicle level parameters typically is in thega of 50%.

+ Preliminary’ design, wherein the concepts selected are workedinbo more detail.
Estimation inaccuracy of the vehicle level paramsetiecreases to 15-25%.

e Detailed design which ends with identification ohmafacturer, manufacturing methods
to be used, etc. Typical estimation inaccuracy esszs to about 10%.

Exercise: Try to define the various design phasegur own words and discuss how these
phases tend to differ from each other.

In each phase we go through more or less iderstiepk, but with increasing level of detalil.
Each phase ends with a review (evaluation). Thisegely is referred to as a structured
design approach. Basic steps in each phase (kdiffetent level of detail and applied to
different) are:

1. Define (design) problem; Proper knowledge of thebjgm that is to be dealt with is
necessary to allow for providing a proper desigitsm, see for instance Figure 3. For
this, one needs to have a proper understandingeofrission. In relation to spacecraft
design, one should know what the spacecraft isasqupto do.

3 Conceptual design in engineering generally deals thi¢ generation of the basic ideas of how to salve
particular engineering problem, i.e. the selectibthe most appropriate technology/ies. Conceptasigh takes
place very early in the design process, under presand must usually be accomplished within atdiroe and, if
done incorrectly, many late engineering design gkanit has been shown that most of the productiitle costs
are determined during this important stage andaama reduced in later stages. Hence the methadsamuld
allow for the selection of the right concept witlairshort time, thereby reducing the amount ofdasign changes
through the use of proper design margins

* The principal purposes for preliminary design 0§ device: (1) To obtain quantities of materials fwaking
estimates of cost. (2) Obtain a clear picture efdtiuctural action, (3) Establish the dimensidith®e structure,
and, (4) Use the preliminary design as a checkeriihal design.



Establish requirements; . \WELL, OFCOLRSE Ty

Requirements essentially ar rvsfﬂsg;wm WITH The
the criteria that provide VR, Tiet o e
direction to the design and ir THE NICROWAVE ... gy

WHERE CaN T SToRe 1y
: _ SATURN e
o AMPLES?

the end are used to judg
whether the design is
successful or not. They are
closely related to the design ;
problem. For instance, in the &5
case of the above introduced
Saturn sample return missiorgigyyre 3: Illustration of bad problem definition /

it mlght also be the case that nrequirements generation

requirements have been

generated for how much (mass and size) sampleddsheueturned.

Set up options; This is the creative part of theigte (“brainstorm”) wherein different
approaches to solving the problem are generatetheSapproaches may be directly
copied from earlier solutions, but may also berehtinew.

Analyze options; This is the calculation intenspart, where the options generated are
analyzed to some detail. Level of detail differshathe required accuracy and hence the
design phase. Sometimes a very simple analysi®onslucted by just listing known
advantages and disadvantages. Other times mor#edesaalysis is performed, using
computer models, extensive testing, etc.

Compare options: In this step the design optioran{fstep 3) are compared using the
analysis results (from step 5).

Make choice; This is where the final selection taldace based on the comparison.
Sometimes there is a clear choice, other timestheght be two or more options that
score about the same. In any case the purposdimitahe number of options that flow
to the next level of design for further study toili the development time and cost
Evaluate outcome (how well did we solve the prol)ldifnnecessary iterate: Iteration is
needed in case no satisfactory solution has baamdfd.e. no solution has been found
that fulfills all requirements or the accuracy lod¢ tanalysis performed is not satisfactory.

The underlined letters together make up the acraDiEBACME.

In the lectures S/C bus design we focus on thagiaf the spacecraft in conjunction with the
other elements of the mission and the major spafteelements mostly based on prior art.
Such methods usually are suited for conceptual pgetiminary design purposes. In more
detail, we will discuss the spacecraft vehicle glegirocess (see earlier in this text) and how

to:

Generate a spacecraft requirements list (Chapter 2)

Perform spacecraft vehicle sizing with an accurésye earlier in this text) fit for
conceptual design purposes and develop a simptesiadt configuration (Chapter 3)

Perform budgeting and add design margins (Chapter 4

Evaluate the spacecraft sizing and budgeting esultobtained from the steps described
in the chapter 3 and 4 (Chapter 5)

Perform spacecraft (sub)system sizing (Chapter 6)

Course material

The course material essentially consists of theeritoffered in this syllabus complemented
by the course slides.
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2 Generating a spacecraft requirements list
In this section the purpose is to discuss the geioerof a spacecraft requirements list.
Or to find out what we need to design for!!

According to the dictionary, a requirement is sdrmgg that is imposed as an obligation; a
necessity. So a requirements list is a list ofghithat provide a statement on what a system is
obliged to do and how well and under what constsaith may also provide a list of how we
would like to interact with the system and againvheell. A spacecraft requirements list is
then nothing more than a numbered list of all rempaents relating to the spacecraft as a
whole (not its elements). For illustration, an epdénrequirements list (not complete) is
provided in Table 3.

Table 3: Example requirements list

Category ID Requirement Rationale

Payload 11 Payload dimensions: 1150 x 1410 x 1950%nm -
1.2 Payload mass: 296 kg -

Payload power: 280 W orbital average, 792 W peak
1.3 (792 W when imaging, <25 W non-imaging (how -
much time imaging vs non-imaging? )
1.4 Pointing accuracy 0.1 degree -
15 Pointing stability (drift)< 0.01 degree/s -
1.6 Pointing knowledges 0.001 degree -
1.7 Temperature range: -10 deg C - + 30 deg C -
1.8 Transmission capability: 320 Mbps -
Orbit 2.1 Target: LEO (polar) -

2.2 Drag compensatioAv = 700 m/s -

Launcher 3.1 Launch mass1200 kg -
3.2 Launcher payload envelope: 4000 mm x 1500 Bym|( -
3.3 Direct launch in polar orbit -

Reliability: 0.9 (to ensure reliability of S/C inaling
Other 4.1 payload better than 0.8) i

4.2 Cost< 80 M$ (FY 2000) -
4.3 Lifetime:> 5 yr in orbit (+ 2 yrs in ground storage) -
4.4 Series size: 40 -

Note that in the table the space system elemadergified where the requirement originated
from next to a category of “other requirements”tthae related to programmatic issues,
operations, or still other.

In this section we will deal with the requirementdating to a spacecraft. We will
show/discuss how the payload poses requirementsnded to be fulfilled by the bus. In
addition we will show that requirements can cormmrfrvarious other sources than just the
payload and may depend heavily on program objestivén addition we discuss how
constraints are placed on the project as we hawmigations concerning available finances,
time, etc.

Related material can be found in AE1110-ll wheresyatem view of the spacecraft is
presented including a view of the spacecraft asqda larger whole (i.e. the mission) and the
spacecraft as consisting of several subsystems.

® Program managementis the process of managing several related pmjeten with the intention of
improving an organization's performance.

11



2.1 Payload requirements

A spacecraft essentially is_a platform (sometinederred to as bus) carrying/supporting one
or more _payloads. Payloads can be instruments,lisappf consumables like water and
oxygen (for instance for the international spaetian), broadcast (TV, radio, etc.) equipment
or other spacecraft, see for instance Figure 4reviaee have a crew module acting as the
payload of some service module that provides fer riecessary support. In turn the crew
module has one or more crew as its payload anddae\support to the crew (for instance
keeps them alive).

i
1
i
B
Spacecraft —I-: .

{(With integrated kick-stage)

Figure 4: Spacecraft consisting of a service modulzarrying as payload a crew module

Each payload brings its own requirements to thecespraft bus or service module. An
important step in the requirements generation @®ds to list the characteristics of the
payload(s) considered, draw them out and gatherlighdts/their needs for support. For
instance, it must be clear that a large and heayyopd demands more support from the
spacecraft than a small and lightweight payloadhat a mission close by requires less
propellant that a mission at the outer rim of oolas system. As an example, we refer to
Table 5 and Table 6 that provide figures showing Ky-out of various instrument-type
payloads as well as characteristic data. Informatiche tables includes (when available):

Instrument mass

Instrument size/dimensions

Electrical power needed

Sensor/antenna orientation and pointing stability

Camera Field of View (FoV) or angle of view or anmta beam width
Data rate to be communicated to ground (or bandyidt
Operating temperature range

Reliability

Life

10. Etc.

Below, some of the above parameters are commepi@d u

© © N o gk~ wDd P

Ad 1/2) All instruments are characterized by aaiartnass and size. The spacecraft should
allow for carrying the mass and provide for suéfiti space to carry the instrument.

12



Ad 3) Most if not all instruments require some poweurce that allows them to operate.
Generally the spacecraft provides for the necegsaner required by the payloads.

Ad 4) Most instruments/antennas require stabletpgjras a means to ensure measuring a
stable signal from a given location (direction)tioat a stable and clear signal is received on
ground. For spacecraft, this may lead to requirésnen both pointing direction and pointing
stability. For instance for the Near Earth Objeatvgillance Satellite (NEOSSat), a Canadian
microsatellite using a 15-cm aperturettp://en.wikipedia.org/wiki/Maksutov_telescope
telescope to search for interior-to-Earth-orbit@)Easteroids, it is required that the vehicle is
stabilized about the 3 body axes with pointing iitalnf ~2 arcsec (1 arcsec is 1/3606f a
degree) in a ~100 second exposure. So the Linggbt 8.0S) of the telescope is not allowed
to move over more than 2 arcsec over a 100 secemobp

Ad 5) Many optical instruments, particularly bintems or spotting scopes, are advertised
with their field of view specified in one of two w& angular field of view, and linear field of
view. Angular field of view is typically specifieth degrees, while linear field of view is a
ratio of lengths. For example, binoculars with & 8egree (angular) field of view might be
advertised as having a (linear) field of view oRX@im per meter. Note that both descriptions
apply to the same instrument. Also communicatioteramas require a certain field of view
relating to the beam width of the antenna. Knowaibgut the field of view is important as
solar panels or other extendable may not block @fathe field of view.

Harizontal FOV- l-

- Vertical FOV
Right

Eyepaint

_ tan(vertical FOV/2)
~ tan(horizontal FOV/2)

Aspect Ratio = —xL

Figure 5: Definition of Field of View, Line of Sigh and Aspect ratio

Ad 6) Data rate: Measure of amount of data geneftaéasmitted. It can be viewed as the
speed of travel of a given amount of data from jplaee to another. In general, the greater the
bandwidth of a given path, the higher the datasfemrate. In telecommunications, data
transfer is usually measured in bits per second.ekample, a typical low-speed connection
to the Internet may be 33.6 kilobits per secondpgkbin computers, data transfer is often
measured in bytes (1 byte is 8 bits) per second.

Bandwidth: In electronic communication, bandwidshtihe width of the range (or band) of
frequencies that an electronic signal uses on engikansmission medium. It is measured in
Hz or a multiple thereof. The larger the bandwittte more information can be send. For
instance, a typical voice signal has a bandwidthppfroximately three kilohertz (3 kHz); an
analog television (TV) broadcast video signal hdmadwidth of six megahertz (6 MHz) --
some 2,000 times as wide as the voice signal.

13



Ad 7) An operating temperature is the temperattivehéch an electrical or mechanical device

operates. The device will operate effectively witld specified temperature range which
varies based on the device function and applicatimmext, and ranges from the minimum

operating temperature to the maximum operating ézatpre (or peak operating temperature).
Outside of this range, the device may fail. Aeregpand military-grade devices generally

operate over a broader temperature range thantiradudevices; consumer-grade devices
generally have the lowest operating temperaturge.an

Ad8/9) No further comments.

Table 4 provides the same parameters and a few mlbreelping to ensure the proper
operation of the payload. Noteworthy of mentionew@ command, control and telemetry
which usually is provided for by the spacecraft agldctromagnetic interference and
contamination. The latter two may affect the degigeatly, but are not dealt with in this
course.

Table 4: Payload Accommodation Support Issues (ffRC])

Mechanical
Size (outline and mounting dimensions)
Mass
Moments of inertia
Uncompensated momentum
Launch loads (shock and vibration)
Disturbances

Thermal
Conducted and radiated heat flux to/from payload
Thermal gradients and base plate distortion

Electrical
Power requirements
Output data rate
Command, control, and telemetry
Electromagnetic interference
Optical
Sensor orientation and clear fields of view
Pointing stability, agility
Contamination: particulates, outgassing

14



Table 5: Overview of specific payloads and thereltteristics

Communications Payload

COMMUNICATIONS COMMUNICATIONS
ANTENNAS x 8 MODULE

\ &

RAD|ATOR

Communications payload
Typical parameters:

From a few up to 30 or more transponders (comtinaif transmitter +
receiver), plus a number of spares (roughly abgtit af the active
transponders)
Frequency (dependent on application)
0 Transmission between fixed points (FSS): 10.758 GBIz
0 Broadcasting: 12.5 GHz
Bandwidth: 4/6 MHz, 26 MHz, 36/72 MHz (in part depkng on
application)
Transmitter power: several tens of W up to seveo@l W
Mass: from a few up to 10-20 kg/transponder
Pointing accuracy: of the order of 8.1
Reliability: of the order of 0.8-0.97 for a 10 yegperational life

Down

Altimeter

INTEATACING WAVEGUIDE

i /NTERFAGE FLARGES

i/
[lembitu /

PROCESSING

’f sercecrart| ALIMERSE & CONTROL

§neRFace Bt WnIT

Instrument: Altimeter
Instrument parameters

Mass: 50 kg

Power consumption: 75W

Frequency of transmission: 13.65 GHz

Data rate: 1200 bps (12 kbps during calibration)

Size: See fig.

Beam width: 1 degree

Pointing requirements: Antenna must be nadir pdinte
Reliability: > 94% for a mission life of 4 yrs (Eisat RA-2)
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Remote Sensing instrument (camera)

Instrument: Landsat-7 Enhanced Thematic Mapper (ETM)
Instrument parameters
e Mass: 425 kg
¢ Power: 590 W (imaging), 175 W (standby)
e Duty cycle: 15% imaging
e Thermal control: 90 K (focal plane)
¢ Pointing requirements:
o Control: 60 arcsec (1 sigma)
o Knowledge: 45 arcsec (1 sigma)
e Jitter (jitter can be thought of as shaky motio#)arcsec (1 sigma)
¢ Physical Size:
0 Scanner Assembly: 196 x 114 x 66 cm
0 Auxiliary Electronics: 90 x 66 x 35 cm
Data taken from:
http://eospso.gsfc.nasa.gov/eos_homepage/Instrafadi/

Instrument: Ball High Resolution Camera

Instrument parameters

« Design Live: > 5 years achieved with redundantigecture for orbits
between 400 to 900 km from O degrees to sun-synou

« On-board Storage Capacity: Optional equipment btalap to 200 Gbits
(equivalent to over 90 square images)

« Communications Image Data: Optional 320 Mbps X-b@wadsmitter and
gimballed antenna

« Payload Mass: Total weight is 296 kg, total weigfth options is 342 kg

¢ Power Consumption: 792 W when imaging (peak), ¥\2Bon-imaging
(orbital average)

e Telescope Size: 115 cm x 141 cm x 195 cm (rectampul

Note: Numerical ranges reflect orbit altitude opd400 km to 900 km)
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Navigation payload Galileo Payload:

* Mass: 81 kg (navigation antenna 8-10 kg, 3 Rubidatomic clocks of
1.4 kg each)

« Antennasize: 1.4 x 1.6 x 0.2m

» Power consumption: 474 W

» Required attitude control accuracy: 0.5 deg

GIOVE B payload module on sled ready for thermstiig

Science payload Thermal lon Dynamics Experiment (TIDE)/Plasma Seurstrument
» Investigation of Earth’s plasma environment
e Total Field of View (FOV): 96% of # sr
* Resources:
0 Mass: 17.1 kg
o Power:9.1W
o Datarate 4.0 kbps

17



Table 6: Overview of payload characteristics (sts® §SMAD])

Purpose Instrument Name Size LxW x D (m) Mass (Bgﬁvgé F\’/ozx\vl:le)r al D?,f/? bl;%ste Ap?rrr:;J re Acczgclgn(%eg.)
Gravity Gradiometer 0.23 m sphere 10 1 1--2
Synthetic Aperture Radar 28x3.7x14 80§ 3000 201 8x2.8 205
Resources Multi-Spectral Mid-IR 1.5 x 1 dia. 800 900 30 1 0.1
Thematic Mapper 2x0.7x1.1 258 385 85 0.406 0.08
ENVISAT ASAR 10x 1.3 832 1365 100
Limb Scanning Radiometer 4.8 x 1.9 dia. 80( 125 205
Microwave Radiometer 4x4x4 325 470 0.2 4 ch. 0.
Environ- Dual Freq. Scatterometer 46x15x0.3 150 200 010. | 46x0.3 1
mental Ocean SAR 20x2x0.2 250 300 120 20X 2 0.1
Solar Spectrum 0.4x0.3x0.6 16 60 Low ca3
Doppler Imager 1.25x0.6x0.8 191 165 20 ca3
Photometric Imaging 1.4x1.4x0.5 147 330 0.01 alsd
Lyman-Alpha Coronograph 2.8x0.88x0.73 250 87 513 0.003
X-ray Telescope Spectrometef 2.7 x 1 dia. 465 30 4 0. 0.003
Solar Solar Optic_al Telegcopg 7.3 x 3.8 dia. 6600 2000 + 50 1.25
Physics Solar magnetic Velocity Field 2x0.4x04 183 322 2+ 0.003
100 m Pinhole Camera 1x1x2 1000 500 0.5
Extreme UV Telescope 2.78 x 0.86 x 0.254 128 164 281.
Solar Gamma Ray Spectrometger 1x1x3 2000 500 0.1 0.134 0.003
lon Mass Spectrometer 0.5x0.5x0.4 80 334 0.01 1
Space Beam Plasma 0.6 x 0.7 x 0.7 + two 0.7 dia. |ant.17 38 0.016 5
Plasma Plasma Diagnostics 2000 250 50
Physics | Doppler Imaging Interferometef (0.35) 100 620 0.2
Proton (lon) Accelerators 6.7 x3.4x3.10 500 1500(0.256 (4.2 TV 1
Gamma Ray Burst 2 x 4 dia. 100Q 120 0.01 3
High Cosmic Ray Transition 3.7 x 2.7 dia. 150( 230 0.1 7 2
Energy | X-Ray Spectrometer/Polarimeter 16x1.6x3 2000 00 3 0.03 0.1
Astro- Short X-Ray 1x1x3 1000 300 0.025 1x3 0.1
physics | High Energy Gamma Ray 4 x 3 dia. 10000 100 0.003 3 0.1
Telescope
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Some S/C carry multiple payloads/instruments wihhetheir own requirements as is illustrated in
Table 7. This of course leads to a more complexgdess now we have to satisfy the demands of

multiple instruments/payloads.

Table 7: Payload package on board of solar orbfarresearch of the Sun’s environment

Instrument Mass [kg] Power [W] kb/s
Solar Wind Plasma Analyzer (SWA) 6 5 5
Radio & Plasma Waves Analyzer (RPW) 10 7.5 5
Coronal Radio Sounding (CRS) 0.2 3 0
Magnetometer (MAG) 1 1 0.2
Energetic Particle Detector (EPD) 4 3 1.8
Dust Detector (DUD) 1 1 0.05
Neutral Particle Detector (NPD) 1 2 0.3
Neutron Detector (NED) 2 1 0.15

More data on payloads can be obtained from:

* [SSE]
* Books like

o Jane’s Spaceflight directory

0 Observation of the Earth and its environment by Kramer

* Internet, like:

0 CEOS EO handbook Catalogue of EO instruments:

http://www.eohandbook.com/eohb2008/earth sat imstnis.html

2.2 Requirements from other space system elements

Next to requirements originating from the payloather requirements originate from considerations
concerning the interaction of the spacecraft with dther elements in the space system (see AE1110-
II). Like launcher, ground station, communicatioagchitecture, mission operations center,
communications, command and controf)(Genter and the trajectory/orbit to be flown Saywcal

requirements are listed in Table 8.

Table 8: Other sources of spacecraft requirements

Spacecraft shall:
fit in launcher
Mass
Size
withstand hostile environment

control orbit

communicate with ground and/or other spacecraft
respond in a timely manner to commands

transport payload to final destination (target trlif and when necessary

How the various sources mentioned above lead twespaft design requirements is discussed in more
detail hereafter. Goal of the discussion is to mlewguidelines for students on how to derive such

requirements.
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Spacecraft shall fit in launcher

The spacecraft designer should make sure the gpdicec
will fit in the launcher and more particular in the
designated payload area (payload bay). The siztheof
payload bay is given by the payload dynamic enwelap.

the envelope taking into account the reductionviailable
space because of the vehicle dynamics (vibratioRg).
illustration, Figure shows Payload Transport Vehi@TV) <
fitted into Ariane 5 payload bay. PTV is ATV (Auterted ©
Transfer Vehicle), but adapted for carrying paylead is
considered an intermediate step to a Crew Traivahicle
(CTV). Figure shows a somewhat peculiar shape ef th
dynamic envelope (dotted line encompassing PTV}, no
uncommon to most launchers. Maximum available
diameter is 4.57 m. It also shows that the payl@sad
mounted onto a payload adapter (conical ring imrgg
carrying the PTV. From the figure we also learnt tiee
cylindrical section of the payload bay is roughiy &igh.
Parabolic section of payload bay may also be oecl)fiut
this may require adapting the shape of the spaitesva
that it fits in the bay. Information on dynamic efope of

a launcher generally is contained in the launchemual, a
many page document describing the launcher, launchx:
operations, launch site, launch performances, A&tgood
secondary source may be the Launch Vehicle Catalon

(available on the course blackboard pages). Figure 6: PTV fitted into Ariane 5
payload bay

500

5583

1914

3590
500

1283

Spacecraft mass limited by maximum mass that carabyeed by launcher in to the designated orbit

A launcher can only launch a certain payload mags some orbit. For the Taurus rocket, this is
illustrated in Figure 7 for two different versiomsth a LEO target orbit. Important is to realizeth
performance depends on the orbit to be reached,alsot on location of launch site and orbit
inclination to be attained. Another important isssi¢hat launch mass generally is not the same as
spacecraft mass. Besides the mass of the spacdtralffto includes the mass of the adapter and
maybe even the mass of a kick and/or upper stagaetBnes even more than 1 vehicle is launched

with the launcher.
1400

= Taurus 2110 Vehicle
1300 4 — Taurus 2210 Vehicle

1200 4

1100 4

1000

900 4

Payload Mass (kg)

200 400 600 800 1000 1200 1400 1600 1800 2000
Circular Altitude (km)

Figure 7: Taurus performance to 28.8 LEO orbits [LVC]

The spacecraft designer should make sure the gpétcedl not exceed the maximum mass that can
be carried by the designated launcher into thegdated orbit. If the spacecraft turns out to beemor
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heavy, another launcher (and probably more costigy need to be selected, which may lead to a
heavy cost burden on the project.

Spacecraft shall transport the payload to its fitegtination

As launchers have limited delta- v (velocity changerformance, the spacecraft may need to perform
one or more maneuvers before reaching its finat.ofhis is illustrated in Figure 8 for a missiam t
the Moon.

L
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= o Initial
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& . Corbin

. 2nd e
124hr Flight Mid-Caurse A Lunar
camaclion _.' 118 min A00km I-" Qirbit )
Cireular Inesertion
A Mapping i
Fall, 1997 y Orkit o 3.5 Hour
N L Intesing
Ot

1st

oy Mid-Course
.'-I -'\_ St Lawnch from comectian
100 nm ™. Spaceport Florida
Parking
Orbit Imjection

Figure 8: Manoeuvres needed for spacecraft to travdérom parking orbit to final lunar orbit

From the figure, it follows that we need variousnmauvres to first inject the spacecraft into lunar
transfer orbit, to perform mid-course correctionsl at arrival at the Moon to attain the final orbit
Each manoeuvre requires a certain delta-v, whicly b® obtained from past missions or orbit
analysis. A collection of delta-v data for a numbemanoeuvres is contained in this reader, appendi
A. The sum of all manoeuvre velocity changes (alisolalue) is referred to asission characteristic
velocity. The spacecraft designer now should consider whétleemission characteristic velocity is to
be delivered by the spacecratft itself or that & ktage (like the Russian Fregat upper stage)ed tes
deal with at least part of the required manoeuvres.

Spacecraft shall be able to withstand hostile emirent

The principal environment a spacecraft experiense®f course the space environment. This

environment is characterized by (hot) plasma, Figiiergetic particles, cosmic rays, solar flares,

debris, monatomic oxygen, etc. Some details ofsfyececraft environment have been discussed in

AE1110-Il. Effects of the space environment maypacecraft heating, charging, upset of electronics

and so on, see figure . Next to the space envirahnaéso the space launch environment should be

considered, where we have to deal with large amt@de loads and heavy vibrations. An important
source describing the launch environment is thenthwehicle Catalogue earlier referred to. Finally
also other environments may lead to design req&ingsn For instance in case of road transportation,
it might be the height of bridges that limit theesiof a spacecraft or the loads during transporiati
might exceed those during launch. Also we shouldsiter hoisting loads that may damage the
spacecraft. So this one requirement on the spdtéaimg able to withstand a hostile environment
may lead to a range of requirements, like:

- Spacecraft shall be able to resist a certain aat@a load. An acceleration load of for example
6g means that the spacecraft has to resist aneaatieh load of about 60 Mi/<Compare with the
load factor as defined for aeronautical application  See
http://en.wikipedia.org/wiki/Load_factor_(aeronasii or http://en.wikipedia.org/wiki/G-force for
a discussion on human tolerance of G-force.

- Spacecraft shall be able to work over some temperaange (range is to be defined)
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- Spacecraft shall be able to cope with a certaine dofs high/low energy particle radiation
(electrons, protons, etc.)

- Spacecraft materials are to be selected than dhstamd monatomic oxygen. For further reading,
see e.g. http://www.reading.ac.uk/infrared/librapdceenvironment/ir-spaceenvironment-
atomicoxygen.aspx

- Spacecraft shall be able to resist handling loddssi{ing, transportation, etc.). For a good
requirement, we need to define the loads in momaildes.g. acceleration loads, humidity,
temperatures, etc.
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Haot Plasmas - Electrostatic discharge

Iomaapheric Plazma

Residual Amosphere
{Atn e Oxygen)

punciune of surfaces

Figure 9: Space environment and effects on spacedrécourtesy of ESA SME initiative training course)

Spacecraft shall be able to communicate with ground

Most times when designing a space missicraple 9: Typical deep space ground station pararsete
use is made of existing ground stations f
communications with and tracking off th
spacecraft. This is because the developmen
a new ground station is quite expensiv
However, when selecting an existing grout
station, this does require for the spacecr
designer to select certain communicatic

Characteristic Typical range

Antenna dish diameter 15m, 35m
Transmit freguency
S-band 2025-2120 MHz
X-band 7145-7235 MHz

Receive frequency

frequencies. For illustration, Table 9 shov e o e
characteristics of an ESA Deep Spa %-band 8400-8500 MHz
Network ground station. e

MNormal data rate up to 1 Mbps
From this data one learns that essentially t Maximum data rate up to 105 Mbps
frequency bands are available for transmissi Telecommand (up-link)
and two for receiving. It should also b Normal data rate 2 Kbps
immediately clear that the spacecraft shot Tracking
be able to receive in the same band, othern Range accuracy 1 m
they will not be able to communicate. Range rate accuracy 0.1 mm/s
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» From the table also follows a normal data rate Mkps. Selecting this data rate, it more or less
determines that the technology on board of theespatt should be able to handle this data rate.

* The very large antenna size indicates that thisirgiostation has a very clear “voice” and can
“hear” very well. This means that the antennas aarth of the spacecraft can be relatively small.
In other words, the larger the antenna on grouralsinaller the antenna in space and vice versa.

Still more spacecraft requirements

Many more requirements may be generated relatedrsiderations of how the spacecraft interacts
with the other mission elements. We mention:

* requirements with respect to reliability, availéil maintainability and Safety (RAMS).

* Ground station (location) and orbit together deteentontact time available for communications
* Mission operations and orbit together determindeiiel of autonomy of the spacecraft

« C®system determines how the data is transportecbting

* Etc.

2.3 Financial budgetary envelope and political constraints
In practice, many requirements relate to the misdinancial budgetary envelope and political
constraints. Typical suatonstraints are:

» ESA may require one to buy European. Only whenyeaeded, we buy foreign. For instance,
for ESA science missions: Soyuz Fregat launchéhéascurrent workhorse. As such, ESA may
require you to design for launch on a Soyuz Frematcher.

* In the USA a set of government regulations refertedas International Traffic in Arms
Regulations(ITAR ) controls the export and import of defense-relatetles and services on the
United States Munitions List. Rocket motors anduanber of other such items are included on
this list.

* The United Nations have prepared regulations sttpng that to ensure sustainable access to
space, spacecraft need to be designed such tlyaeither burn up in the atmosphere and/or are
injected into a graveyard orbit at End Of Life (EOL

» Russians have launched many times a nuclear rescgpace, whereas the Western world is
somewhat more reluctant to this.

* Nowadays, some space agencies specifically refprespacecraft to be de-orbited at end of life
and or to place spacecraft in a “graveyard” orlhieve they can do little harm.

2.4 Types of requirements
Requirements are categorized in many ways. Hegeafdw types of requirements are discussed.

Functional requirements

These are requirements that relate to the functlwaisshall be performed by the system, i.e. what t
system is obliged to do. Functional requirement aseally phrased as “The system shall do
<requirement>". For instance, the spacecraft busenrice module should:

* Provide structural support
» Generate electrical power
e Ensure a proper thermal environment

* Handle data produced
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» Transmit data to ground

* Provide for a pointing capability

* Provide for a stable platform

» Perform maneuvers to allow targeting different taozs
» Provide landing capability (lander vehicles only)

» Provide life support (manned spacecraft only)

Non-functional requirements

These are requirements that specify criteria thathe used to judge the operation of a systengmrath
than specific behaviors of the system. They arallysphrased as: “System shall be <requirement>"
Other terms for non-functional requirements aren$t@ints”, "quality attributes”, "quality goals",
"quality of service (or operations) requirementsti &non-behavioural requirements".

Interface requirements
Requirements that stem from that the spacecratfattes with the other elements in the space system
are sometimes also referred to as interface regemes.

2.5 Steps in requirements generation

Steps in requirements generation include:
» Establish a list of functions to be performed aodstraints to be considered
» Determine a characteristic parameter that can kd ts judge how well a certain function is
performed or express a constraint
0 The parameter should be measurable, like thrustiipg accuracy, mass, cost, life, etc.
o If no such parameter can be found, then considtailihg the function or constraint
(splitting it up into sub-functions, etc.)
» Develop criteria for how well the function is to performed
o Forinstance: Payload mass shall be equal or iassxaf 100 kg
o Criteria could be developed from already existiagigns
» Document requirements in a requirements list -oraie

To keep a clear overview of the requirements artdaforget any, they are usually collected in a so
called requirements list; see the earlier introdu€able 3. To keep track of the requirements each
requirement is given a unique identifier. A columnprovided to also add the rationale behind the
requirement. This could be a referral to some amsigocument or just a short statement. In practice
many different ways exist to keep track of requieeis, but the principles are generally the same.

Requirements flow down

Some platform requirements flow down from the pawgrobjectives and constraints. Typically a
space program shall be conducted within a certaia frame and at a certain cost. As all elements
constituting the space mission bear costs, it shbeldetermined early on the budget availableHer t
spacecraft and in more detail the platform. Herge will lead to requirements flowing down the
spacecraft to the spacecraft subsystems, their @oemps and so on. Hence, once the spacecraft
requirements are know we can start its design. Rtmrdesign requirements will be derived for the
subsystems and so on (requirements flow down).
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2.6 Requirements on requirements generation

Defining requirements can be a lengthy processilldgfined requirements can be very detrimental
for a space project.

For instance, a requirement like that the spaceahall never fail is not considered a good
requirement as this will become a very expensiwuirement. For a requirement to be a good
requirement, it needs to be defined in a “SMARTYyw&he meaning of the acronym SMART in this
sense is:

» Specific — Requirements should specify what theytarachieve.

* Measurable — The requirements should provide aienehereby all stakeholders can determine if
the objectives are being met.

» Achievable — Are the requirements’ objectives achlde and attainable
* Realistic — Are the requirements realistic withpexs to available resources?
* Time-bound — When is the team to achieve the rements’ objectives?

Hence if one on the above criteria is not met, waak have a properly defined requirement.

2.7 Problems

A number of problems for exercising upon are awddlavia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook availibla the TU-Delft online print shop. Of this
workbook also an electronic copy is available aackboard.
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3 Spacecraft design: Vehicle level estimation

In the early stages of spacecraft design we tenavistigate different options and it is importémt
quickly determine the feasibility of our design.rkastance, we need to know if our spacecratftifits
the launcher, is not too costly, is reliable anasoSuch studies are typically referred to asiliildg
studies.

In this section, we discuss a simple ‘design’ mdttimt allows us to come up with a first design of
our spacecraft with in a relatively short time aalbwing to judge feasibility of the design. This
method relies on the use of relatively simple refet derived at using statistical analysis metraa$
essentially consists of 6/8 steps:

1. Determine the type of vehicle to be designed
2. Determine the vehicle properties to be established

3. Determine whether estimation relationships (ER) ava&ilable for the estimation of the vehicle
properties established in the previous step. If gestinue with step 6, else continue with step 4.

Collect (historical) data from comparable spacédcraf
Perform data analysis and develop (new) estimaétationships

Estimate vehicle properties using known or newlyaligped estimation relationships

N o g bk

Generate a straw man configuration (i.e. a firsifigoiration that can later be used for referencing
to) and determine mass properties

8. Perform budgeting and include margins

In the remainder of this chapter these steps aaugéed in some more detail, be it not necessarily
the order indicated above.

3.1 Type of spacecraft

First step in preliminary and/or conceptual desggto determine the type(s) of vehicle to be design
In the foregoing, we have already shown that aidifisatellites can be classified by function, for
instance, orbiter, lander, ascender, kick stagesarmh, and by target orbit Earth satellite, dgzgzs,
planetary probe. Also for some missions a varidtyahicles may be necessary. For instance, for
some planetary missions, we may need both a kidgesand an orbiter. For some other planetary
missions, we may even need a lander and/or an decéior instance for a sample return mission).
Also for the important category of Earth satelljitas this category contains a large variety okedéht
spacecraft, we usually make a further distinctito:i

* Navigation satellites

* Mobile communications satellites

* Fixed communications satellites

» Earth observation satellites

» Science or technology demonstration satellites
* Other (space station, space observatory)

Other distinctions made are by mass, cost, sizd, sanforth, each having its own reasons. For
instance, classification by mass is useful bec#us®s a direct bearing on the launcher vs. caslketr
off. Also small satellites (and especially micrafofpico/femto satellites) are built quite differgnt
from larger satellites, because they are built #mfwithout propulsion, appendages, etc.), congract
and sometimes using components of a lesser qualitye 10 provides a distinction of small satedlite
partly based on data taken from [Surrey].
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Table 10:

Satellite classification

Class Mass [kg] Cost [M$] Time [yrs]
Large and medium heavy >1000 200 5-15
Small 500-1000 40-80 2-3
Mini 100-250 20 2
Micro 10-100 10 1.5
Nano 1-10 1 1
Pico 0.1-1.0 >0.1 <1
Femto <0.1 NA NA

The satellites below 1000 kg are sometimes refetcedinder the common denominator “light
satellites”. In addition, large satellites are ddased to include:

» Heavy satellites: Mass > 3500 kg

* Medium heavy satellites: 1000-3500 kg

Depending on the vehicle to be designed and/ospleeific mission, you may decide on other, more
fitting/narrow, distinctions between spacecraft.

At the early stages of design, maybe you do noiwkwbether a kick stage is needed or whether the
spacecraft is large or small, but that does nollyrgmatter. What matters is that one develops

sufficiently accurate methods to quickly determihe main features of the spacecraft under design.
Such methods then will allow for quickly going tbigh many different design options. By comparing

the designs, the ‘best option’ can then be seleftieturther study. Below the method advocated in

the present work is described in more detail.

3.2 Vehicle properties to be calculated/determined/established

Next step in the design is to decide what are #tecle properties of interest. Typical propertilestt
need to be determined for judging the feasibilita @pacecraft include a.o.:

* Vehicle total mass and size (to see whether tlseaesiitable launcher available)

* Vehicle power (to see whether the required powezlteare doable)

* Vehicle cost (to see whether we stay within thecalted budget)

* Vehicle reliability (to see if the mission successbability can be guaranteed)

» Development risk (data is generally not widely &lale)

* Vehicle configuration

* Etc.

Depending on the needs of course also other pagasredn be included.

3.3 Method for spacecraft preliminary sizing

In the next few sections, we will present a method estimating a number of important
characteristics of spacecraft. Characteristicsuthelsuch parameters like spacecraft launch mass,
spacecraft power, spacecraft size, cost, relighdlitd risk. The method as presented uses a migfure
analytical and statistical estimation relationshiplext to presenting the method we also aim to
explain why the various parameters are of imposgasad to define the various parameters in more
detail.
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Launch mass estimation

Launch mass (in combination with the target orist)critical for launcher selection. In addition,
launcher selection greatly determines the launsh. dtypically we have a cost per kilogram to LEO
in the range 10 k$ - 100 k$ per kilogram [NRC]. BEO, this cost is a factor 2-3 higher.

When studying mass figures from existing spaceavafiearn that many different mass items (each
with their own definition) are distinguished. Faisiance when considering a spacecraft in launch
configuration, it may consist next to the spacddtsélf of a kick stage (KM) or service module (§M
see for instance Figure 4, and a launch vehiclpdgload) adapter (LVA), see Figure 10.

Figure 10: Payload adapter (courtesy RUAG)

Of these, a kick stage is a propulsive stage
connected to the spacecraft. It essentially
consists of a large rocket engine, fuel tanks and
a navigation and communication system. Its
purpose is to give the actual passenger
spacecraft an extra kick needed to reach its final
destination. Once at its destination the kick stage
separates and the actual spacecraft starts
operations. The LVA provides for a physical intedebetween the launcher and the spacecraft and
ensures that the spacecraft is properly connedeithe launcher during launch. An overview of
different masses related to spacecraft is givelraivle 11 together with their definitions.

Table 11: Some vehicle mass definitions

Term Definition
(Vehicle) launch mass (VLM) Gross vehicle mass phass of kick stage (if
applicable) and mass of launch vehicle adapter (LMA
Vehicle injected mass (VIM) Vehicle mass just afteparation from the launcher.
Gross vehicle mass minus mass of LVA
Vehicle gross/loaded/wet mass Total vehicle mass (sum of dry mass of vehicle and
(VWM) propellant mass) plus mass of kick stage (if ajppli€e)

Vehicle on-station mass also referreéd otal vehicle mass when arriving on-station, ire. i
to as vehicle mass in orbit or vehicle target orbit when starting operational life.

mass Begin Of Life (BOL)
Propellant mass Mass of propellants

Vehicle dry mass (VDM) or net mass Gross vehiclssmainus the mass of propellants,
pressurant and other liquids (e.g. coolant).

Vehicle empty mass (VDM) Vehicle dry mass plusdeals; VDM and vehicle
empty mass usually are fairly close

Vehicle mass End Of Life (EOL) Mass of vehicle atl®of operational life. mission

Payload mass (PLM) Mass of useful load

Mass of spacecraft bus or platform Vehicle emptgsmainus payload mass

Vehicle structural mass ratio Ratio of spacecraff imass to gross vehicle mass

Vehicle propellant mass ratio Ratio of propellamtssito gross vehicle mass

The launch mass of a spacecraft of course incltitespacecraft itself, but may also include the
earlier referred to adapter device and/or kickestétgfollows:

|\/lL:NISC-'-'\/IKM-'-I\/lLVA [l]
As in many cases a kick stage is not present, seelalve:

ML =Mg+M [2]
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Notice that in case a kick stage is present, plapeheeded for maneuvering is loaded on board of
the kick stage. When no kick stage is present pinigoellant should be loaded on board of the
spacecraft itself and hence a different mass mesult

So to estimate launch mass, we need to estimameapdt and kick stage (or service module)
wet/gross/loaded mass and LVA mass. This will baugofor the next two sections, where the first
section deals with spacecraft mass estimation lamdecond with the mass estimation of kick stages
and LVA.

A) Spacecraft wet/gross/loaded mass estimation

Various methods exist for estimating spacecrafigress/loaded mass. The most simplest method is
to consider that spacecraft wet mass, also refdoems gross mass, Begin of Mission (BOM) or
loaded mass. can be estimated based on payload angssThe reasoning being that with an
increased mass of the payload also the vehicle itsdswill increase. Another method is by taking
the sum of dry vehicle mass, i.e. the vehicle neasfuding propellant mass (and other expendables)
and propellant mass. The rationale behind therlatiethod is that surely empty vehicle mass and
propellant mass will change when payload mass awmnbut by estimating propellant mass
separately, we can also take into account thetedfespacecraft life and more importantly a chaimge
the destination (target location) of a spacectadimpare for instance the European developed Venus
Express and Mars Express vehicles mentioned ineTablhich have quite distinct destinations, but
for which the dry vehicle mass only changes slighflehicle mass is more different though, because
of a change in target planet.

Hereafter, we will describe the two methods meribim the foregoing in some detail.

Method A: Estimating wet mass based on payload malgs

In this method the wet mass of the spacecraf}M is estimated based on known payload mass only.
Typical relations providing spacecraft wet (onistat mass for various types of spacecraft are given
in appendix C. In Figure 11, some of these relatioave been plotted for comparison. The term on
station mass is used here to denote that the eafmiats is considered for the vehicle when on statio
i.e. in the target orbit.
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Figure 11: Wet mass versus payload mass for variougpes of spacecraft

The figure shows that for each of the vehicle tyiesloaded mass increases with payload mass (as
could be expected). The results also confirm thgomtance of considering different relationships for
different spacecraft with deep space probes shoigigest gross mass (for a given payload mass)
over the full range plotted. Note that unlike faeg space probes and (unmanned) entry vehicles the
range of payload masses for Earth Sats is muclerldugp to about 2000 kg), but for clarity only a
small part of the range is plotted here.
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Method B: Estimating wet mass based on estimatingnéss and propellant mass separately
In this method, spacecraft wet mass is determinedumnming spacecraft dry mass and propellant
mass according to:

(M SC)Wet = (M SC) dry + M propellan [3]

So this method comes down to determining vehigfentiss, also referred to as empty mass, net mass
or mass at burnout, and propellant mass. althoegfmtcally they might not be all exactly the same.
For now, this difference is neglected. This is d&sed in the next few sections.

Vehicle dry mass estimation
In case payload mass increases, it is logical peexthat also vehicle dry mass will increase. léenc

vehicle dry mass generally is estimated by assuraifigear relation between vehicle dry mass and
payload mass:

payload

(Msc) gy =@M gt b [4]

The values of a and b are constants that depetitealype of vehicle and the mass range considered.
Various such relationships are collected in Appendi A comparison of three relationships to
estimate dry mass of Earth satellites is proviageBigure 12.
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Figure 12: Comparison of 3 relationships for estiméing dry mass of Earth Satellites

The figure shows that even though all 3 relatigpskpply to Earth satellites, the results for omeé a
the same value of payload mass can be quite ditfeAdso note that the relationship provided by
Brown is only valid up to about 400 kg payload mastereas the relationship provided by
Zandbergen is valid up to about 2000 kg payloadsmiasr the SMAD relationship no such range is
given. In Table 12 the estimated results are coetpéor the ERS-1 spacecraft to the actual value as
reported on [eoPortal Directory].

Table 12: Comparison between predicted and actnahthss for ERS-1 spacecraft.

Brown SMAD Zandbergen Actual value
Payload mass [kg] 888.2 kg 888.2 kg 888.2 kg 888§.2
Dry mass [kg] 4263 kg 2958 kg 2171 kg 2066.4 kg

It clearly shows that the Brown relationship fotimgting dry mass is significantly off, thereby
demonstrating the danger of using relationshipsidetthe range for which they have been developed.

Propellant mass estimation

Propellant can account for anywhere from a veryllspaation to as high as 35-45% of a spacecraft’s
wet mass, depending more fundamentally on the dediifude, design lifetime, and stabilization
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scheme of spacecraft. The required propellant roassbe estimated using the rocket equten
given in Equation [5].

Av:wtlh(l\l\/l/l"j ~ (Av), = wn(A) [5]

With:

_Mo
Ay [6]

e

Here M, is the vehicle mass at start of the maneuver anthdivehicle mass at end of maneuyers
denoted as the vehicle mass ratio and w is theteféeexhaust velocity of the rocket. For detaifs o
the derivation of the rocket equation, you arerrefito the Section on “Launch vehicle trajectdries
in AE1110-Il. Using:

M 0o~ M et M propellant [7]
We obtain (depending on whether initial mass isikmaor final mass):
M pogetin = M o (1-€") 8]
or:
M propellant — M e (eAV/W _1) [9]

The first step toward estimating propellant masestablishing a delta \A¢) budget. This budget
includes allowances for orbit injection, drag comgegion, attitude control, and deorbit at end fef i
Typical values foAv can be found in the annex A. Next step is tocteahee type of rocket system to
be used as this greatly determines the effectivea@st velocity of the system, see propulsion
subsystem design for more details. Typical valdesaket exhaust velocity for spacecraft propulsion
are:

o Primary propulsion: 2200 m/s - 3200 m/s
o0 Advanced primary propulsion: 10000 — 20000 m/s
0 Secondary or Reaction Control System (RCS) propul€00 m/s - 2200 m/s

Example: Consider a 1000 kg heavy satellite that teadeliver adv of 2000 m/s. In case we equip this
vehicle with a propulsion system with an effecéxbaust velocity of 3000 m/s, it follows using the
rocket equation a mass ratio of 1.95. This meams$ # end of this maneuver, the satellite mass$ is
reduced to 513 kg. Propellant mass expelled is #009)- 513 = 487 kg.

Some spacecraft have to conduct various maneusehshaving its owiyv requirement. To calculate
the total propellant load required, the delta-v toe maneuvers may be summed provided that the
rocket exhaust velocity for all maneuvers remaliessdame. In case different systems (with different
exhaust velocity) are used to conduct the varioaseuvers, one need to carefully consider the order
of the maneuvers to be calculated.

Sometimes one makes a distinction between largecuvans, like orbit insertion, which are being
carried out by some main or primary propulsionaysaind small maneuvers, like drag compensation,
attitude control and station keeping, which areiedrout by a secondary propulsion system or the

® The rocket equation, sometimes referred to as Kmisky's equation, was first derived by Konstantin
Tsiolkovsky in 1895 for straight-line rocket motianth constant exhaust velocity. Later it was shdhat it is
also valid for elliptical trajectories with onlyitral and final impulses (impulsive shot).
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reaction control system. This is because the def@r large maneuvers is reasonably well known,
whereas for small maneuvers they are less well kn@w, to estimate the propellant mass for the
large maneuvers the method described earlier carsé@. RCS propellant mass can be estimated in
an identical way, but as the RCS propellant maseelatively benign (up to about 10-11% of
spacecraft wet mass as compared to the earlierionedt 35-45% of total propellant mass when
including main maneuvers), an alternative methotlyisusing an RCS propellant mass estimation
relationship like the one given in appendix C. Téationship is plotted in Figure 13 and is valicco

a spacecraft wet mass range of 500-2400 kg.
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Figure 13: RCS propellant mass versus spacecraft wmass

B) Kick stage mass and adapter mass estimation
In agreement with the calculation of spacecraftankigk stage mass is considered as the sum of kick

propellant (from propellant budget) and kick stdggmass:
M = (M )oy + (M), [10]
(Mg )Dry =17.5% of(M p)KM ; % range is 10-2¢ [11]

Relation [11] indicates that kick stage dry mass ithe range 10-25% of propellant mass carried on
board of the kick stage. In case no further dakaeswn, it is advised to use the mid-range pergmta
value (here 17.5%) to estimate kick stage dry nfmsfurther info, see launch vehicle design).
Propellant mass is estimated using the same methéar the spacecraft. The only critical thingds t
determine how much of the velocity change is tayiven by the kick stage and how much by the
spacecraft itself. Some further info can be obtiwben discussing launcher design.

Adapter mass:
* From [SMAD]:

M s =1-2% of injected mas [12]

e From [Brown]:
M . =0.0755M + 50 M _ isin the range 200-350Q [13]
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Power estimation

Spacecraft power estimation is important as thaired power determines/drives to a large extent the
mass and size of the solar array. The mass andfsilae array are important for the calculatiorthef
Mass Moments Of Inertia of the spacecraft, seer,latdbhereas the size of the solar array also
determines whether we should opt for body mouneztifarray or for a deployable solar array design,
see also later.

Typical power estimation relationships are providedappendix C. Some (low payload power)
relationships are plotted in Figure 14 over thaimge of validity. For high payload power they are
plotted in Figure 15.
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Figure 14: Total electric power versus payload powefor various S/C types (low power regime)
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Figure 15: Total electric power versus payload powefor various high power S/C types

Results again show the differences that exist bstvike various spacecraft types. So make sure you
select the proper relationship.
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Size estimation

Spacecraft size (or volume) is important to deteevat an early stage in the design, as it musivallo

for accommodating the payload and the spacecradt fituin the launcher. Spacecraft volume and
solar panel surface area (needed for wing design) e estimated using the earlier determined
spacecraft mass and power estimate.

The volume of the spacecraft body is estimatedgusin

V = (M S/C)WEI [14]
Yo,

With p is spacecraft mass density. The latter is detewnusgng known envelope size and mass of

existing spacecraft, assuming that the vehicle nsahemogeneously distributed over the spacecraft

envelope. For instance:

« Large spacecraft (([SMAD], 75 S/C, 136 kg < totalssia 3625 kg): 20-179 kgfraverage is 79
kg/m®

« SmallSats (18 S/C, dry mass < 300 kg): 200-1000kgiverage is 338 kg/fn

Once the volume is determined, spacecraft body felkews once the basic shape of the body is

determined. Typical shapes of spacecraft includersp cylinder, rectangular, octagonal, etc. For
instance, assuming a cubical body, we obtain a bodgr dimension as given in Equation [18].

1/3
L, =V*orL, :(Mj [15]
o

For instance, for a mass density of 64 Kyfoliows:
L, =0.250M " [16]

This relation is fairly easy to remember.

Now that the linear dimension of the body is deteed, we can easily determine the body area of
importance for drag, and solar pressure force taloun. It follows:

A=L [17]
Solar array area#and solar array mass,Man be estimated using Equations [18] and [19]AB
P
= 18
A P, [18]
P
M, :P—:0.04EIP [19]

With:

A, = array area = array length x array height (ahraight usually depends on spacecraft height,
length may be distributed over two or more wings)

« Psis power density, which in SMAD is given a valug=P100 W/n.

* Py is specific power, which in SMAD is given a valoie25 Wy/kg for standard solar panel.

Notice that values of power density and specifiw@oalso can be determined based on data collected
from comparable vehicles. Values given above applypacecraft in Earth orbit using standard
Silicon panels @ 1 AU. Values for other panel typas be obtained from the section on electrical
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power subsystem design in Chapter 6. Values fagrafistances to the Sun can be determined using
Equations [20] and [21], With d is distance to 8xpressed in AU.

P :1d—020 [W/m?] [20]

25
P, =23 Wikl 21

Notice that when a spacecraft moves away from Edothh power density and specific power
decrease. This is of course because the availalde power decreases with increasing distance.
Besides distance also the type of solar cell usedam effect on specific power and power density.
For a discussion on the effect of selecting otledirtgpes, see chapter 6.

Cost estimation
Spacecraft cost include development cost (one-timénvestment cost) and production cost. In
general, we can write:

Ctotal = Cdevelopment+ NOC productio [22]
And:
Csc - Cdevelopmem-'-NN EC productiol [23]

Here C refers to cost and N is number of spaceprattuced. G, gives the total cost of N spacecraft,
whereas & gives the cost per spacecraft. One typically fimat with increasing numbers produced
of some spacecraft the cost per spacecraft desie@seailable cost information allows for integral
cost estimation, meaning that the cost estimaterapasses both development and production cost.
For now, it is assumed that all costs determindd fay the development and production of a single
spacecraft. How to take into account costing ajdaseries of spacecratft is for further study.

Cost tend to increase with the size of the spafte€@ast data shows that spacecraft cost are in the
range from 0.1 M€ for a simple Cubesat to well 0560 M€ for a large complex spacecraft, see
Table 1 and for spacecraft with a dry mass in rat32350 kg can be estimated using:

0.839

Csc=0.353L(Mg ), [24]

The above equation gives spacecraft cost (in M§¢aFiYear (FY) 2000 money) as a function of

spacecraft dry mass (in kg). The reason for usinygmass is that propellant cost, even though
propellant mass can be quite large, is usually gemgll as compared to total vehicle cost. Hence, in
that sense, vehicle dry mass is much more repsandf vehicle cost.

To convert FY2000 money to FY2013 money, we havéake into account inflation. In general,
inflation is a measure for the rate at which theagal level of prices for goods and services ingis
and, subsequently, purchasing power is falling.iiktion rises, every dollar will buy a smaller
percentage of a good. For example, if the inflat&te is 2%, then a $1 pack of gum will cost $irD2
a year and so on. More in general, we find thairfiation correction factor can be expressed as:

# of years

Infl =(1 + inflation rate/ yj [25]

For instance, when taking a period of 12 yearsaamphflation rate of 0.02/year (2%l/year), we obtain
a factor of about 1.268. A complicating factor higttinflation rates may vary from year to year. In
that case the above simple relation is not to lee.us
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Figure 16, taken from a 1996 NASA study, shows i§jpespacecraft cost (i.e. spacecraft cost per unit
of spacecraft dry mass) of a number of scienceespatft in relation to spacecraft dry mass. The
figure shows two trend lines both with appreciatdgéa spread. The first one is that for NASA’s main
line of spacecraft, which shows specific cost ia tange 150.000 — 450.000 $/kg and that the larger
values are applicable for smaller spacecraft. Thisxplained by that in terms of engineering small
spacecraft can be as demanding as larger spacdmmafas for larger spacecraft all equipment is
heavier, this leads to lower cost per kg.

The second (linear) relation applies to missionth wpecific cost below roughly 100.000 $/kg. Here
smaller vehicles seem to cost less than the lamges. This is explained by that for this categbey t
spacecraft are designed much simpler, for instdayceelecting no propulsion and so on, thereby
reducing complexity).

RAND/MRA54-2.5

D.6

il e e s s R R

& | v Planetary missions

i B Astrophysics, space physics,
G 3 Lz N ____________J ﬂﬂd ear{h SCiEI'ICe miss:ons

Spacecraft cost perunit mass (FY96 $Mkg)

0 1,000 2,000 3,000 4,000 5,000
Spacecraft dry mass (kg)
Figure 16: Effect of size on specific cost of sciea and planetary spacecraft [Sarsfield]

An explanation for the increasing specific costtmapacecraft mass is that the larger the spacecraft
become, they tend to become more complex.

Example: Cost estimation
Consider the cost of a new EO satellite with a naEsBE000 kg. Using the cost estimation relationship
given in Appendix C for EOsats, we obtain a vali@k®.4 M$ in FY 2000 money. For comparisgn,
equation[24], gives a cost estimate of 116 M$. This then detrades the inadequacy of the latter
relation to estimate the cost of this EO satellite.

In case we are dealing with a science spacecrajtifé 16 could be used. For a spacecraft with a mjass
of 1000 kg we estimate a specific cost of 230.0MaD0 $/kg which leads to a total spacecraft obst
230-240 M$ in year 1996 money. Correcting for itila, see [SMAD, Table 20-1], we find this is equal
to 245 — 255 M$ in year 2000 money.

Spacecratt life

Spacecratft life is important as we need to be htietermine how long the vehicle can be active and
how long it can be stored (inactive) on ground rorspace. The active life of a spacecraft is also
referred to as operational spacecraft life. Datawshthat the operational life of a spacecraft can b
from up to 7-8 years for LEO spacecraft to 10-18rgdor GEO spacecraft. Over this period, we need
to consider that the harmful space environmentigt@e, small particle impact damaging the solar
panels, etc.) cause ageing, for instance of ther gainels, and as of ageing will lead to an ineéas
failure rate. Now the goal is to obtain a reasomadbliration of the operational life with some
probability of occurrence. This typically transkt@ato a reliability figure, see a later sectioor, the
given life duration.
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Some spacecraft are kept as spares on ground amafmgice. As also some degradation takes place in
storage, it is important to limit the storage tin@urrently, existing designs show that storage gime
can be anything from just a few months up to tltepof years.

Development time

The time needed to design and develop a spaces@énerally referred to as the development time.

Knowledge of realistic development times is neestethat one can estimate when the satellite will be

available for service and for ordering a launch aetting a launch date. Some spacecraft, take

roughly 10 years to develop, like very complex iiplenetary spacecraft and science spacecratft,

whereas others take only a few years to build/agvek the spacecraft is based on an already existin

spacecraft with just a few modifications or is av&mple spacecraft.

The whole of the spacecratt life from definitiordaieasibility studies to operational usage and@&nd

life is referred to as the spacecratft life cycler further distinction and to control the developrmnef

a space vehicle, ESA considers the following phas#se life cycle:

» Phase O/A: Definition and Feasibility studies, vdiera valuable and affordable mission is
defined, a feasible solution is generated and feahaupport studies are performed in parallel to
the generation of a feasible system

* Industrial competition to design and develop thecegraft

» Phase B: Detailed design and team build up wheranpayload is optimized, the spacecraft
design is tentatively frozen, building blocks apedfied, spacecraft performances are refined,
and the industrial team is build up through a cdtitige process.

* Phase C/D: The spacecraft is developed, assemtdsttd and qualified for flight, i.e. the
spacecraft is produced.

* Phase E: Operational usage.

Figure 17 shows the various phases distributednme.t Each phase is ended with a review to
determine whether it is worthwhile to start the tnglxase or not. Generally the phases in a lifeecycl
follow one after another, but sometimes some of ghases run partially in parallel. This is for
instance to reduce development time.

Phase A Phase B . Phase G Phase D Phase E
Pre- Design Definition Design Development Operations

| Y " V- VA Y
__ PDR CDR FRR, / EOM

1 Concepts, Analysis, Trade Studies I Desion Laonch

| | Prod Drawings_|

POR = Preliminary Design Review Fabrication I

COR = Critical Design Review ATLO

FRR = Flight Readiness Review P

ATLO = Assembly Test and Launch Operations '——”_l

BOS = Mission Operations
EOM = End of Mizsion
Figure 17: Typical phases in the life cycle of a sgecraft and their distribution in time

To estimate S/C development time it shall be clear data on the phases in the spacecratft lifeecycl
shall be collected for more or less comparableepaét.

Data on development time shows that developmemt tanges from just a few years up to 6 years for
highly complex spacecraft (for space launchersay mven be up to 10-12 years.). Looking in more
detail into how this total development time is disited over the phases A to D, we find that phase
may take 1 month up to a few months, whereas pBageically takes about 15-30% of the time it
takes for the phase C/D. The duration of phase @iatly depends on the complexity and the
uniqueness of the vehicle. It must be clear thathall and simple satellite relying on the use &f of
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the-shelf technology can be built faster than gdacomplex satellite requiring highly advanced
technologies. Typical phase A, B and C/D duratiamsgiven in Table 13.

Table 13: Typical values on development phase durat

Phase Duration
A 1-3 months
B 4-24 months (typically 15-30%
of phase C/D time)

C/D

Commercial GEO communications S{G0 months

Science S/J 36-72 months
Reliability

Most items do fail at some point in time. Also sparaft do fail. For instance, GSFC (Goddard Space
Flight Centre) reported in 2003 a total of 439 aabes for a total of 62 large spacecraft orbited
successfully. Of these anomalies, 2% had a majeatastrophic effect, 13% a minor effect and the
remainder a negligible effect. Another researcl31d small satellites inserted successfully, showed
that 293 (95%) operated successfully until endfef |

As defined earlier, reliability (R) of an enginaegisystem is the probability that this system peno

its intended function satisfactorily (from the vigeint of the customer) for its intended life under
specified environmental and operating conditiorikeWwise, for a large number of systems operating
under prescribed conditions, the reliability is egivby the ratio of systems still operating after a
specified time period or number of uses (cycles).

Likewise, we can state that the probability of dea! (F) of a spacecraft during the mission life is
given by:

R=1-F [26]

Example: Reliability and failure probability estitea

Say that we launch 1000 spacecraft. After 10 yeatg 200 spacecraft are still operating. In thatsea|
we find that the reliability of these spacecraftdiorvive a mission life of 10 years is 0.2 (or 20%o)
Additionally, it follows a failure probability oveahe 10 year mission life of 0.8 or 80%.

Reliability of some item depends on its failureer@), i.e. the percentage (or fraction) of items fajli
per unit time/cycle/launch or in FITS (total numinéfailures of an item in fthours; FIT = Failure
In Time) [SSE]. Mathematically, this translateint

Wy Y e g
dt Y,

Here y is the total number of items operating gt @me time and yis the initial number of operating
items. For a given failure rate it follows for tradiability”:

R=e"™ [27]
From Eq.[27], we find that reliability depends dre tperiod we are considering and of course, if we

consider a shorter period, fewer items will havikethover this period than when considering a longe
period.

" In case the failure rate is given in number diif@is per use cycle, the time t in relation [27idplaced by the
total number of use cycles during its life
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Failure rate data of some item can be obtained gerating large numbers of this item and then
keeping track of how many items fail per unit ohéi or per number of used (cycles).

Example: Reliability estimate based on failure rate
Using the earlier reported GSFC data, of 439 anoesafor 62 operating satellites in one year apd
focusing on the 2% serious failures only, we firitGserious failures per spacecraft per year. Udlnig
failure rate, we find a reliability R =8**1%= 0.25 for a 10 year mission.

Hence the probability of a single spacecraft sungva 10 year mission is 0.25 or if we have 1000
spacecraft operating at any one time, 10 years latdy 250 will still be operating.

Typical values for spacecraft reliability are irettange 0.5-0.9 with typical lifetimes from 5-7 y®a
see also the annex B. Typical values for spacetadfire rate are in the range 0.056-0.139 serious
failures per spacecraft per year and depend ocdhwlexity of the spacecraft (complex spacecraft
fail more often than simple spacecraft) and thdityuaf the materials/components used.

A single system may consist of multiple items ovides that can fail. The failure rate or FIT rafe o
such a system can be predicted by the sum of tlhecfd | T rate of each of the devices in the system

Atotal = Z Ai [28]

Here the various devices in the system are deritatle subscript “i”. For instance for a spacecraft
consisting of a payload and the spacecraft bul,itee failure rate of the spacecraft can be emtas
the sum of the failure rate of the payload andh& bus. Using Eq.[27], it can be shown that
spacecraft reliability follows from payload reliityi and bus reliability and vice versa according t

RSC = RPaonad DRBu: [29]

Eq.[29] actually means that for the spacecraftgerate, both the payload and bus should function
correctly. If one of the two fails, it means thesecratt fails.

Another important point is that if we have 1000l same (non-repairable) items, than the number
of items that fail increases with time. Hence ,afeillity is time dependent.

Reliability is basically a design parameter anddeemust already be incorporated into the system at
the design stage. It is an inherent charactergdtithe system, just as is capacity, power ratirrg, 0
performance. The simple theory based on constdntdaate presented in this section is considered
suitable for use during the preliminary design etagf a project. However, the success of the method
depends on the failure rate data available or geeer

Some words of caution to the above:
* EQ.[27] is only valid in case:

o Failure rate is constant in time. Unfortunatelystis not always the case. Typically we
find that especially at the start and end of ld&uire rates can be higher, due to e.g. infant
mortality and burn in and (excessive) wear. S@V][is a very useful relation for
preliminary analysis in the early design stages.

o Failure rate of the various components of a systeenindependent from each other. In
real life, some failure of some component may &sal to failure of another component,
this however is not considered here.

» Above relations are limited to non-repairable syste For repairable systems the analysis
becomes more complex

* To improve the reliability of some item, we needrtprove its failure rate. This can e.g. be done
by carefully controlled production/manufacturingdasmssembly and integration. Another way is
by incorporating redundancy, i.e. the use of bgeklevices that take over if the original device
operating fails.
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» When determining failure rates, it is importantuttambiguously determine the cause of failure.
Causes of failure can be various, including dedajlure, operator failure, failures due to the
environment and other failures. The importanceetédnining the cause of failure is because in
case of an operator failure and or failures duexcessive environments, it is actually not the
device that fails, but the conditions under whicis iexpected to operate are violated. Nobody can
expect a mobile phone to still operate after midhiag it. So when determining the failure rates
of some device, first the design and operator fadwas well as the failures due to the environment
need to be removed. The remaining failures can bgensed to come up with some failure rate
for the device under investigation.

Development Risk
Development risk is related to design and developifalures. Risk is probability of failure (F) tes
consequence or severity of failure (S):

Risk= FOSeverit [30]

For estimating development risk, the probabilitydef/elopment failure has to be estimated as well as
the level of severity. For preliminary analysis,ually three levels of severity/probability are
distinguished:

e Low
e  Medium
* High

Development risk tends to be high for new satepitejects requiring highly advanced technologies
and low in case we use off the shelf technologydse of high risk, it is important to have adegquat
project reserves (in terms of for instance fundd acheduled time). At low risk project reserves
usually are 10% or less. At high risk, project ress are > 25%. So for a low risk project, we
generally add 10% of money or development time aiaersure that we do not end up without having
sufficient money and/or scheduled time.

To determine high risk items use can be made of@abled risk map. This is a graphic method that
allows depicting the risk of various elements thetke up the system. For illustration, Figure 18
provides a risk map of 4 vehicle concepts that ¢dé pursued to perform the mission. Clearly
concepts A and E provide highest risk. This cowddobcause for these concepts we need to develop
both a new payload and a new S/C bus. The otherepts are less risky, which might be because of
re-use of some well-proven bus and/or payload. Eletypical questions to be answered when
determining the risk level is whether the S/C talbeeloped is a completely new S/C or that it reuse

an existing payload and/or S/C bus. .

Concept E ~— Highest risk
Corcept A |

Concept C /

Concep _,/

Probability of failure

Concept D Severity

Low Medium High
Figure 18: Risk map
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Insurance rate/cost

Because of the high cost of spacecraft, spacearaftor launcher failures tend to have high cost
consequences. The risk of failure of a spacecrafiuncher can be determined using equation [30]
taking F as the probability of a launch/spacecfafture and the severity S as the cost of a
launch/spacecraft failure. To cover these conseampseimsurance can be bought at the expense of
some additional cost, but with the assurance thiheispacecraft or launcher fails, the insuredevé
reimbursed. Typically the insurance rate is slighigher than the risk as also the insurance cognpan
needs to make a profit. A first estimate for theurance cost can be obtained using:

Insurance= 0.17901G, . [31]

This equation indicates that insurance cost onameeis 17.5% of the insured value. This is on the
premises that in case of a launch failure mostdaenproviders guarantee a free replacement launch.

3.4 Example sizing

In this section an example is given on the sizihgroEarth Observation spacecraft, but the method
can also be applied to the sizing of other spatietr it that, depending on the spacecraft, dsifier
estimation relationships are to be used.

The following inputs are used:
» Payload data:
o Earth observation camera
0 Mass: 300 kg
o Power: 280 W average, 790 W peak
0o Dimensions: 1.5mx1mx0.5m
* Mission data:
o Life 10 yr
0 Maneuvering4v = 800 m/s (incl. 100 m/s for margin + reactioneeh unloading)
0 ESA mission
* Launcher data:
0 Maximum diameter under fairing: 3 m
0 Vehicle is injected into final orbit by launcheg, 80 separate kick stage is needed.

Example estimation of S/C properties:

1. S/C on-orbit dry mass is estimated using the orit ally mass estimation relationship from Brown
(see appendix C). It follows a vehicle dry masasbmiut 1440 kg

2. Propellant mass follows frordv of 800 m/s and selected propulsion system. Sejeitir the rocket
exhaust velocity w = 3000 m/s we find a propeltaats of 440 kg and a total vehicle mass of 1880 kg

No separate kick stage needed (direct launch)

Adapter mass is calculated using Eq.[12] or [13orFhow we use [12] and select an intermediate
value. It follows Mya = 1.5% of loaded S/C mass = ~ 28 kg

The launch mass can now be determined and amaufti0 + 440 + 28 = 1908 kg

Spacecraft power is estimated using SMAD powetiogldor large spacecraft taken from appendix C.
As payload power is on average 280 W, this giviesah operating power of 1.85 x 280 W =518 W

7. Spacecraft volume follows using an average spattedemsity of 79 kg/fn The value of the mass
density is an average number derived for large speaft, see the reader, page 30. This gives 1908/79
= 24.2 ni. Given the maximum diameter of 3 m of the laundhéollows a spacecraft height of 3.42
m (i.e.774 x ¥ x 3.42 = 24.2 ). Note that here we have determined spacecrafivelbased on total
launch mass and not say loaded spacecraft masseingg of all, the difference is only small, bhtst
way we also take into account the dimensions/dideed_VA.
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Solar panel area is 518 W / 100 Wi/m5.2 nf ~ 2 (for two wings) x (3.42 x 0.76)m
Solar panel mass: M= 0.04 (518 W) = 20.7 kg
10. For the body moment of inertia (kgPmwe find using Equatiof83]:

l,=0.01M %° = 0.01( 188P"° = 286Kg - n?
This value can later be used to design the attitatdrol system (see later section).

Note that when using the more exact relation [3&hw. = L, (body linear dimension) and, =
(M) it follows a MMOI for the cubic vehicle of 2596ng This is a difference of about 10-15%.

11. Cost estimate is determined using the relafit]. For a dry mass of 1468 kg (including the LVA), we
obtain: 0.3531 (1468f*°= US$ 160.2 million (FY 2000)

12. Development time is estimated usihgble 13 Text indicates that for science missions pha¢e C/
typically ranges from 36-72 months. Taking the meane, we find for the C/D phase a duration of
54 months. To this we add 20% (11 months) to takedccount the phase B and 3 months for the
phase A. This gives a total duration of 68 monttsbout 5-6 years.

13. Reliability estimate. In section on reliabilityig mentioned that spacecraft failure rate typicaslyin
the 0.056-0.139 serious failure/SClyr. Using a ealar the failure rate of 0.08 (slightly better tha
average), we find a reliability of 0.45 for the tapd lifetime of 10 year.

14. Risk estimate. Assuming that the payload is alredebeloped and that we only have to develop the
bus, it is clear that the highest developmentigsielated to the spacecraft bus. For this, we 258
of total cost, which leads to a risk estimate &858 million (FY 2000).

15. Insurance cost: Insurance cost is estimated basdeigure 23 which indicates an average insurance
rate of 17.5 % of the insured value. Question iatvthe insured value is? We could take of course th
cost estimate determined under point 11, but therfiorget that this cost estimate includes more than
just the production cost of the vehicle. For nowagsume production cost is about 50% of the total
cost (remaining cost is development cost). As altrese obtain a total insurance cost of 0.175%X.
US$ 160.2 million = US$ 14.0 million (FY 2000 money

In this example, a simple sizing of a spacecrafjddformed using simple relations. Of course the
outcome will vary depending on the estimation refethips used and the assumptions made. Still,
when using proper relationships, the results tencbhverge. If not, one should look into other ways
of determining first estimates.

Another important limitation in the ‘design’ methoded here is that since it is based on using prior
art (i.e. historical data), we must realize thas tthesign method holds limitations for vehiclesttha
incorporate lots of new technology. For instancereakthrough in technology can lead to a quite
different result in terms of mass, power, etc.thar design at hand.

3.5 Quick-look spacecraft configuration

An important activity in spacecraft conceptionasdraw out a quick-look configuration as it allows
for getting a first idea of the overall shape, siw®l geometry of the spacecraft and for allocating
space to the payload(s) and the spacecraft bus.qvest-look configurations should be considered,
being the launch (stowed) and in orbit configunat{tully deployed). The main issue for the launch
configuration is that it must fit within the laurehand that its appendages are stowed so that#mey
survive the launch loads.
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Launch configuration Cruise configuration

Figure 19: Different configurations of a typical sm@cecraft (Bepi Colombo), courtesy ESA.

For the cruise or in-orbit configuration it is inmtent that the solar array can be directed towhed t
incident solar radiation, while also allowing fooremunications and or correct pointing of the
payload when needed.

Initially simple sketches will do, like the onesosim in the next figure, but some measure of the siz
of the spacecraft (its main dimensions) shall lberiporated.

78'8

Figure 20: Simple sketches showing spacecraft cogfiration options
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In later stages of the design the drawings willdmee much more sophisticated also allowing for
internal lay-out of the spacecraft as well as amsnthrusters, solar arrays, and attitude sensors.
Steps in developing a configuration

» Define body axis frame and decide how body axisesyss oriented wrt to orbit reference frame
(origin orbits with CoM of spacecraft with z-axi®ipting to planet about which the S/C is
orbiting).

* Locate Sun.

» Draw out the payload instrument(s) and their figfidiew.

» Identify best location with respect to the bodysasystem for the payload.
» Allocate volume for the spacecraft bus. Two optioright be considered:

= Payload and platform are two separate items thatirgegrated right before launch. A
modular design allows for the instrument also tochaied on a different mission without
large redesign. Only the bus needs to be redesigned

o Payload and platform are highly integrated. Thisegally allows for a much more compact
spacecraft, but design changes might turn out tebgcostly.

» Select body shape and architecture.

» Sketch a ‘quick-look’ deployed configuration fory@ad, solar arrays, and communications
antenna even when no sufficient information is labée yet.

» Sketch a ‘quick-look’ stowed configuration and fi&yload inside stowed static envelope and
identify available bus envelope & volume as welliaterface plane with launcher or launch
vehicle adapter. Indicate size (diameter) of iatest

» Find stowed locations for deployable appendagegpankage larger components.

» Assess high-level subsystem requirements suchedd @f view; identify potential problems
(when possible).

» Calculate spacecraft's mass properties.
* Release configuration for detailed subsystem traddsanalyses.

» Continue to develop configuration with feedbackirsubsystem trades.

Example: Size determination

Suppose we have estimated a body volume of 8.68ssuming a cubical shaped body, this gives a bédy
linear dimension 1.79 m. In the next table resaftsgiven for three basic shapes as to illustratrteffect.
All shapes have identical volume and fit in a ajical shaped payload volume of diameter 2.54 m.

Shape of ground plane | Square Cylindrical Hexagon
Area of ground plane 1.79m x 1.79 m = 3.29 m 774 x ( 2.54 nf)= 5.05 nf 4.84 M
Height of geometry 1.79m 1.12m 1.17m

From this example it is clear that the cubic shapelicle requires largest height for storing thesgcraft.

Estimate mass properties

Mass properties estimation is about the locatiothefcenter of mass (CoM), the principal axis @f th
vehicle and the mass moments of inertia (MMOI) dldtbe principal axis of the vehicle. A proper
determination of the CoM is important to limit didbance torques and hence for the control of the
vehicle. The mass moment of inertia plays muchstirae role in rotational dynamics as mass does in
basic dynamics, determining the relationship bebnaegular momentum and angular velocity, torque
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and angular acceleration. In general we find thatlarger the moment of inertia about some axis the
more effort is needed to rotate the vehicle abbist axis. For more details, see later in this lectu
series (ADCS). For now we just focus on determirtimese properties for some simple bodies. As a
first estimate, the CoM can be taken at the gedmegnter of the body. This though is only valid in
case the body is of a homogeneous mass distribution

Example: Center of Mass determination
You are combining a rectangular payload box withseaf 400 kg, sides of 4 m and height of 2 m with a
cubical spacecraft bus of mass 1200 kg and heiglt on. The payload is placed on top of the
spacecraft. At what height is the CoM of the comthispacecraft from ground?
Solution:

1200a= 400{ 3-a) - a= 0.751

The height above ground level in that case is 75

The principal axes are often aligned with the otgexsymmetry axes and have their origin in the CoM.
Mass moment of inertia relations about the princgas for various bodies can be obtained from the
annex E.

For instance for a cubical body of mass M (homogasly distributed) and linear dimension L
follows for the body moment of inertia (kg3n
1 2
[, ==—IM [L [32]
6
Assuming a body mass density of 79 kij(mrealistic value), we obtain:

I, =%[M {0.233M “)2: 0.0IM 92 [33]

In case spacecraft mass density differs from tlwelassumed value and in case of different vehicle
shapes (cylindrical, sphere, etc.) the relatioraninex E allow for calculating the appropriate esalu

Mass moments of inertia

For ADCS it is not the MMOI of the body alone tlimimportant. We should also pay attention to the
contribution of appendages and deployable itemss@&htems substantially can increase the MMOI
of the complete spacecraft as usually these iteawe b large distance to the CoM. A first estimdite o
the effect of a solar wing on the MMOI can be aitai using Figure 21.

L /)

Y —
ﬂ%% 175

Y X

Figure 21: Schematic spacecraft representation famass moments of inertia calculation

First we estimate solar array mass and size ubmgelations [18] and [19]. Next we compute:
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Area Offset (m) is distance of CoM of an array @w\MCof body:

Y2
L, 3n +—1(ij [34]
2 2\ 2

Moment of Inertia (kg-ff) perpendicular to array face:

= (Lf +ij M, [35]
12

Moment of Inertia (kg-rf) perpendicular to array axis:

A
| =|L2+— |IM 36
ay ( a 24) a [ ]

Moment of Inertia (kg-ff) about array axis

oA, -
24

The Equations [28] to [31] are exact in case:

S/C body is of cubical plan form with CoM in geonetenter

S/C is equipped with two identical arrays on opteosides of the spacecraft

Solar array is of square plan form with CoM in gedric center

To prevent shadowing of the solar array the leogthe yoke holding the array away from
the S/C body is taken equal to the S/C body length.

Plane of array coincides with y-z plane of S/C Xisas perpendicular to plane of array) with
z-axis parallel to array axis.

PwnE

o

For background info on mass moments of inertia (MMs@e for instance Engineering Mechanics by
Meriam & Kraige, 1993 or http://emweb.unl.edu/ndogmifem373/note18/note18.htm

Example: Spacecraft MMOI
In this example the MMOI about the principal axishe spacecraft introduced in the example on
page 40 are estimated.

Inputs (see results from page 40):

Spacecraft mass (excluding LVA) = 1880 kg

Spacecraft linear dimension = 2.876 m (S/C is asslinubical with mass density of 79 kij/m
Solar array area = 5.2 f

Solar array mass = 20.7 kg

Solution:

Body moment of inertia is calculated usipg11/6 ML It follows a body MMOI of 2593 kdm
Area off set=1.44m +2.88 m + (5.299= 5.12 m.

MMOI about S/C body x-axis (perpendicular to arfage) = (5.12 + 5.2/12) x 20.7 = 553 kg
MMOI about S/C body y-axis (perpendicular to areagjs) = (5.12 + 5.2/24) x 20.7 = 549 kgm
MMOI about S/C body z-axis (parallel to array axis|5.2/24) x 20.7 = 4.5 kg

This gives for the deployed S/C MMOI:

e 1y= 1+l = 2593 + 553 = 3146 kgfn

o ly=1p+la=2593 + 549 = 3142 kgfn

o 1,= 1+ l4=2593 + 4.5 = 2597 kgfn

ouA~wNE
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3.6 Budgeting and design margins

Budgets are lists of elements and a numerical ailoe of resources like time, money, volume, mass,
power, etc. to each. In spacecraft design, we gépdrave budgets for:

Budgets are used to ensure that all of the elenagataccounted for and are not counted twicest al
allows for setting proper margins. The latter decamt for uncertainty in the estimated resources,
which in the early phases of a project are simplysges based on overall system estimates (top down
approach). Taking proper margins will leave room goowth resulting from design definition and
development without the need of major redesign. tmset proper margins will be discussed later in

Mass

Size/volume

Cost

Power and/or energy

Reliability

Risk

Propellant needed per manoeuvre
Etc.

some more detail.

An example mass budget is given in Table 14.

Table 14: Example mass budget

Venuys Express Mooy Budper

Bower

Propulsion Svstem
Commmmications
Dats Handimg System
ADCE

Smcnme

Hamess

Thermal

Payload

Total Dry Masg
Dy biass bargin

Esomated Dy hiass

Fual Mas

Fuel Margin
Fusl Mergn
Estimated Fuel Mass

Estumated Total Mass

158
2%

2

194

433

kg
kg

kg
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Budgeting generally requires the collection of dnit data on mass, power, size, cost, reliability,
failure rate, etc. of the spacecraft and its sulesys. Once this is done, the data needs to be
elaborated upon to allow for generating budgets,later. Preliminary or early budgets usually are
guesses based on overall system estimates andamjligreatly as the design evolves. Later budgets
will become more stable, will be used to monitod &oentrol the progress of the design, and will be
the subject of substantial negotiation. Ultimatdiyidget numbers will need to be validated by
measurement, test, or analysis to ensure thaytterns will meet its specifications.

Hereafter, a simple method is described for det@ngia first budget for some spacecraft design
related parameters based on historic data usingftrementioned top down approach, i.e. working
from the highest level downwards. Before we sthdugh, it is again stressed that we should be
careful to apply relationships based on historitadawhen completely new and/or advanced
technologies are considered for which little or information is available. Still when doing so,
appropriate margins (see later section on settiagims) should be taken.

Budgeting for mass
In this section we discuss the generation of aspaft mass budget.

Mass budgeting starts with collecting mass datapafcecraft that are of the same category as the
spacecraft we are designing. In particular we aterésted in the mass of the various subsystems in
relation to vehicle dry mass. Once the mass data aamilable we generate subsystem mass
relationships e.g. by averaging or linear regresslb is important to realize that the mass data
themselves are not important, but rather the masissr or mass percentages for the various
subsystems. In general we consider that for a ldhjgh mass) spacecraft the mass of some
subsystem may be higher than for a small (low msgagecraft. However, if the vehicles are more or
less comparable, then the mass percentages aexpetted to change greatly and this assumption
provides the basis for budgeting.

The next table gives an example of typical massqueages obtained for a range of (more or less
identical) spacecrdft The table provides percentage of spacecraft stérsy(dry) mass in relation to
total spacecraft dry mass. The table also incliedesw providing for each subsystem the average
(percentage) value and a row providing the (samgtg)dard deviation.

Table 15: Mass percentage data table

Spacecraft Percentage of Spacecraft Dry Mass hy Subsystem
Name Payload| Struct. | Thermal | Power | TT&C| AOCS | Propul.

1.|FLTSATCOM 1.5 26.54 | 19.26 1.75 38.53 | 2.98 | 7.01 3.94
2.|JFLTSATCOM 6 26.38 | 18.66 1.99 39.39 | 299 | 6.77 3.83
10.|GPS Blk 1 20.49 | 19.85 8.70 35.77 | 5.84 | 6.16 3.61
15.|DMSP 5D-2 29.85 | 15.63 2.79 21.48 | 2.46 | 3.07 7.42
16.|DMSP 5D-3 30.45 | 18.11 2.87 28.97 | 2.02 | 2.92 8.66
Average Values 29.1 21.0 4.2 28.8 4.2 6.0 5.1
Standard Deviation 6.2 3.3 3.1 3.6 1.6 2.1 2.7
Avg. % of Payload Mass 100 72 14 99 14 21 17

Based on the average percentages subsystem estimaftionships can be derived. An example of
how to generate a mass budget is given hereafter.

8 Note that not all data collected are includechimtable. The full table can be found in appendix D
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Example: Generating a mass budget

In this example a mass budget is generated fosplaeecraft introduced in the example “Sizing of an
Earth Observation spacecraft’ using the data preddnTable 15.

Inputs (see results/inputs from above referredzimg example):
Spacecraft dry mass = 1440 kg

Payload mass = 300 kg (~21% of S/C dry mass); iaiss is considered to hold no uncertainty.

Solution
1. As afirst step, we compute bus dry mass. It fallawus dry mass of 1440 kg — 300 kg = 1140 kg.
2. From Table 15, we learn that structures is on ager21% of S/C dry mass. This is 21%/70.99
29.6% of the dry mass of the bus. 29.6% of 1146 R§7 kg.
3. Result for the various subsystems are given inhing column of the next table:
Subsystem % Subsystem | SSD Subsystem mass
contribution | mass minus margin
Structures 29.6% 337 kg 47.5 kg 303 kg
Thermal 5.9% 67 kg 44.6 kg 60 kg
Power 40.6% 463 kg 80.6 kg 415 kg
TT&C 5.9% 67 kg 23.0 kg 60 kg
AOCS 8.5% 97 kg 30.2 kg 87 kg
Propulsion 7.2% 82 kg 38.9 kg 74 kg
Miscellaneous | 2.3% 26 kg 24 kg
Margin - - - 117 kg
Total 100% 1140 kg 1116 kg
4. The result in column 3 is without taking any mariito account. To determine the margin, we f

It is noted that:
The row miscellaneous has been added to ensuretdteds add up to 100% and 1140 kg. Thig i

calculate the SSD for the various subsystems. itance, for the TT&C system thable 15 shows &
standard deviation of 1.6% of S/C dry mass or 001840 kg = 23.0 kg. The results for the variq
subsystems can be found in the column 4 of theeatmhle. Taking the mass estimates of
subsystems as independent estimates, see apperdinllews a total SSD (see page 176) of 117
Subtracting this SSD from 1140 kg gives a mass088 kg to be budgeted. For the structu
subsystem this is a mass of 0.296 x 1023 kg = §03He subsystem masses excluding the marg
117 kg are given in column 5.

because the percentages in table 13 do not add tpQ@% (Verify).
For the margin calculation we have settled for IESBut a higher margin may be taken to reduce
probability of a costly redesign in case mass efgpacecraft becomes too high.

Results need to be adapted in case also the maswmes] for the payload holds some uncertainty.

this example, it was assumed that the payload isasell known and holds little to no uncertainty.

rst

DUS
the
kg.
res
in of

As an alternative to averaging the mass percentagesnay also use regression analysis, provided
that we can identify (at least) one parameterhhata noticeable effect on the percentage value.

As can be seen from the example mass budget ialteT 4, we need to add the propellant mass to
obtain the spacecraft wet mass. Sometimes also wi#Eses are included in the mass budget, like the
apogee kick motor (if needed) and the mass ofdlaetar. This is, for instance, when the mass budget
is needed to permit eventual launch vehicle choice.
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Budgeting for power, size or volume, and cost

The same method as used for the generation o$tanfsss budget can also be applied to for instance
power, volume and cost budgeting. To give you allstart, we have collected related budgeting data
for various types of spacecraft in appendix C. Aamaple power budget is shown in Table 16.

Table 16: Example power budget (adapted from MS&exraft [Haines])

Element Nominal conditions (W) | Peak (W)
Payload (SEVIRI) 166 324
Payload (S&R + data communications) 154 154
Antennas 12 12
Command and data handling 62 62
AOCS 20 20
Thermal control 38 50
TTC 32 32
Total Power 484 654
Total with 6% margin 513 693

This example shows the power that goes to the wargubsystems. Not included as an element
though is the electric power subsystem itself. lostrdesigns, the EPS requires a lot of power as
energy is needed to charge the batteries, but@is@ke up for losses induced in the system.

Reliability budgeting

Reliability budgeting is a bit peculiar as compatednass, power, volume and cost budgeting. For
reliability, this is because it also depends on lifee of the spacecraft. To allow for reliability
budgeting, we need to know the S/C failure ratethecpercentage failures of each of the subsystems.
Once these are known, we can use [21] to compaeteelfability of the various subsystems. Typical
such percentages are given in Figure 22.

Orbital failures in all spacecraft subsystems

40

35

30

Percentage number of failures
(a5
o

0 T T

RCE MoE A EPs Mechanism TT&C PR Thermal

SIC subsystem

Figure 22: Spacecratft failure rate data per subsysim

From the reliability of the subsystem then alsor#lmbility of the spacecraft itself can be castel.
Using:

R=eZM = ¢ =R [38]

In words it means that total reliability followson the product of the reliability of the subsystems

Of course this total reliability should meet thesgcraft reliability requirement.
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Example: Reliability budgeting

Consider a spacecraft bus with a reliability of @.8ver a 10 year design life. Using R ERwe find

an allowable spacecraft bus failure rate of 0.0X@Bures/yr. The reliability of the RCS system can

now be determined as follows.

s From the figure it follows RCS makes up 16% ofs4C failures. Given the total failure rate of
0.0105 failures/yr it follows for the RCS a failuage of 0.00169 failures/yr.

= Over a 10-year period RCS reliability must be betten or equal to R.410) =
0.9833

= Other systems: Values are calculated likewise aichented in table

é-0.00169 x 10)_

The calculation is slightly more complicated inea® AKM and PKM are foreseen in the design. In
that case we first must correct the percentage puwibfailures of the RCS for the absence of AKM
and PKM. In this case the influence of the AKM @KM is limited as their presence is limited, but
in case we leave out mechanisms, the consequenwects more pronounced. This though is left for
self-study.

An example reliability budget is given in Table 17.

Table 17: Example reliability budget [Chen]

Element | Reliability
C&DH 0.9147
ADCS 0.9127

EPS 0.9131
TT&C 0.9325
RCS 0.9858
TCS 0.9989
Total S/C 0.7019

Risk budgeting

To allow for risk budgeting, we need to find out &very item in the budget the probability of fadu
(high, low or intermediate). Next we determine ttomsequence of the failure in terms of schedule
delay, or cost over-runs. Once a risk budget iabdished, it becomes feasible to generate a first
estimate of project reserves (in terms of costsnmdule) needed.

Example: Risk estimate
Suppose that for 5 out of 6 subsystems performacarede met quite easily using existing equipment,
but for the one remaining subsystem, we need tososee items that have a very low level|of
development. Assigning values to the probabilityadtire, like 10% in case of a low probability arjd
40% in case of a high probability and combiningsthiith data on development time and cost allows us

to estimate the risk in terms of cost and schedblgpose all systems cost an equal amount of mpney
(each costing C) and assuming that the risks candmsidered independent, it follows for the SSB, |se

annex E, section on dealing with uncertainty:

2
ssD=|5x( 0.0¢ « 0BL =045
As total vehicle Cost is 6C, we find that the SSN59 (0.45C/6C) of the total vehicle cost. Sodo b
98% sure that the project will not be short of fapde need to put about 2 x 7.5% = 15% of the total
money available in reserve. The remaining moneytioan be given out as constraint to the development
of the various subsystems.

The same exercise can also be performed for thela@went time. The result can then be used to
generate a schedule with sufficient built in martgiguarantee some end date.
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Propellant mass budgeting

Propellant mass on board of spacecraft can be ligite When looking for mass reduction, it is good
to have an insight in what manoeuvre’s require rpogpellant as a few percentage savings on a large
amount of propellant mass may be much more easilgraplished than a large saving on a small
amount of propellant. To generate a propellant rbagget, one should go through the following
steps:

* Generate a list of requirgsly per manoeuvre. A list of typical values for vaisomanoeuvres
can for instance be obtained from

» Select type of propulsion system to accomplish itenoeuvre and determine specific
impulse (or effective exhaust velocity) for thiopulsion system

» Use ideal rocket equation to convAxtto propellant mass

Adding design margins
Design margins or contingencies are needed to dthowgrowth resulting from design definition and
development.

Design margins can be applied to mass, power, etist, be it that for different parameters différen
margins may be used.

A common definition for design margin applicableriass, power and cost is:
Design Margin=Total Capability = CurreBest Estimat [39]
The margin in % is the margin divided by the tai@bability times 100 %.

Example: Design margin (1)
You have contracted for a launcher capable of ldimg a S/C of 1000 kg in a low Earth Orbit. The
spacecraft currently being designed has a launcbswd 964 kg. The design margin for this spacecraft
is 1000 kg — 964 kg = 36 kg or 36 kg/964 kg = 3.7%.

In the early phases of a project wherein our estima are not really accurate, it is wise to set th
margin(s) not too low as it may force you latertie project to carry through extensive design
modifications. For instance in case we have untierated launch mass, it may be necessary to
consider selecting a more capable, but also mgrerssive launcher.

From [Brown] we learn that a committee of the AlA¥as reviewed industry-wide historical data
from numerous projects and has generated recommiensidor the contingencies to be applied for
amongst others mass, and power depending on tigndasase. For instance, for a completely new
and unique spacecraft in the mass range of 500-R§G0 contingency of 20% is customary for the
conceptual design phase. Some further data caoumal fin the work of Brown. In general though,
design margins:

= are largest for completely new S/C designs

= decrease with increasing design maturity

A more basic way is to use available data on SSBE¥ to determine appropriate margins. In case
we know the sample standard deviation (SSD, whemaaing) or the Standard Error of Estimate

(SEE; when using regression analysis), we may usé&mnown SSD or SEE to generate an estimate
for the margin to be applied. In case that the @ataes are normally distributed about the average,
we find that 68% of all probable outcomes are rarage of +/- 1 SSD (or SEE) about the average and
95.8% of all probable outcomes are in a range o2+$SD about the average. In case of a single
sided confidence bound as for example when consglepacecraft mass, we could select a margin
equal to two times the SSD (or SEE) to ensuredhbtin 2.1% of all cases the vehicle will turn out

too heavy. Notice that we do not mind if the spaafds much lighter as this usually can be easily
corrected for. But a spacecraft being too heavyush more difficult to correct for. Of course if we
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would like to be even more certain that the spadeavill not surpass some value, we could take a
margin of 3 SSD.

Example: Design margin (2)
Suppose we have determined a mass estimate (MABPOfkg with a SSD of 12% (or 12% x 2000 kg =
240 kg). To limit the probability of the final massing higher than the originally estimated massag
97.9%, we should design for a vehicle mass of Z488nd hence our mass margin is 480 kg or 480/2P00
x 100% = 24%.

For background information on SSD, SEE and confiddrounds, see appendix E.

3.7 Some notes on data collection and data analysis

Collecting data from comparable vehicles

Generating estimation relationships for spacecpaéiliminary and conceptual design purposes
including preliminary budgeting may require theledlion of historic data on mass, power, size,
reliability, etc. of the spacecraft and its subegs. This is especially the case when no suitable
estimation relationships are available.

Appendix B provides for a handy collection of spae#t data that can be used for deriving estimation
relationships. These data have been mostly cotldoben open sources, like:

» Jane’s spaceflight directory

« The internet, for instandetp://nssdc.gsfc.nasa.gov/nmc/SpacecraftQuery.jsp

Note that collecting appropriate data can take idenable time/effort. Also there is the possibilaty
misinterpreting data and even of erroneous datainstance, in case of a deep space probe that next
to instruments also carries a lander on board. fiuress whether the lander mass should be
considered part of the payload or not? So befdesngiting determining an estimation relationship we
should:

» Check for credibility of data source. Design reppESA and NASA publications, etc. are more
credible than for instance an article in a locavsaper or a marketing folder. However, even
when the data source is credible, errors shouldeaixcluded.

* Check for erroneous data; even when source isldegdirrors should not be excluded. A typical
example is a typist that makes an error when typirtge data for instance by typing the decimal
separator after the wrong digit (consider typing ihstead of 10.0). To check for erroneous data,
it is best to plot the data and identify clear ieufl. Such outliers should then be investigated to
determine the reason for why the data is pecufidranly then should one decide to omit the data
or not. Make sure that one writes down the reasoorhitting any of the data.

» Check if data collected is representative for tiedicle currently under design. As indicated
before, launcher data should not be used to deaigatellite and vice versa. Also, it is
guestionable whether we can mix data for nanoigatelvith data for very heavy satellites, etc.

» Check if definitions for the variables used areniital. Does total mass mean launch mass or just
wet S/C mass?

» Check whether subsystems are defined along idétities; For example, (parts of) the TT&C
subsystem may be included in the (communicatioagload, and guidance and navigation either
as part of the AOCS or the TT&C system.

Analyzing the data
Once we have collected the necessary data, wetadranalyzing the data. Two important methods
are:
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* Analogy or system similarity based estimating: Astiraatingtechniquethat uses the values of
parameters, such a®st budget and duration or measures of scale such as size, mass, and
complexity from a previous, similactivity as the basis for estimating the same parameter or
measure for a future activity. It is frequently dde estimate a parameter when there is a limited
amount of detailed information about the projeag.(dn the earlyphase¥ Analogous estimating
is a form ofexpert judgmentAnalogous estimating is most reliable when thevimus activities
are similar in fact and not just in appearance, Hproject teammembers preparing the
estimatediave the needed expertise. Analogous estimatiomeapplied essentially at any level
of detail in the system and for any parameterjtthas low fidelity.

» Parametric estimating refers to an estimation tieglenwhich is based on the premise is that
changes in the value of a main variable (for examphyload power) are closely associated with
changes in some other variable(s), like total Mehgower or vehicle cost. Parametric estimation
relies on the use of relatively simple statistiaallysis methods, like regression analysis, to
compress large amounts of data into more easiiyndated summaries, which still provide the
user with a sense of the content without overwhedniiim/her. The most widely used summary
statistics are _regression curve that provides foast Likely Estimate (MLE) and standard
(percent) error of estimate (SEE). Even simplethes use of the arithmetic mean (or equally
weighted mean), hereafter referred to as averadestmdard deviation. One valuable aspect of
parametric estimating is the higher levels of aacyrthat can be built into it depending on how
sophisticated the original data that was built itlte estimate turns out to have been. A good
understanding and an ability to determine meanvanidnce or standard deviation of a data series
is considered essential for this course. Some suynmérmation on these terms is found in
appendix D.

Both similarity based and parametric estimationunequs to collect data of more or less similar
designs. Hence, when designing a lander vehiclemigdt consider collecting data from lander
vehicles and not say orbiter vehicles and viceaie®f course, when sufficient data is available, we
might make further distinctions. Important is aleaealize that the amount of data to be collecigd
well as the analysis effort to be spent generallizighest in case of parametric estimation. Sh#,
latter method has preference, because of its graateiracy and because less expertise is heeded for
generating estimations (more student friendly).

To illustrate some of the methods above we wilcdss some examples below. We will start by
showing the usage of the arithmetic mean and stdrakviation in estimation and then move on to
regression analysis.

Estimation based on using arithmetic mean and stathdeviation

Table 18 provides data collected from literaturee Would like to use this data to estimate RCS

propellant mass. Two ways can be looked into ptapemass as a function of loaded mass or as a
function of dry mass. So we are looking for a fetatwherein RCS propellant mass is given as a
function of dry mass, i.e. it is assumed that R@ellant mass is a fixed percentage of vehicle dry
mass.

Mges = AIM [40]

dry
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Table 18: Mass distribution of selected satellf@8AD], [SSE]

Spacecraft Orbit Loaded Mass  Propellant Mass* Das#
Name (kg) (kg) (kg)

1. FLTSATCOM 1-5 GEO 930.9 81.4 849.6
2. FLTSATCOM 6 GEO 980.0 109.1 870.9
3. FLTSATCOM 7-8 GEO 1160.9 109.0 1041.9
4. DSCsII GEO 530.0 54.1 475.9
5. DSCS I GEO 1095.9 228.6 867.3
6. INTELSAT IV GEO 669.2 136.4 532.8
7. INTELSAT V GEO 1008.0 173.0 835.0
8. INTELSAT VI GEO 2237.0 430.0 1807.0
9. TDRSS GEO 2150.9 585.3 1565.7
10. GPSBIk 1 MEO 508.6 29.5 479.1
11. GPSBIk 2, 1 MEO 741.4 42.3 699.1
12. GPSBIk 2, 2 MEO 918.6 60.6 858.0
13. P80-1 LEO 1740.9 36.6 1704.4
14. DSP 15 LEO 2277.3 162.4 2114.9
15. DMSP 5D-2 LEO 833.6 19.1 814.6
16. DMSP 5D-3 LEO 1045.5 33.1 1012.3

*Propellant mass is mostly for attitude and orloihizol (RCS propellant)

For the data in Table 18, we find an average R@pgilant mass of 10.5% of spacecraft dry mass
with an SSD of 5-6%. When assuming a normal distidim of the data, see appendix E, this means
that roughly 95% of all predicted values are withid-12% (twice the standard deviation) of the

predicted value. So for a 1000 kg dry mass, we 8inRCS propellant mass of 105 kg. With a 95%
probability, the actual value is a value within®2.117.6 kg. That is how accurate it is!

Now when collecting data the issue might arise ow Imany data points are to be needed. For
instance when taking only the first data point,lveee a value of 0.096, when adding the second, the
mean value is 0.111 and so on. The issue is whasiatistically meaningful number? This question
will be dealt with in another course. For nowsiidvised to use at least 10 data points.

Another approach is to determine a weighted avebggiividing the sum of propellant masses by the
sum of all dry mass. This however, is not considérere and is left for further studies.

Another example of how averaging has been usedetermiine an estimation relationship is the
relation [31]. This relation has been generatedgitiie insurance cost data as shown in Figure 23 fo
the period 1980 to 2002. Again, it is obvious tiet average value only tells part of the story tad
from year to year large variations may occur. Tepahke into account these variations, again the
SSD may be used. A very approximate determinatioesgan SSD of 5.5%, meaning that 95% of all
interest rates are in the range 6.5 — 28.5% (aeeralye + 2 times SSD).
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Figure 23: Insurance rates [Futron, 2002]

Estimation using regression analysis and SEE

Besides simple averaging, we might also use reigresanalysis to determine relationships.
Regression analysis is a statistical process tonasng relationships among variables. It allowsd
multitude of relationships to be considered othent just the simple averaging discussed in the
previous section. For instance, we may also conside-linear relations, but also relationships weher
the dependent variable is a function of a multitdeindependent variables. Details on linear
regression will follow in a later course. For nome will limit ourselves to the use of for instance
Microsoft Excel to determine relatively simple reggion relationships. When using Excel to generate
regression relationships (trend lines), the datastnfirst be plotted in a graph. Generally the
independent variable is along the x-coordinate,redee the dependent variable is taken along the y-
coordinate. Once the data are plotted, we cantsileadata in the figure and then add a trend line
from a number of options. Options include lineawpr, exponential, logarithmic and polynomial. A
typical example of a trend line plotted in a dataurfe is given in Figure 24. Below, we first dissus
the regression line itself. Following, we will diss the data spread about this line.
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Figure 24: Gross mass of some planetary spacecraft

The relationship found is referred to as estimataigtionship and in this case it is a Mass Esiionat
Relationship (MER). The value estimated for a givefue of the independent variable x (here the
payload mass) is referred to as Most Likely Esten@lLE). Notice that other than for a linear
relationship determined based on averaging, hereuhve not only has a slope, but also an intercept
with the y-axis different from zero.
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When comparing the actual data with the regredsienit follows that there is a considerable sprea
of data about this line. Reasons for the spreadhaten reality spacecraft mass does depend oe mor
parameters that just payload mass. Consider ftarins the effect of launch loads and size (not Jnass
of payloads on spacecraft mass. Now accepting pinead as being real (no data errors), it is
important to have a measure for how well the resjoascurve fits the actual data. A figure of merit
used in Excel to determine the goodness of fités value (R-squared value). The closer this value
is to 1, the better the fit; a value of O indicatiesre is essentially no fit. No further explanatie
offered. Another more readily understandable measuthe standard error of estimate (SEE), defined
as:

2
R I
SEE \/n_mmi;(f(xi) 1) [41]
Here n is again the number of observed valuespimber of data points, m is number of parameters
estimated, yis the real or actual value and;f(@enotes the function value, i.e. the estimatddevat

the point i.

The value of “m” depends on the type of curve ugexdt.a linear curve with an intercept at y = 0 we
have m = 1 and in case of an intercept differeminfzero, we have m = 2. To further illustrate the
meaning of m, consider determining a linear retediop between y (dependent variable) and x. The
linear relation (y = ax + b) has two unknown congtai.e. the slope a and the intercept b. thisnsiea
that we need to use two data points (minimum) teesfor the two unknowns. This leaves only (n-m)
data points for determining the SEE. Now consitlat tve have only two data points. This means that
both data points are needed to generate the dtfaighBy definition then the SEE is zero.

It is mentioned that here SEE is defined in a vy the error that results can be considered tvela
error and is expressed as a fraction of the esinatlue. When multiplying this fraction with 100%,
it can also be considered as a percentage errertédson for considering the relative error instefad
the absolute error is that the relative error carctnsidered more or less constant along the curve,
whereas the absolute error varies. This is illtstran Figure 25 for the dry mass of interplanetary
spacecraft in relation to payload mass. The satid in the figure represents the MER. The small
diamonds are the data points. The data spread aheuMER is clearly visible. Now, when
considering the magnitude of the difference betwberreal and the predicted value, we find that thi
increases, with increasing payload mass. Howevieenveonsidering the relative error, this seems to
remain within certain limits. It is for this reastimt the SSE is calculated as a relative errar i
data plotted in the figure, the SEE is +44%.
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Figure 25: Interplanetary spacecraft dry mass
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For improved understanding, we have also plottedl partly dotted lines in the figure showing the
+44% range about the most likely value. Notice thlatost all points lie neatly within this range
except for 6 points (out of 23). So roughly 75%atifdata points lie between these two lines. This
agrees nicely with the rule (68-95-99.7 rule) twaita normal distribution 68% of all data pointe ar
within one standard error of the mean. For furthBarmation on this rule, see appendix E.

For now, we have only considered linear regreshims. Still, also other types of regression curves
may be considered, like logarithmic and power csinkor instance, when looking for a relationship
between mass and size of a spacecraft, it mighwibe to consider a relationship of type Mass =
(Linear dimension)instead of a linear one. In cases where no suatiaeship is known, we can also
consider relations that give a better fit to théaddut then we should not be tempted to determine
estimates for values of the independent parametgria the range for which the curve is considered
valid.

3.8 Evaluate (and if necessary iterate) design

Iterate, negotiate, and update requirements, antdrand design budgets with feedback from
subsystem designers.

* What are key requirements

o Key requirements are requirements that drive/dotmittze design. They cannot be influenced
by the designer

* What are key characteristics

0 Key characteristics are parameters that describat whe design looks like, have large
influence on cost, development schedule, and raskd,can be influenced by the designer.

Evaluation can also be used to get answers on epaiéof the following questions:
* Is launcher capable of delivering spacecraft inrddorbit?

» Does spacecratft fit in launcher?

» Is spacecraft within cost constraint?

» Is spacecraft feasible within the time allotted?

» Is development risk acceptable?

» Can we make the spacecraft sufficiently reliable

» Etc.

Key for the success of the method described indbéaiment is in identifying the spacecraft type and
selecting ‘comparable’ vehicles. For instancehdlkbe clear that a space launcher is quite differ
from a satellite orbiting about Earth and hencesleuld not aim to use data taken from a space
launcher to predict satellite properties and vieesa. Best is if we design for instance an orbitext

we compare it to other orbiters and so on.

Depending on the vehicle to be designed and/ospleeific mission, you may decide on other, more
fitting/narrow, distinctions between spacecraft.

In addition, if we are not able to answer thesestjars positively, then we could ask ourselves why
not and how our design should be changed to actievgoals set.

3.9 Problems

A number of problems for exercising upon are awddélavia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook availibla the TU-Delft online print shop. Of this
workbook also an electronic copy is available ackboard.
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4 System level sizing

The spacecraft bus is traditionally divided intsubsystems as given in Table 19 and Figure 26 (see
also AE1110-11), and each one has a specific jabdfion) to do. Systems associated with the main
functions have the advantage that work on systeansbe done relatively independent and allows
good control over the realization of the functiohbe principal advantage to a traditional appraach
that this is the way most organizations and thepeetise are structured. Note that navigation and
orbit determination are used interchangeably, glsglance and orbit control. With the introductidn o
LightSats, extensive on-board computing, and autmus operations, the traditional allocation of
S/C functions is changing for newer satellite desig

Table 19: Spacecraft subsystem [SMAD] (see alsalA@-1l)

System Principal functions Other names
Adjust orbit and attitude Manage
angular momentum

Propulsion Reaction Control System (RCS)

Guidance, Navigation
& Control (GNC)
Attitude Determination Attitude determination and Attitude Determination and Contro

Orbit determination and contro Orbit Control SystéOCS)

& Control (ADCS) control, Spacecraft pointing | System (ADCS) or Control Systen
Communications Ground communication Tracking, Telemetry & Command
Spacecraft tracking (TT&C)
Command & Data Command processing Data Spacecraft Computer System
Handling (C&DH) processing/formatting Spacecraft Processor
Thermal Equipment temperature contrgl Environme@tahtrol System
Power Power generation/distribution Electric Posgstem (EPS)
Structur(_es & Support structure, Booster Structure System
Mechanisms adaptor, Other moving parts

Bus Sizing Code

‘ Orbital Parameters |

4 OUTPUTS
S = A Paramater Unita
guesses | [ P
Surﬁysn-err olumes : m*
‘Subsystem Powers Watis
Inputs Subsysiem Costs 5

INPUTS

Outputs>

Paramater Valusg uUnliz
Slew rae 02-1 degEec
Pointing Accuracy a21-10 deg
Payioar power 30-70 Wwatts Thermal
Fayioad mass 20-20 kg
Fayload command rae | 1000 —10.000 ops Structure
Pafioad teemelry e | 100010000 | bps Evaluate Entire Loop 3 times for
Cownlink rate 100 - 10,000 Kope :
solution convergence
Subsysem modularity Yes or ne

Figure 26: The spacecraft design process

In the next few sections, we will discuss the niogiortant spacecraft systems in detail. For each
system, we discuss:

* What they are for (main functions)
» Key (design) issues
* Fundamental design relationships

* How the system looks (what elements make up thesyswhat major design options exist and
possible configuration issues
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4.1 Structures and mechanisms

Some of the material offered in this section iselda®n the material discussed in the course
Introduction to Aerospace Engineering Il.

Why structures?
From [SSE] we learn that the main function of theigtures system is to provide support and to
ensure the overall integrity of the entire spadéciamore detail, this means to:

» Ensure the proper shape of the spacecraft (prelegatmation)
» Provide for hard points for mounting of equipment

» Provide interconnect to launcher and or other Jebic

* Provide handling hard points (hoisting, transpartgt

» Provide protection (débris, radiation, etc.)

Key design issues
Important (key) design issues for spacecraft strestare (see [SSE]):

» Ability to withstand loads

o Natural frequency sufficiently high to avoid respoa between launcher and spacecraft
(stiffness)

o Strength both for tension and compression
This is important as we do not want the structanaupture, fracture, buckle, etc.
* Open structure to allow for good accessibility

* Low mass. The ratio of structural mass versus toids is a commonly used measure for how
good the structural system is:

MS
M

[0}
For a_good design the mass of the primary structirsomewhere between 7 and 10 % of
spacecraft total mass.

0=

[42]

* Materials compatible with space environment (ex&er@mperatures, presence of monatomic
oxygen, etc.). Some materials are unable to suteivg term exposure to the extreme conditions
of space.

Important design loads

The structure has to be able to withstand predeads as well as handling loads, on station loads a
launch loads. The latter are usually most imporfanthe structural design (See section 8.2.4 from
[FSS]) and include:

* Quasi-Static (or steady state) Loads (QSL), sea fopre detailed description [SSE].

» Dynamic Loads/Vibrations (induced by shocks, adosdtke the sound waves produced by the
rocket engines, etc.)

An important category of loads are the launch lod@gpical launch loads can be obtained from
various sources. An important source is_the launctemual. For each launcher typically a many page
document is available describing the launcher' saibdpies, the launch site, the launch loads, Atc.
summary document containing important informatioracange of launchers is the ESA launch
vehicle catalogue of which a copy is availablelmd¢ourse’s blackboard site.
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An example of a load diagram is given in Figurel2ghows the acceleration load (a quasi-steady
state load) during the launcher ascent. Accelardtiads are increasing towards the burn-out of a

stage as the mass of the vehicle reduces.

Time response

B.000

»
g

Acceleration {g)

e
2

00— —moos oo . #2.00
Time (seconds)

Figure 27: Typical acceleration loads during launckr ascent

Next to launch loads also other loads should bertétkto account, like thrusters that are being
activated on board or propellant sloshing or aralarixed reaction wheel.

Use of safety factors
Factor of safety (FoS) or safety factor9 is a tdascribing the structural capacity of a system hdyo

the applied loads or actual loads. They are usétttease the reliability of the structure to a¢abéfe
levels, see for instance Figure 28.

1g=1.25
Flight Limit . Test Loads
Loads W Design Lond; Qual. Loads
iy=1.1 + + jur=1.25
Yield Loads Ultimate Loads

Figure 28: Factors of Safety (FoS) for metallic stictures in case of verification by testingimit load =
Maximum load that can occur in service/flight (oer the life of the vehicle)
* jo = design safety factor
* jy =vyield load (or proof) safety factor
* ju = ultimate load safety factor
» Design load = Qualification load
* Yield load = Design load x/]

» Ultimate load = Design load ¥
FoS vary with the (type of) material used and thefication method (test or analysis only). Typical

values used for different types (manned, unmaneted, of spacecraft and different materials and

° There are two distinct uses of the Factor of Jaféhe as a calculated ratio of strength (struttapacity) to
actual applied load. This is a measure of thelyiiiy of a particular design. The other use of F®& constant
value imposed by law, standard, specification, @mtor custom.
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verification philosophies have been collected iroagst others [ECSS-30]. The next table is a typical
such example.

Structure type and FO S‘I'_for _FltJSIJ.for Additionol
i FOSY FOsU verification by | verificalion by
sizing case . 2 factors=
analysis only anaiysis only
Metallic structures 1.1 1.25 125 2.0
Composite structures,
Unifarm material 1.25 2.0
brittle
Sandwich structures.
- Face wrinkling 125 (] 1.2
- Infracell buckiing 1.25 2.0 1.2
- Honeycomb shear 1.25 2.0 1.2
Glass structures 2.8 5.0
Composite stnactures 15 20
discontinuities
Jaints and Inzerts 1.25 2.0 1.2
Global buckling 2.0 2.0
a F . . " T g E 4T T X
or application of these faclors, [Esdisee 4 517.2 d)

Figure 29: FoS unmanned spacecraft [ECSS-30]

Study [SSE] to learn about terms like reserve faetod the Margin of Safety of a structure as
measures to express the adequacy of a structuresist the loads. From the reading you should
obtain an ability to define these terms and toafm to existing structures.

Design requirements

Study [SSE, chapter 8.2].

Spacecraft structures (examples)

Figure 30 shows the structure of the MSG (Mete@stond Generation) satellite. It consists of a
central cylinder (the backbone) to which a numbeplatforms are attached supported by struts.
Other elements include lower closing support, swads, fluid tanks (pressure vessels), etc. Therlatt
are not so much important for the total load cagyéapability of the spacecraft, but still they ché¢e
carry some loads.

In general, we divide the structure in:

* Primary structure or main structure, whose purpose isaiostnit loads to the base of the satellite
through specifically designed components (centket honeycomb platform, bar truss, etc.).
This structure provides the attachment points fer payload and the associated equipment.
Failure of the primary structure leads to a congptetilapse of the satellite.

» Secondary structure such as baffle, thermal blanket suppod solar panel must only support
themselves and are attached to the primary steicthich guaranties the overall structural
integrity. A secondary structure failure is notralgem for the structural integrity, but it could
have some important impacts on the mission if ieral the thermal control, the electrical
continuity, and the mechanisms or if it crossesgatital path.

» Tertiary structure orflexible appendages such as antenna reflectors and sokys dnave
generally low resonant frequencies (0.5-2Hz) wihintlract directly on the dynamic behaviour of
the satellite and require a special care for design
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Figure 30: Meteosat Second Generation (MSG) Structe (courtesy ESA)

In the present work, we will primarily focus on themary structure (i.e. the load carrying struejur
including panel like structures (solar arrays).Uriy 31 shows some more design examples of
spacecraft structures with focus on the primanycstrre.

It shows on left a central cylinder for a large gpalatform (Spacebus-4000) being placed on tap of
payload adapter or LVA. The CFRP Central Cylindas la diameter of 1.2 meters, a height of 4
meters and weighs less than 90 kg. Total mass sigghis up to 6 tons. Figure on right shows the
primary structure of Hipparcos satellite consistiofya central cylinder to which a number of
horizontal platforms are attached supported atotiter edge by a number of struts and with LVA
attachment ring on bottom.

The following main structural elements are usuditinguished:

» Cylindrical primary structure with plates and beamallow for mounting equipment/instruments
» Cylindrical/conical Launch Vehicle Adapter

» Pressure vessels (propellant tanks)

* Boxes
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Figure 31: Spacecraft example structures

Spacecraft materials
Study the section on material selection in [SSEthis study you should aim to:
» identify important materials used
» describe important material characteristics
» explain how these characteristics affect strengthsdiffness of a structure, see also below.

Analysis

Analysing a structure can be quite complex reqgitime use of finite element methods, see [SSE].
Early in the design, though, simple methods are tsget a feel for what is important and where the
major difficulties are to be expected. To this ema, will introduce in this section a simple single

degree of freedom (dynamic) system. In doing so,wile use various relations that have been

introduced in AE1110-II.

Design for stiffness
To avoid resonance, the spacecraft should be mufflg stiff. For instance, when considering the
next case, everybody understands that the largdrake, the stiffer the structure will be.

| |

| :\i’:\ y. N

a. A small-diameter separation system makest  b. A large-diameter separation system enables a
impossible to keep the payload's fundamental high fundamental frequency for the paylead.
frequency high.

Figure 32: Effect of diameter of spacecraft separéin system on stiffness

From experience, we know that large and lightweisintictures generally have low stiffness. To
increase the stiffness of such structures we reeadd mass and/or reduce the size of the structure.
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To analyze the stiffness of some structure in gpEmvay consider the beam approximation as is

shown in the next figure (left). It may represeasttifhstance:

» S/C with mass M mounted on launcher at height L

* S/C with mass M mounted on launch vehicle adagteeght L

» S/C with central structural cylinder of height Ldawith mass of S/C concentrated in point mass
on top (this situation may seem somewhat unrealistit the results are considered to allow for a
conservative design, meaning a safe and maybee@ayhdesign)

» S/C bus with payload mass M mounted on top

x

ErL A A
: o [
)
K

Figure 33: Beam approximation

'Y

Here:

e M=mass

* L =length of beam

* A =cross-sectional area of beam

 E =Young's modulus

» | =area moment of inertia of beam (see annex Rfea moments of inertia of typical geometries)
» X = longitudinal direction

» y = lateral direction

To allow for modeling of the natural frequency, s&hematize the beam system as a mass-spring
system as shown in the same figure (right). Fromeaperience we know that when compressing the
spring and releasing it, the mass will start movupgy and down with some frequency. From the
equations of motion, a relation for the naturafjfrency of the mass-spring system can be derived (se

course AE1110-II).
. =i\/E [HZ]

k
f =.]— [rad/s
o=y [rads]

With k = spring constant. The spring constant ddpenn whether we consider vibrations in the
lateral (perpendicular to the beam axis) or lordiital direction:

« |ateral direction:

kyz? [44]
* longitudinal direction:
EA
k, =— 45
=T [45]

When designing for stiffness, one should designstinecture (dimensions and material selection)
such that the first natural frequency (Eigen fregug is much larger than the excitation frequency.
The next figure taken from [SMAD] and also presdriteAE1110-11 gives some further relations for
natural frequency (in [Hz]), demonstrating that $imaple beam approach used here (case A and B in
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the figure) gives lowest natural frequency and kealso the heaviest design. Bringing more detail in
the analysis (cases C to F) results in a reducesd wigthe structure.

Simple Uniform Complex
Case A Case B Case C Case D Case E Case F
CASE A: CASE C: CASE E:
Lateral Beam Lateral Beam Lateral Beam
mg =0 =m mg #0 =0 mg #0 b=m
3 3 = SA + ac
5:0.333(%]@ 5:0,125['"5 Jng 2
= E(O.333 m+0.125 mg)ng
{ El El El
=0. i f. = 0.560 f4=0276 [————
fa =0.276 L nat mBLs nat mL3 + 0.236m5L3
CASE B: CASE D: CASE F:
Axial Beam Axial Beam Axial Beam
mg =0 o=m mg #0 =0 mg #0 To=m
mL mgl L
§=—=n, = 8= 8 =6g+6p=—(m+0.5mg)n
£ 5 0.5( TS Jng 5 +8p AE(m 8)Ng
‘ [ AE AE AE
f.. =0.160,]— f. =0.250 fa=0160 |—————
nat mL et mpl nat mL+0.333mpL

load factor
g gravitational acceleration

n

| = area momentum of inertia of the beam’s
cross-section ;
E = the modulus of the elasticity

mg= mass of the beam (uniformly distributed)

T, = tip mass A = cross-sectional area of the beam

Figure 34: Beam deflectiond and natural frequency f.5; as function of beam and tip mass

Example: Sizing for stiffness
Consider launching a 1000 kg S/C using the Arianedket. From the ESA [LVC] we learn that the
longitudinal natural frequency of the payload mietin excess of 31 Hz. No value is known for ttexda
natural frequency.

Suppose we select for our spacecraft a centrahdgl of diameter 2 m and length 4 m as the primary
structure and Aluminum with a Young's modulus ofGRa as the main construction material. Selecting
an effective wall thickness of 4 mm, we find ferriatural frequencies of our satellite:

Longitudinal (axial) direction:
Cross-sectional area: A #rD t = 0.025 M
Spring constant; 4.4E8 N/m
Natural-frequency of this satellite:

f.=0.160/°5 = 0.16 0.025nf x 70GPa_ e 0,
ML 100Gkgx 4m

Lateral direction:
Area moment of inertia (see also annex F): &£ t = 0.0126 M
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Spring constant 4.1E7 N/m
Natural frequency is 32.2 Hz or 203.1 rad/s

Comparing the calculated longitudinal natural fremcy of the satellite with the value as specifiagell
on the launcher, we find that it is substantiallyoge. This is good, however a thickness of 4 numiie
thick, leading to a mass of the central cylinderabbut 270 kg (see for aluminum density, [SSE etabl
8.8]). Compared to the total mass of the spacedfdf00 kg) this is quite substantial. So we shaalek
ways to reduce spacecraft mass.

The launcher is very important to consider withpeet to excitation frequencies. However, next to
launcher vibrations also other sources of vibraiand the resulting excitation frequencies should
also be considered. For instance:
» Athruster that is activated shortly every 10 s dmagxcitation frequency of 0.1 Hz.
» An unbalanced reaction wheel rotating at 6000 naan excitation frequency of 100 Hz.
* Propellant sloshing may induce frequencies of or@et Hz and less (from: Orbital
Investigation of Propellant Dynamics in a large RadBooster, NASA TN D-3968

Sizing for strength (see also fig. 8.14 of [SSE])
When sizing for strength, we must consider streégsomt B and buckling load. We use the same

simple model as used earlier, but now also take mtcount the quasi-steady loads (QSL),
represented here by the product of mass M and#tefactor g (or n).

M
B L= o -

J
Ly,

The stress at point B can be calculated using:

ML
o =gy C+gxM

46
it [46]

The first term in the above relation gives thesstrdue to bending in the structure with the proadiict
gy and L being the bending moment and c is extrebre filistance (maximum height in y direction)
of the beam, whereas the second term gives thélaag (limit load). Multiplying the stress at poin
B with the cross-sectional area A gives the eqeiviadixial load, &

The equation for axial stress is:

P

—_€q
RN

[47]

Using axial stress, we can size the cylinder fokimam ultimate and yield stress using appropriate
FoS.

For buckling of the simple beam structure shownoteefthe critical load is given by the Euler
buckling load:

p=p="E
4L

Some common cases of interest (introduced in AEAADX@&n be found in the next table.

[48]
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Table 20: Buckling relations of simple geometries

Case Buckding of & sina Bucking of a panel .+.ﬂ-i. &
d_[r. i R —T
& 7
ﬁr’ i
PT tnlm -\'rlﬁ_ I
{rand L variabig) le-2R =
Characteristic 5 2B
: S z PR Y
equations (L) 5, = constant E 2_[£J i=9|L[ +g_1ﬁill
P, l_»ﬂ.d* (1-vy \w) | E \R \L/
T & T
MNomenclature | B, is critical buckling load, E is Young's modulus, L' is effective length
of sirut (column), » is Poisson's ratio, g, is elastic buckling stress, 1 is
area moment of inertia

Compare the above table also with the figure 8SI2H]. Notice that the relation for critical loadaof
strut here is expressed in the effective lengthThe value of the latter depends on the columns end
conditions. Taking L’ equal to 2L (For one end fixand the other end free to move laterally) the
relation [48] results. For a further discussion e end conditions, consult e.g. [SMAD] or
http://www.efunda.com/formulae/solid_mechanics/ouhs/columns.cfm.

Example: Sizing for strength
Consider a spacecraft with a cylindrical centradustture of length 5 m, diameter 1 m and a wallkhiess
of 0.5 mm. On top of this cylinder the payloadasaentrated with a mass of 250 kg. Given are:

«  Structure material Young's modulus E = 70 GPa,

« Ultimate tensile strengthdyimate = 400 MPa,

+ QSL: Maximum axial = -6 g (compression only), maximateral = +1.5 g,

« Design Factor of Safety is 1.25.

The maximum stress in the cylindrical structurenfpoession or tension) can be calculated using [38]:
MLc
Gy = 24 SV
| A
We first compute the design loads. We obtain:
« In x-direction: Mg = 250*9.81*6*1.25 = 18394 [N]
* About z-axis(bending load): Ml.g 250*9.81*5.0*1.5*1.25 = 22992 [Nm]
Next we compute the cross-sectional area A andgéhend moment of inertia I. It follows:
« Cross sectional area: A @x D x t = 0.00157 f and
«  Second moment of area: I7zx I x t = 0.00020 rh
Filling in numbers gives for the axial stregs= 69.2 MPa

Checking for tensile strength, we find that theabhstress occurring in the structure is well belthve limit
value for ultimate tensile stress, even when takibg account a safety factor of 1.25. In a reaseave
should also check if also the yield strength isigeht, but here no yield strength is given.

Checking for compressive strength, we find usiregréation for critical stress for a cylinder frofirable
20, a critical stress of 0.83 MPa. This is about atéa 100 below the compressive stress experienged b
the cylinder and hence the cylinder fails if noesgthened.
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Sizing for internal pressure

Pressure vessels must be sized to withstand teenattpressure. This will be dealt with in some
detail when discussing launchers. It compares thieligh with the sizing of a pressure cabin of an
aircraft. An example problem can be found in thekivook.

Mechanisms (for self-study)
Need for mechanisms:

» For deployment of solar arrays, radiators, and lodBome spacecraft are thus large that they
would not fit in the payload bay unless specificasures (mechanisms) are employed

» To allow for pointing (receive and transmit antesysolar panels, thrusters, etc.
* To allow for a scanning motion

In the design of a spacecratft, the selection ofélgeiired mechanisms to perform the desired tafsks o
the spacecraft mission becomes an important facttihhe design process. Due to spacecraft being
designed for a multitude of missions, a wide varigt mechanisms will be needed. For most space
missions there are three main mechanisms that stands the most important and necessary for
spacecraft functionality. These mechanisms are:ptndoad release mechanisms, the solar array
deployment mechanisms, and the antenna deploymeciianisms. Little is known of the final size
and costs of such devices, because most of thegedare constructed for the particular needbf t
mission. An overview of typical spacecraft mechargss given in Table 21.

Table 21: Typical space mechanisms

Solar panel deployment mechanism
To deploy the initially stowed (during launch) sol
panel

57

Solar array drive mechanism
To align the spacecraft’'s solar panels towards the
Sun
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Table 21:

continued

Pointing mechanism
For pointing of antennae, antenna dishes, thrysts
etc.

eIS

Reaction wheel

A type of wheel used primarily by spacecraft to
change their angular momentum without using
thrusters

Momentum Wheel

Used for gyroscopic stabilization of spacecraft.
Momentum wheels have high rotational speed of
around 6000 rpm.

Separation mechanism

Used for separation of a.0. YesSAT (ensures
separation velocity of 2.1 m/s). It consists oktir
preloaded springs, 3 hooks that keep the springg
place, a steel cable that holds the hooks andla ¢
cutter that cuts the steel cable, thereby releabiag
hooks and consequently the springs.

in
ab
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Table 21: continued

Inflatable solar collector
To collect a large amount of (solar) light.

Delfi-c3 hinge (development model)

Used for deployment of solar panels. It features

torsion spring capable of driving the hinge frora t
stowed to deployed position. Deployment angle i
35 degrees.

B o W

Mechanisms are usually distinguished after the rarroboperations:
* One shot devices
= Separation systems
= Pyro valves (fluid valves that are activated byitigg a small explosive charge)
= Deployment devices (for solar arrays, radiatorae$, antennas)
» Continuously and intermittently operating devices
= Solar array drive systems (for power control)
= Electric switches (for power control)
= Momentum and reaction wheels (for attitude control)
= Louvers (for thermal control)
= Control valves, regulators (for fluid flow control)

» Antenna pointing mechanisms (for communicationk ¢giantrol)

Another distinction is in the way the mechanismcfion:
* Translating mechanisms: Telescopic booms, sprimgsdacecraft separation, fluid valves, etc.

* Rotating mechanisms: Hinges, reaction wheels, maumewheels, solar array drive, pointing
mechanisms, fluid valves

» Oscillating mechanisms: Scanners
* Inflation

Key elements of Space Mechanisms include:
e Actuator (Spring/stored energy devices, motor)
* Flexible joints (slip rings, hinges, bearings, etc.
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e Sensor
« Release devices

Key issues for mechanisms are:
» Friction: No lubricants allowed???
* Energy must be stored (spring) or added to keepriking

Problems

A number of problems for exercising upon are atdélaia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook avaifaine the TU-Delft online print shop. Of this
workbook also an electronic copy is available aackboard.
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4.2 Thermal Control

The purpose of the thermal control system is tpkeenperatures of all spacecraft components within
allowable ranges throughout the mission at lowessible expense.
Why thermal control?

* To prevent overheating and under cooling (comparaam body; human body works best if core
temperature is between 36.1 to 37.8 degrees Cél€ls

0 Most equipment designed to function at Earth tempees
o0 Propellants might freeze or start boiling; battehave no capacity left, etc.

» Large temperature differences between differenéitions may cause distortion of instrument
and/or sensor alignment

» Large temperature differences over time may caaberation errors

Thermal control requirements

Requirements are needed so that we know what tgrdf®. Such requirements generally stem from
history and/or from manufacturer data. For instatice next two tables provide for an overview of
typical temperature tolerances of some spacecmftponents as well as allowed temperature
gradients and stable temperatures.

Table 22: Typical spacecraft component temperat{B&E]

S/C component Tin | Tmax | AT

() 1 O | o
Batteries 0 +20 20
Solar arrays -105]  +11( 215
Sensors (sun, Earth, magnetic field, etc.) -30 +080
Thrusters +7 +65 58
[IMechanisms 0 +50 50
On board computers -10 +5( 6(
Transponders/transmitters/receivers -40 +p0 $0

Table 23:Typical allowed temperature gradients asmperature variations for some components
limited Temperature Gradients

= AT <5°C  across optical instrument (1.5 m)
- AT/Ax < 2°C/m for structural element

= AT <B°C  between MMH and NTO tanks
Stable Temperatures

- AT/At <5 K/h for typical electronic unit
- AT/At <0.1 K/mn for CCD camera

- AT/At <100 pK/mn  for cryogenic telescope

Other requirements stem from mass/cost/power ceratidns etc. For instance, the following
characteristics can be obtained from literature

» Appearance: > 95 % spacecraft exterior

* Mass: 2 - 5 % of spacecraft dry mass

* Cost: 3 -5 % of spacecraft cost

* Power: <5 % of total spacecraft power

All above introduced values are indicative only aadtual figures should be obtained from
manufacturer or equipment specifications and anfather comparable spacecraft. Still such values
may serve to provide direction to the design, sedfter, but first we will introduce some basiathe
transfer fundamentals.
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Heat transfer fundamentals (see also physics cyurse

Heat transfer deals with transfer of thermal endérgym a medium with high temperature to a medium
with low temperature. The amount of heat transteqper unit time is usually referred to as heat
transfer rate ‘Q’ and is expressed in (J/s or Wdse we consider the heat flow per unit surface a
‘A’, we refer to this as the heat flux ‘q’ and ispressed in (J/(s-hor W/nf):

q=2 [49]

A
Heat transfer, next to work transfer, is one of tyes of energy interactions that are accounted fo
in the first law of thermodynamics. For a closedtegn you get the relation given in Equation [50].
Here Q (rate of heat transfer) and W denote the sliall the heat and work transfer interactions
experienced by the closed system.

dE
=—+W 50
Q at [50]
Different modes of heat transfer exist, each goseoy its own physical principle:
» Radiation heat transfer
* Conductive heat transfer
* Convective heat transfer

Hereafter, we will discuss the various modes inesanore detail. To simplify matters, however, we
will neglect variations in time.

Radiation

Thermal radiation is the process by which the serfaf an object radiates its thermal energy in the
form of electromagnetic waveghe higher the temperature of the object the moeggy is radiated.
The amount of heat radiated by a body is given by:

Qemitted =& |]7 DA‘DF4 = QBmitted DA [51]

* ¢ = emissivity of a body (0€ < 1). It depends on the material, wavelength anaperature of a
body. An object is called a black body radiata # 1 (for all wavelengths)

+ 0 = Stefan Boltzmann constamt € 5.67 x 1¢ W/n-K*)
* A =radiating area of body
* T =body temperature

* (= heat flux

Conduction
Conduction takes place in stationary mediums sgcbolids, liquids, and gases due to a temperature
gradient. Heat flows through thermally conductivatemials by a process generally known as
‘gradient transport'. It depends on three quastitlee conductivity of the material, the crossieect
area of the material, and the spatial gradient ehperature. Conductive heat transfer is
mathematically best described by Fourier's law, cuhguantifies the conduction process as a rate
equation in three dimensions. To simplify mattehg discussion hereafter will be limited to uni-
directional conduction, i.e. conduction in one dii@n only. For stationary conditions, you get the
relation given in Equation [52], where k is the ffiogent of thermal conductivity [W/mK], A the
cross sectional area finand | the length of conductive path [m]. Of thgthe thermal conductivity
coefficient depends on the material selected.

Q=5"aT =T - ) 52

76



From this relationship, we learn that the largexr tonductivity, and/or the temperature gradient the
faster the heat flow. It is mentioned that heahgfer takes place in the direction of decreasing
temperature; a negative sign in the answer thaicates that the heat flow is from location 1 to 2
instead of the other way around. The thermal cotiMtycis a measure of how efficiently a solid
conducts heat or how fast heat travels througmtaierial.

Convection

“Convection” is energy transfer between a solidae and an adjacent moving gas or liquid, i.e. the
transport of heat by a moving fluid (liquid or gal$)oasically results from a combination of difius

or molecular motion within the fluid and the bulkrmacroscopic motion of the fluid. For convection
you get the relation given in Equation [53], whéxeis the coefficient of convective heat transfer
[W/m?K], A the surface area in contact with the flow’Jand AT the temperature difference [K]
between body and the surrounding medium.

Q=hI[ATOA [53]
The spacecraft thermal environment

Since the spacecraft is in space and space edlseristiampty, we do not have to worry about heat

flowing to the spacecraft either by convection @onduction. Some convection/conduction may

occur at low altitudes (consider vehicles enteanglanetary atmosphere), but this is considered out
of scope. Note that inside the spacecraft condu@itd convection may take place next to radiation
heat transfer. For now though we will only consitlex interaction of the spacecraft with the space
environment. This interaction is shown in Figuref@5a spacecraft nearby Earth.

From Figure 35 we learn that there are essentiaflpws of heat to the spacecraft and 1 flow away
from it. The incoming heat flow consists of (difesblar radiation from the Sun (except when it
experiences an eclipse), solar ener™:

reflected from the surface in the direction Solar radxanon

the spacecraft (again except when it sun ﬂ rect rciaton 0 spac

experiencing an eclipse), also referred to

albedo radiation. In addition, because al A“’Ed‘”adV ﬁ
the planet itself has some temperature, -
spacecraft may also receive heat from t %7{ ay ecition
planet (planetary of IR radiation). Na \

shown in the figure is that the spacecr:
itself serves as a source of heat, there

causing its temperature to rise.

Planet

Figure 35: Typical spacecraft thermal environmeBSE]

Because space itself is a very cold environmerif)(dome heat will also be radiated away from the
spacecraft to the cold environment.

Outer space is colder than the North Pole in DeeghiBut it can also be hotter than an erupting
Volcano. On Earth, air helps even out the tempegaBut there is no air in space. You can fry oa on
side while freezing on the other.

Hereafter, we will discuss the various heat flowssome more detail, before discussing how they
affect spacecraft temperature
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Solar intensity

One thing we all know is that the Sun is extrentelywith an effective radiating temperature of 5870
K, where the effective radiating temperature ofetestial body is determined using relation [51]
under the assumption that 1. It follows:

qemitted =0 [_—T4 [54]

Te ! qemitted [55]
V g

From measurements we know that the flux emittedhieySun at its surface is about 63.28 MW/m
This gives an effective temperature of our Sunhmiua 5780 K. Using information on the radius of
the Sun, we are able to determine that the totaepemitted by the Sun (P) is 3.856 ¥°1\0/. From
conservation of energy, under the condition thatrgy is emitted equally in all direction, see the
sketch, it follows that the flux (also referreda® intensity) reduces with the square of the distda
the center of the radiating object (inverse sqilm’).

and hence:

CONSERVATION OF ENERGY

q(r)- 47:'1'313 =qlr)- 47r?

A y _ const 1f we can regard
Sy q (’ ) — 7_2 sphere s, as fixed

q o 1/r?

Hence, it follows for the solar intensity:

P
% = (40rm?) [>6]

So solar intensity at some location in space catieermined once the distance of this locatiorméo t
Sun is known. Solar intensity versus average Sstamite is plotted in Figure 36. It clearly showat th
the further away from the Sun, the lower the sivlEansity received (and the colder space will be).

Solar Intensity vs Sun Distance
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Figure 36: Variation in solar intensity with (average) Sun distance

10 From Wikipedia: In physics, an inverse-squaveitaany physical law stating that a specified [itals
quantity or strength is inversely proportionallte square of the distance from the source of thgsipal
guantity.
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To determine the power emitted by the Sun, we upEbE]. Given an effective temperature of the
Sun of 5780 K, it follows that the Sun emits 63\8//m?. From [Wiki], we find that the Sun has a
diameter of about 1,392,000 kilometers (about 188H=diameters). Multiplying the calculated flux
with the Sun’s surface area, we find for the tptver emitted by the Sun P = 3.852 X*\M¥, which
agrees well with the value for the solar powertPonfuced earlier.

Albedo

The albedo of an object is a measure of how styoihgkeflects light from light sources such as the
Sun. It is of importance when considering the leauts to a spacecraft. The albedo flux received by
a spacecraft at some distance away from the rgfteptanet is given by:

J, =al,[F [57]

Here:
- a=albedo factor (8 a<1)
- F = visibility factor (0< F< ~1)

Different definitions of albedo factor exist. Fallmg the FNT R H S Mo Erelo T
approach taken in [SSE], here albedo factor ortlgho
albedo is defined as the fraction of the incideolars

Table F-1: Reference values for average planetary albedo

radiation returned from a planet. This albedo faalso Planet Average | Albedo
referred to as Bond albedo and commonly has a vi e
between 0 and 1. Next to Bond albedo there is talshe R Py
geometric albedo (measuring brightness when illathom Mo 015

comes from directly behind the observer). Bond Jupiter 032

geometric albedo values can differ significanthieh is a Satum 047

common source of confusion. Typical average vafub® Uranus | 051

(Bond) albedo of Earth is 0.3 + 0.1%or an orbiting :i‘?“‘“e oA

spacecraft, the albedo can vary between 0.05 (opean)
and 0.6 (high cloud/icecap). Typical average valfethe
(Bond) albedo of some of the other planets in alars
system are given in the figure on the right.

For Pluto and the Moon:
Pluto 0.16

Moon 0.07

Figure 37: Reference values for average Albedmofes
other planets in the solar system [ECSS]

F is a visibility factor, which like the albedo tac, has a value in between 0 (night side) andull (f
sunlight, close to Earth surface). It basically elggs on the distance of the spacecraft to the fplane
and the angle between the local vertical and thésSays. For design issues, one is mainly intecest
in worst case hot and cold conditions. In that ¢heeangle effect is neglected and we obtain:

In shadow of planet:F =0

Rt | [58]
Sun lit side of planet : F = | 22"

orbit

Where Rianetis radius of planet and,R; is orbital radius of spacecraft about the plaBeime further
details can be obtained from [SSE].

Planet flux
Planet flux is infrared (IR) energy radiated by kanet. It depends on the effective radiating
temperature of the planet according to:

IR = UD—IR4 [59]
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The effective radiating temperature of some plaistgven in Table 24. For Earth with an effective
temperature of 255 K, planet flux (at the planefae) is equivalent to 240 W/m

Table 24 Effective radiating temperature of thangts of the solar system [ECSS]

Celestial Effective
body radiating
temperature
K]
Sun 5780
Mercury 600-617
Venus 227
Earth 255
Moon 120-380
Mars 210.1
Jupiter 109.5
Saturn 81.1
Uranus 58.2
Neptune 46.6
Pluto 43

For the Moon values are given for the sun lit sidd for the night side independently.

Like for solar intensity, IR intensity is inversebyoportional to the square of the distance tokeart
center. This makes that in deep space planet lRdl(almost) negligible.

Heat fluxes as calculated for a real mission

Figure 38shows how the heat fluxes may vary for a real spassion, in this case a mission to the
Moon. When in full sunlight close to Earth, the $#@y experience a heat flux of about 1700 W/m
whereas in Earth shadow, it is just about 70 ¥ImMoon orbit the numbers are again quite
different.

LEO = Low Earth Orbit

/_/-_ o

-

LLO =Low Lunar Orbit

LS = Lunar Surface

Gk = 423.4 With2

- - . - — il :
Ariane 5 e el o ;
ESC-B qe=71.4Wimz] | : A [

/
/

/ qe = 1316-1428 Wim?2"
Q= €27.6 Wim2 qu = 4.62 Wim?
qi=49.1 Wim2

Figure 38: Overview of heat fluxes as experiencedifthe M3 mission

Students should prepare for calculation the haatefi for different spacecraft under different
conditions.
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Temperature change

The heat flowing to the spacecraft will cause @ riis temperatureAT) of the spacecraft. The
temperature rise can be calculated using Eq.[60&raQ is heat flow rate (in Watt)jt is time period
considered, M is mass of body and C is heat cgpatthe body.

AT = QAL

“MT 0]

Example: spacecraft heating
Consider a spacecraft at a distance of 1 AU from$lin. This spacecraft has a mass of 500 kg amdid h
capacity of 1000 J/kg-K. The area of the spaceaedeiving the solar flux is 2 nDetermine for thig
spacecraft the rise in temperature in case the spadt is exposed to the Sun for a duration of @irho
(note other heat flows may be neglected).

Solution:
Heat flow to the spacecraft is 2.8 kJ/s. This gavésmperature rise of the spacecraft:
2.8 [kJ/s]13600 [s]

T= =20.2 [K]
(500 [kg][1000 [J/kg-K]

The problem gets even worse, when consideringtitadard of the S/C we have a number of instrumepts
and equipment that dissipate energy and hence ganbeat. Typical electrical efficiencies of most
equipment are in the range of 15-30%. The remaiiglkrst in terms of heat.

Still, most preliminary thermal analysis are penfed neglecting any changes in time. Changes in
time will only be considered when detailing theigasMore important is to consider equilibrium
conditions, wherein the heat flowing to the spaafdralances with the heat flowing away from the
spacecraft.

Heat balance

The interplay of energy exchange between two badieharacterized by Eq.[61], whemepresents
spectral absorption factop spectral reflection factor and spectral transmission factor. These
parameters all depend on the material used, theeleragth considered and the temperature. The
spectral absorption factor of some material at saaeelength is equal to its emissivity; this redati

is known as Kirchhoff's law of thermal radiatiororiSequently for a black body alac= 1.

a+r+p=1 [61]

In a practical situation a spacecraft receivesntiaéienergy from the Sun. When in the vicinity of a
planet, the spacecraft may also receive reflectedlight and IR radiation from the planet itself.
However, the spacecraft also loses considerableey emitting infrared heat, as shown in [SSE,
Figure 11.1]. It will experience thermal equilibmuonce the flow of energy to the spacecraft
(including the heat internally generated on bodxapnnces with the heat flow from the spacecraft to
outer space. It follows:

Qn = QJut = Qabsorbed + Z Pdissipated: Q emitte [62]

The amount of heat absorbed by the spacecrafté@ndiy the following equations:

Q _as |]]S|36\-I-a,s,lzualjpri_a,Ile'JIRE"Ai [63]

absorbed

absorbed —

Q =4a; Djsm+asmaDA+glRD‘]lRD'Al‘ (aIRzglR) [64]

Where:
e gis emissivity
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e O = absorptivity
* J=intensity
» Subscripts s, a and IR refer to solar radiatidme@db and IR radiation, respectively

* A = projected area receiving respectively solare@dband planetary radiation. Respective areas

vary depending on the vehicle orientation to theooming radiation. Subscript “I” refers to
incoming radiation.

Note that in relation [63] different absorption tas apply for solar radiation and Earth IR. Thes i
because the radiation from the Sun and the Eartmt®®mpass different frequencies. In relation [64],
the absorptivity in the IR range is set equal te #missivity in the IR range. This is because
according Kirchhoff, absorptivity and emissivity @imaterial at identical temperature are essepntiall
equal. Now in spacecraft thermal engineering, We tb get rid of the subscripts “IR” and “s” and
hence the thermal jargon uses:

0 a for absorption in solar spectrum
o ¢ for absorption and emission in infrared spectrum

Another important heat source is the heat inteyrggherated in the spacecraft by the various dsyice
like batteries, power converters, etc., represehie( Pdissipated). The summation sign here signifies

that heat may be dissipated in multiple devices.
The heat flowing away from the spacecraft can lterdened using:

Qemitted = gIR BT DA% Dr4 [65]

Here the subscript “e” denotes the emitting surfadeich may be quite different from the surface
receiving radiation, see for instance the examplewb.

Example: Equilibrium temperature flat plate

A flat plate at 1 AU from the Sun is illuminatedtbg Sun with the Sun’s rays normally incident® fiat
plate. In equilibrium, it follows that the energhsorbed must equal the energy emitted (see alsé [SS
section 11.3]):

_ _a, A,
a A = AT - T Y
¢ A, = area receiving/absorbing sunlight. /& radiating area = 2 A
» Black on both sides: ¢, /e, =0.9/0.85 )
« Js=1371 Wi

Filling in numbers provides an equilibrium tempena for the plate of 6X.

The thermal control subsystem

The thermal control subsystem consists of all thedWware (and software) needed to maintain the
temperatures of all spacecraft bus components tlavgk payload suites without their own thermal
control provisions, within acceptable limits duriggpund test, launch and on orbit operations.

For instance, the equilibrium temperature for tla¢ plate type calculated in the foregoing example
may be lowered by selecting a larger area for tengjeheat away. Another option might be to select
materials with a different ratio between solar aptmce and IR emissivity, see for instance the nex
table.
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Table 25: Solar absorptance and hemispherical arifgsof typical space materials
Material Solar Hemispherical
absorptance Ermigsivity
(BOL)
Black paint 096 0.75t0 0558
Aluminized teflan fioil 5 mil 0.14 075
Sivered teflon foil 5 mil 0.09 0.80
Aluminized kapton foil 2 mil 042 072
Aluminized kapton foil metal side 01z 0.0s
Yyhite paint 017 -038 n.g2
OSSR without glue gaps 009 076
Solar cel Si 0.75 052
Solar cell GaAs 0.91 0.51
CFRP naz n.g2

From the table it should be clear that solar aiaage can be quite different from IR emissivityisTh

is because these values hold for a different wagtfeband. When at the same wavelength or band of
wave lengths, like when taking both absorptanceeanidsivity in the IR range, than absorptance and
emissivity will have equal value (see Kirchhoffanl).

Figure 39 shows a real life satellite covered wlittrmal control blankets; most part of the satelbt
covered with brown/gold shiny colored aluminizedpkan and some part is covered with black
painted Kapton. Some mirror-like surfaces are aisible. These are radiator areas covered with
Second Surface Mirror tape or OSR mirrors and apedally devoted to radiate heat away from the
spacecraft. From the figure it must be clear thatrhal control determines more than 95 % of the
spacecraft exterior.

black paint

Figure 39: Thermal design of a satellite

Components of the thermal control subsystem include
» Paints that modify the emissivity and/or absorp¢anica surface

» Multi-layer insulation (MLI), see Figure 40; Multgplayers of thin foils, see figure, that allow to
achieve low emissivity in the range of 0.003-.03.

» Heaters: To provide local heating for instance tevent propellants from freezing or a drastic
reduction in battery capacity
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Heat pipes: To transport heat from surfaces of higimperature to surfaces with lower

temperature
Second Surface Mirrors or Optical Surface Reflec{@SR), see Table 25.

{(a)

Coating (cogductivefresrstsnt to atomic oxygen)
—_— =" Kapton outer cover
— — (aluminized on inside)

= 3
e Kapton film = 7.5 gm

= = ——— “{aluminized both sides)
= =
= «—Dacron mesh

|
,_ e ]

|

; " Kapton inner cover
H(aeit:rz aldnh?g'\fs tz;ﬁs (aluminized both sides)

(b) : Pan head screw
Adheyswe <. Sl b

L Grounding strap

| Accordion-shaped aluminum foil
« Protective tape

— Washer

Figure 40: MLI construction: a) typical lay-up and b) electrical grounding (courtesy Dutchspace)

Radiators: Essentially consisting of black painpgaes facing open space through which a hot
fluid runs. The black surface will radiate heabispace and the fluid will be cooled. To enlarge
the radiating area per pipe, fins may be attachdtie pipes. Radiators may be part of a pumped

loop or part of a heat pipe system (condensersecti

Figure 41: Radiator panel (courtesy NASA)

Problems
A number of problems for exercising upon are awdavia Blackboard (Maple TA), whereas a few

are also contained in a separate workbook availible the TU-Delft online print shop. Of this
workbook also an electronic copy is available ackboard.
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4.3 Electrical Power Generation

The electrical power subsystem provides the spaftesith the necessary electrical power over the
duration of the mission. Key requirements for thecEic Power System (EPS) are hence power level
and duration of power delivery.

Why electrical power
Most spacecraft need some means of electrical pprmsision to power the payloads, like:
o0 Radar transmitters and receivers
0 Radio transmitters & receivers
o Visual (VIS), Infra-Red (IR), Ultra-Violet (UV) antbentgen (X-ray) cameras
and on-board equipment, like:
Computer, data recorder
Telemetry and -command radio transmitters & reasive
Valves, pressure regulators
Heaters
Sensors (gyros, accelerometers, sun/star/Earthorsgnetc.), actuators (reaction wheels,
momentum wheels, etc.)
o Electrical motors

OO O0OO0Oo

Electrical Power subsystem requirements

An important requirement for the electrical powabsystem is how much power, i.e. energy per unit
of time, is to be provided. To estimate the amainower to be generated on board of the spacecraft
some data is needed. Unfortunately in the earlygdestages very little data is available and one
generally uses historical data, Table 1. Table r2&iges an overview of installed power per mission
type [ESA bulletin 87].

Table 26: Overview of installed power per missioretyp

Mission Orbit, Attitude Installeq Power
(W) min. max

Science:
- Astronomy HEO, Fixed point Sun pointing (mostly) 200-1500
- Deep space Various transfer orbits, Sun or planet pointing
Telecommunication GEO, Earth pointing 500-5000
Earth Observation LEO, Earth pointing 500-5000
Meteorology GEO, Earth pointing 200-1500
Manned Vehicles Transfer + LEO, Various 1000-10000
Manned Stations LEO, Sun pointing 3000-3000(¢

Historical data shows that electrical power usaggihcreased with about a factor 10 every 10 years.
Even so, power levels are still quite modest (camper instance with power usage at home; a simple
light bulb might already require 100 W).

The foregoing table can now be used to come up wifiist very global estimate. An alternative
approach which allows for a more accurate estiratebe obtained in case the amount of power
needed by the payload is known. It is actuallyghgload for which we have to design the spacecraft,
so hence it should also determine for a large éxtenpower needs. The approach envisaged is based
on collecting power data for comparable spacearadtdetermining the percentage contribution of the
payload and the various subsystems. For instangere=42 shows the average power distribution as
determined based on a large number of GEO telecaoncations satellites.
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Payload
T7%

Charging
9.7%

TT&C

Power 1.6%
Electronics
18 Propulsion Thermal ™~ __AOCS
Distribution 0.1% 6.3% 3.4%
1.5% BZ 2010

Figure 42: Power distribution of GEO telecommunicaions satellites (average percentages)

So given some payload power, total power and hexse the power required by the various
subsystems can be determined, see also an eadi@rson budgeting.

A third method can be used once we know more osflaeecraft and the equipment used on board
(note that we need to be somewhat further in tlsggdechain). It is based on an inventory of all the
equipment requiring electrical power and a deteatitim of their power usage. The equipment and
their power usage are generally collected in a pdwelget, i.e. a list of all electrical apparatus o
board (the loads) with per operating mode the etedtproperties and the duty cycle that allowdaus
keep track of things. A typical such power budgettiown in Tabl@7.

Table 27: Typical (early) power budget for LEO alvsg¢ory spacecraft

Maneuvering | Operations

Observation instruments - 150.0
Spacecraft subsystems

Thermal control h26 h26

Orbit and attitude control 7.8 624

On-board computer 200 45.0

Communication 925 925
Subtotal 2409 4025
Margin (10%) 241 405
Electrical power subsystem 2620 2620
Total 5270 7050

The table gives power values for two different wiagk modes, distributed over the observation
instruments and the various spacecraft subsystésndata tend to change over the project, a margin
of 10% has been taken into account thereby alloiegnggome growth. However, depending on how
certain we are of the data margins of up to 50%lmmpplied. The lack of detail is typical for an
early design since at that stage in the desigrilsletathe various equipment is still lacking arehbe
budgeting is performed based on historical datta{pbd for comparable spacecraft).

Not included in the table is information on the dimeriod during which the spacecraft is performing
maneuvers or (normal) operations. This is importanknow, as energy usage follows from the
product of power of some item and the duration avieich this item is active. An upper limit here is
given by the life (nowadays in the range of a feanths up to 15 year) of the spacecraft. Of course
we also strive to maximize the time for normal @piens, for instance 95% of the total time ava#abl
Also not shown in the table is that some equipmeaght work intermittently instead of continuously.
This of course also influences the (average) poweded. For instance, a radar device working in a
pulsed mode requires much more power when tranemithen when listening (receiving) the
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reflected signal. This shows that we should maldistinction between average power and peak
power to be delivered by the system.

The budget example shown is a simple budget sholitttegdetail. Later in the design budgets will
become more detailed and more accurate. This willeft for you to explore later in the study for
instance in a design project.

Once we know the power level, the duration overcWhihis power should be delivered and the total
energy required, we can start with the design efgpacecraft electrical power subsystem (EPS), i.e.
the set of hard- and software that provides theepaft with the necessary electrical power. Here
design means that we strive to provide the requeledtrical power, while limiting the resources
needed. Currently, the following resources nedakttoonsidered:

0 It makes up 20 - 40% of spacecraft dry mass, speralix D

o Itis visibly present (solar panels), thereby limitthe space available for other equipment

o It accounts for 10 - 15% of all serious on-orbisgcraft (S/C) bus failures, see for more

detailed information appendix D

The ideal EPS of course delivers power at almostrabacks, meaning low cost, minimum mass,
no risk, etc.

Types of EPS

Different types of EPS for spacecraft exist. We timenthe use of photovoltaic cells to convert
sunlight into electric power, the use of batterfag] cells and even nuclear generators. An overvie
of typical EPS used is given in Table 28.

Table 28: Overview of S/C power generation systems

Electrical power generation system consists of Rrsarray with 8 batterie
providing eclipse power. The Solar Array consistd4 panels one by five meter
which generate a total of 6.6 kilowatts of eleattipower end of life (5 yr in space)

U7

Envisat

2

’

Electrical energy is generated using a solar aofa@lobalstar silicon cells, placed
on the top and side exterior surface of the staedind providing 160 W. Excess
GRACE energy is stored in a battery of NiH2 common pressiessel cells for use during
eclipse periods and for providing peak power. Toegr bus delivered unregulated
power to all users at the respective user interface

[8%

Power is provided by body mounted solar array mtiog about 240 W over

Meteosat mission life of 5 years. As the S/C rotates abatinder axis only part of array i
effective at any one time and hence the total aar@a is much larger than forla
planar panel always directed towards the Sun.

1

Power is generated by photovoltaic array of GaAls adistributed over 4 wings

Delfi C? providing an average power of 2-3 W in full sunhligTotal area is 0.08 m
Powerless during eclipse periods.
Mars Express Power is provided for by two photovoltaic solar génwith a total area of 11.42°m

providing 650 W at maximum distance from the Suatteries for eclipse periods

Solar generator provides 650 W at max. distanam fitte Sun + batteries for eclipse

Venus Express periods; Array area is 5.7°m

Voyager Power is taken from 3 radio-isotope thermo-eleajgoerators (RTGs) that provide
470 W (BOL) over a 10 year life

Apollo Lunar Lander | 4-5 28-32 V, 415 Ah Silver-Zi(&gZn) batteries with a mass of 61.2 kg each.

Apollo Moon buggy 2 AgZn batteries with a total capacity of 121 Alcledor a mission duration df

about 4 hrs
. 6 AgZn batteries of which 4 provide 40 Ah each fomission duration of 65
Ariane 5 rocket minutes
Space Shuttle 3 Alkaline fuel cells providing 12 leakth for a duration of maximum 2500 hr.
Apollo SM Power is taken from fuel cells providitids kW for up to 12 days

An important distinction we can make is in systefois which the power output depends on the
distance to the Sun and its visibility, like for gebvoltaic systems, and those that operate
independently, like batteries, fuel cells and RTHse former essentially can operate for indefinite
time since they use an external energy sourcethieeenergy source is not carried on board; whereas
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the latter are equipped with an internal energyamthat provides for the required energy. Thetatt
usually have limited operation time as otherwissyteimply become too heavy. In [SSE, figure 10.1]
a figure is presented illustrating how for spacesiuns power level and mission time are related to
the selection of some type of power source. An gtanilustrating how the energy requirement
determines the mass of an internal energy soum®igded later in this text.

PhotoVoltaic (PV) systems

Most long—Tlife spacecraft use photovoltaic powercsi solar energy is available for free. In such
systems solar energy is converted into electricggnasing the photovoltaic effect. Characteristic
system data of some spacecraft photovoltaic syséeengiven in Table 29.

Table 29: Some important characteristics of pholimio systems [Sarsfield]

Power Saolar Beginning End of
System Solar Array Solar of Life  Average Life
Mass Solar Array Array Area Effictency Array Power Power Paower
Misslon Spacecraft kgl Material {m2) W/m2) Mounit W) Wi W)
Clementine 320 GaAs Ge 230 156.5 Deployed 360 n'a n'a
Discovery MEAR 44 GaAs Ge 800 211.2 Deployed 1.880 1 00 1500
Mars Pathfinder 230 GaAs 4.00 625  BodyMount 250 190 —_
Explorer SMEX-5WAS 5000 GaAs 250 2400 Deployed G0 270 525
SMEX-TRACE 320 GaAs 1.30 2038 Deployed 265 a0 200
MIDEX-MAP 410 GaAs/Ge 310 193.5 Deployed GO0 320 400
Mew Millennium  Deep Space | 1080 Galnp2/
GaAs/Ge .00 28890 Deployed 2 600 n/a n'a
Earth Observer | 360 GaAs 450 140.0 Deployed 630 250 L]
SST1 Lewds nfa GaAs Ge - i Deployed 370 n'a n'a
Clark 110 GaAs 360 111 Deployed 400 165 350
Surveyor MarsGlobal
Surveyor 736 GaAs+ S 1200 56.4 Deployed 677 G45 624
Mars Surveyor
88 —Lander 405 GaAs 370 181.9 Deployed 673 n/a w7
Mars Surveyor
B8 —Orbiter 463 GeAs 740 2027 Deployed 1.500 n/a 3la
Baseline RADCAL 190 Si 081 356 Baody Mount 45 23 18

Table 29: Continued

System
specific
power
Mission Spacecraft  (W/kg)  Battery Type
Clementine 1.3 NiH2
Discovery NEAR 202 SuperNICd
Mans Pathfinder 10.9 Agln
Explorer SMEX-SWAS 0.2  Super NiCd
SMEX-TRACE 83  SuperNICd
MIDEX-MAP 46 NIH2
New Millennlum  Deep Space | 2.1 NiH2
Earth Observer | 17.5 Super NiCd
SS1 Lewis n'a NiH2
Clark 364 NIH2
Surveyor Mars Global 9.2 NIH2
Surveyor
Mars Surveyor 16.6 MNiH2
‘08 —Lander
Mars Surveyor 324 NiH2
“08—Orbiter
Baseline RADCAL 24 Nicd
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From the table we learn that:

Array delivers between 50-300 W/nOn average power density (power per unit of azmaa) is
100 W/nt

Specific power of photo-voltaic based EPS is ingeath.0 W/kg - 25 W/kg based on End Of Life
(EOL) power (10 W/kg is a reasonable value to peeda first mass estimate based on power to
be delivered).

Power output reduces in time (from a few percentaup0%). This is due to ageing of the solar
cells.

Two types of systems: body mounted and deploygisieess

Most PV systems use a battery system as a secopoasr source. This system is to provide for
power during eclipse periods, i.e. periods whetieinview of the Sun is obscured by Earth, Moon
or some other planetary body, see Figure 43.

Figure 43: S/C experiencing solar eclipse duringstrotation about some planet

PV power essentials
The main constituents of a photovoltaic based p@ystem are:

Primary power source, i.e. the solar array

Secondary power source, like a battery, that pes/idr power during eclipse periods or when
the power peaks

Power distribution lines/cables that transport slerce to the units requiring power (the S/C
loads)

Power controls that ensure the proper amounts wiepare delivered and protect the various
units against power spikes, etc.

A schematic overview of a PV system is given inurgy44,a typical power subsystem mass
breakdown is given in Figure 45.

=

Solar array : A \\%@E \ %§—h
> : S/C loads
. : Shunt § HEQUlaﬂUn \%\
WW% voltage % % m \‘@
1 limiter Battery i)
T g Se-::<:-ndar31
_D__*—

72

7

s
777, T T ﬁﬁ\mmmm =
757 \\|\Jomge \|Deenwse A\
H control \ \\\
DN

Figure 44: Schematic of photo-voltaic based EPS
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Figure 45: Typical power subsystem mass breakdown

Here the mass of the EPS is given as:

MEPS = MPV = MSA + IleAT + IleMD =P

total / (Psp )syslem

[66]

System specific power @ 1 AU is in range 2-40RYy, see Table 29 for more info.

In the next few sections, we will discuss in son@erdetail the sizing of a PV system based on the
power that is to be delivered by the system.

Required power
The power (P) needed from the solar array (SA)m=adetermined using:

Pd td 4+ e e [67]
r]d ne

Poa g =

Here t is time with the subscript d referring te thaytime period and e to the duration of the eelip
period, R is the power needed during day time apdiiing eclipse and gives the path efficiency

of the power system during day time and night ti@spectively. Note that the power requirement
during daytime and night time may differ as durmght time one might operate with less active
equipment to conserve energy. Day time path effayaypically is 80% and represents the efficiency
of the control and distribution system. When coesity night time, path efficiency decreases as in
that case also the efficiency of the storage sygtmtiery) and its management systems need to be
taken into account. A typical value for preliminalgsign considerations is an efficiency of 60%.

Example: Sizing for solar array power
Consider a spacecraft in a highly elliptical orlaibout Mars. The spacecraft's orbit has an apocenofer
10,107 km and a pericenter of 298 km giving antatlgeriod of 6.7 hours (consider verifying thidua
using the material taught in AE1110-1l). Eclipsegerienced by the spacecraft will last maximum| 75
minutes (or 1.25 hr) per orbit about the Red Plari&iven a total power required by the equipment and
payloads of 450 W, an efficiency of the power mamamt and distribution system of 80% during daytime
conditions and 60% during night time (=eclipse) diions it follows for the power requirement:
* Daytime: 450W/0.8 = 562.5 W

» Eclipse: 450W/0.6 = 750 W

It follows for the total energy needed during omleito

562.5 W[ 6.7 1.25 h 750 W 1.25=h 4003.1'= (14.4 MJ).

Given that the array only produces power duringtaag conditions, it follows for the total power he
provided by the array:

4003h [ 6.7hr— 1.2%r) = 4003/5.45 734.5

Here the 6.7 hr — 1.25 hr represents the day tineélable per orbit.
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Figure 46 provides some detailed info on the ddficiy of PV systems.

'/'.// solar power @ 1AU = ~1400 W/m?

solar L-.u'wl_.-:\'.'.--._ )
power conditioning power loads /
and control ——— > Distribution ——— > .
o instruments
electricity (85-95% (95-98%)

generated by array
(50-300 W/m2)

Battery discharge
Electronics
(~95%)

T Battery discharge
Battery charge Batte — efficiency
Electronics (~g5o/ry)
~(95%) o

Figure 46: Example of PV system component efficieres
Day time efficiency is given by:

Na = Mpower conditoning Maistrbuion [68]
Night time efficiency is given by:

Ne = Noower condiioning Menarge etectronics IMbatery Maischarge etectonics Maisroution [69]

In addition, we define battery discharge efficieasy

Near = Noatery  Metscharge elecronics [70]
Array sizing

From the electrical power to be delivered by thayrthe array can be sized and its mass determined
The mass and size of the solar array can be detedmuising:

MSA = Pi [71]
(PSP )SA
P
Agy =~ [72]
G

Here (Rysa is specific power of array (power/unit of solaregr mass) and g is power density of
array (expressed in units of power per unit ofyaeeea).

Both specific power and power density depend orathey type, see TabRo.
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Table 30: Space solar array types and their chaggstics (values at 1 AU, normal incident radiatiand BOL)
[Bailey]

Technology Specific power Cost Area
[W/kg] (BOL) [$K/W] per power
I val id i T
Al valies vald at 1 AU @ cell efficiency [m2/kW]
High-efficiency silicon (HES) rigid panel 585@19% 0.5-1.5 445
HES flexible array 114 @ 19% 1.0-2.0 5.12
Triple junction (TJ) GaAs rigid 70 @26.8% 0.5-1.5 3.12
TJ GaAs ultraflex 115@26.8% 1.0-2.0 3.62
CIGS thin film® 275@ 11% 0.1-0.3 7.37
Amorphous-Si MJ/thin film* 353 @ 14% 0.05-0.3 5.73

4Represents projected values. These arrays are unavailable commercially

From the table, it is clear that rigid panels gilmser specific power then flexible panels. Alsapk
equipped with Si (silicon) cells have lower speaxiiower then panels equipped with GaAs (Gallium
Arsenide) cells. We also notice that values giverthie table are valid for BOL (Begin Of Life)
conditions and under normal incidences. BOL vahresbecause the performance of arrays degrades
over time. Typical values for life degradation are:

Siarray : 4% per year 73
GaAs array : 1-15% per year [73]

Hence arrays should be designed such that at Ehif®©fEOL) still sufficient power is delivered by

the array.

The effect of solar incidence angl®,(i.e. angle between the direction of the incideraslight and

the normal onto the panel surface is determineddmgidering its effect on the power output of the

array. Suppose that the solar array has a conatadénce angle, it follows:

(PSP )SA,e = (PSP )SA,9=90 [$in® [74]

Finally, we consider the change in intensity of #wdar radiation arriving at the spacecraft with
distance to the Sun. For this we use:

Fo
Po.d ) [W./kg] [75]

sp,

Ps.d :% [W/m?] [76]

With d is distance to the sun in AU. Notice thas #tbove relations have also been introduced earlier
in the course, but in a slightly modified form.

Battery sizing

Batteries are used on PV equipped spacecraft teiderdor the necessary power during eclipse
conditions and or for peak power. Hereafter, wé anly deal with the design for eclipse conditions.
Because of the recurring nature of eclipses forcepaft, most spacecraft are equipped with
rechargeable (secondary) batteries. To allow fingiof the battery we first should know the batter
power to be delivered and the battery discharg®ger.e. the duration of the battery discharge or
power draw from the battery. Typically the powebt delivered by the battery is taken equal to the
power needed during eclipse, see SA sizing. Tla ¢éoiergy (usually expressed in Watt-hour, Wh) to
be delivered by the battery follows from:

EBAT - I:)B/-\T Dldischarge [77]
DOD DnBAT
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Herengar is battery discharge efficiency (defined earliand DOD is battery Depth of Discharge.
Battery discharge efficiency typically is in thenge 90%, whereas DOD depends on the number of
charge-discharge cycles a battery undergoes. Sgiwal data are provided in Table 31. Note that all
data are for spacecraft in LEO. In GEO, much highsues (80%) can be attained for DOD as

eclipses are much less frequent.

Table 31: Sample spacecraft battery configurations

Spacecraft Launched Battery Characteristics
R 2 Batteries (17 Cells/Battery, 50 Ah Ni/H,)
LANDSAT-7 1599 LED, 5 years (less than 30,000 cycles)
DOD 17%, 0 to 10°C
2 Batteries (54 cells/battery, 50 Ah NiH,)
EOS Terra De;;;“;er LEO, 5 years, < 30,000 cycles
DOD 30% -5 to 10°C
fiieia 1 Battery (3 8-Cell Packs and 1 5-Cell Pack/Battery, 110 Ah Ni/H,)
TDRS-H 2000 GEO, 15 years,
DOD 73% assuming 3 failed cells, 5°C
EOS PM-1 My 1 Battery (24 Cells/Battery, 160 Ah Ni/H2)
Aaus 2002 LEO, 6 years , <35,000 cycles
q DOD 30%, 0 to 10°C
September | 3 Batteries per spacecraft (17 Cells/Battery, 40 Ah Ni/Cd)
POESL,M 2000 LEO/Polar, 2 years (Design), 3 years (Goal),
June 2002 DOD 0 21%, 5°C
2003 Batt 5 3
P :_:J: 6 Batteries (22 Cells/Battery, 80 Ah Ni/H2)
HST Serﬁcin LEQ, 5 years (less than 32,000 cycles),
TVIENE | b4 < less 10%, -5 to 5°C
Mission 4

From: DL Britton and TB Miller, Battery Fundamentals and Operations, NASA Glenn Research Center, April 2000

Mass and size of the battery system can be detedmnising:

MBAT = EB# [78]
(ESF’ )BAT
E
Viar = 7241 [79]
. (Eé )BAT

Here (Epsar is specific power of battery (energy/unit of battmass) and (§sar is power density of
battery (expressed in units of power per unit dfdrg volume). Spacecraft batteries must have

acceptable volumetric (Wh/l) and specific energyh(Kg ) at a useable depth of discharge (DOD) and
also good cycle life. Typical values for specifiieegy and energy density of space grade battesies c
be obtained from various sources. Some typicalesére shown in Table 32.

Sizing of Power management and distribution system
As a first approximation, we can use a simple balsed on the result earlier shown in Figure 45.

Meyp = 0-33 * Meps [80]

Here Mepsstands for the total mass of the EPS. The undhgrlgssumption being that the mass of the
Power Management and Distribution (PMD) systemfiged percentage of the total system mass.

[Saleh] provides for a slightly more detailed motelt allows for distinguishing between the mass or
the controls (PCU) and the distribution systemtjdieparately:

Mo, = 0.0045 * P, [81]

Mg = 0.15 * Mo [82]

dist
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Here the mass of the PCU is taken to be a fixedemage of the power Begin Of Life, because at
Begin Of Life generally a lot of excess power isgurced.

Table 32: Characteristics of space-grade secondatjelies

Sample Battery Characteristics and Performance
Tachnalogy Lse No of Batteries An Operating Specific Energy Operating | Design fife. | Cycle (feto | Manufacturer
& Celis Ratediactual | ‘Voltage Energy, |Density. Whil| Temp, Range. |  vears Data
Wikg c
Ag-Zn Cell 1 40/58 1.5 130 248 -20t0 25 BST
Pathfi Lander 1118 4058 27 85 190 -20 10 25 2 | 100 Yardney
| I
Ni-Cd 50 Ah 1 50/62 1.25 31 111 -20 to 25 3 | Gales
Landsal 322 50/60 | 22-36 27 61 -20 to 26 3 [ 25K MDAC
TOPEX 322 50/80 22-36 27 61 -10 10 30 35 | 40K MDAC
| |
[Super Ni-Cd |3 Ah Cell 1 812 1.25 3 93 -20 to 30 | EPI
50 Ah Cell 1 50163 1.25 32 100 -20t0 30 | EFI
Sampex Eattery 1/22 912 28 28 72 -20t0 30 5 S8K EFI
Image 122 2124 28 33 T -2010 30 E 14K
IPVNFH: [PV Cell 1 98783 1.25 48 71 -10t0 30 10K EFI
Space Station BI76 81193 48 23 B85 -0 10 30 655 1K Eoeing
HST B/22 B0/85 28 g 4 -1010 30 5 B5K EFI
Landsat 7 217 50/61.7 24 -0t 30 5 >50K LMAC
[
CPVNI-H;  |CPV Cell 2 161175 2.50 434 77 -10t0 30 10 EPI
MIDEX MaP LR 16/17.5 L] 36 2 -0t 30 [] SOK
Odyssey 2m 16/17.5 28 35 211 -3t08 100 14 1% LMAC
Mars S8 1711 16/175 29 [ e a1 51010 3 LMAC
MGS s 2023 20 £ 2% St010 [ BMersYr | 80K LMAC
|EOS Tera 254 50/ | & 21 51010 5
Stardust 11 16/17.8 28 36 21 510 11 7 1135 days LMAC
SPV Ni-H;  |SAR 10065 1112 50/80 28 $4.6 50.3 -10t0 30 10 JCIEPI
Clamentine 1122 1518 28 54.8 78 -10 to 30 1 200 cycles JCI/NRL
Iridium 1/22 80/70 28 534 67.7 -20 to 30 3-5 50K JCV EPI
Li-len Cell 1 8.6/10 4.0 133 321 -20 10 30 Yardney
MER-Rover 2i8 16-20 28 90 250 -20 1o 30 3 nia Yardney

Ag-Zn=Silver Zinc, Ni-Cd=Nickel Cadmium, IPV=Individual Pressure Vessel, CPV=Common Pressure Vessel,
SPV=Single Pressure Vessel, Ni-H2=Nickel Hydrogen, Li-ion=Lithium lon

From: R Surampudi, R Bugga, MC Smart, SR Narayanan HA Frank and G Halpert, Overview of Energy Storage
Technologies for Space Applications, Jet Propulsion Laboratory, Pasadena, CA 91109

Other systems: Fuel cell systems and RTGs

For some space vehicles photovoltaic systems are mgood solution. Alternative systems are for
instance RTGs (some kind of nuclear reactor bagethtural decay of radioisotope materials) or fuel
cell based systems, see Figure 47. These systaraghm@disadvantage that the energy needed needs
to be carried on board, but have the advantagetiegtcan also work when in eclipse and hence do
not need a secondary power source as requiredsbianarray system. A more extensive description
of fuel cell systems and RTGs can be obtained {®8E].

Figure 47: Apollo fuel cell powerplant () and Ulgssequipped with RTGs (r)
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RTG’s have been applied on Voyager, Pioneer andnyikleep-space probes, but also on some
Nimbus and Transit satellites. Currently they asedion Cassini, New Horizons and the Galileo
spacecraft. First US RTGs, developed under the NBPFS(Systems for Nuclear Auxiliary Power)
program, produced about 2.7 watts of electric powbke most recently designed system, the General
Purpose Heat Source RTG (GPHS-RTG), generates abouwvatts of electric power at BOL and 250
W at EOL. It weighs about 55 kg of which about bli&fuel (about 7.5 kg of isotope fuel, remainder
is impurities). Thermal power is 4234 W.

Fuel cell systems have been used on the Geminespaft and the Apollo service module. More
recently they have been used on the Space ShlitteeApollo fuel cell system consists of three 31-
cell hydrogen oxygen fuel cell stacks which provid@ volts, two cryogenic oxygen and two
cryogenic hydrogen tanks. The Space Shuttle opeftiiel cell power-plants, each supplying its
own isolated, simultaneously operating 28-volt des.bThe power-plant section of each system
consists of 96 cells contained in three sub-stacks.

Dimensioning parameters for both RTG and fuel sg#item is peak power level and total energy
need. For most design purposes, one aims to keepetiuired power output steady. If too many
power is produced, one aims to shunt the excesspaway.

To estimate the mass of a fuel cell system a viesydpproach is to consider the system as congisti
of two elements, being the dry fuel cell systemnmsisting of the fuel cell power-plant, the feed
system and the controls, and the reactants. Ntti@efor now the reactant storage system is not
included, see later in this section.

M

=(|v| +M

ry

reactants [83]

fuel cell system fuel cell system )d

Of these, the dry fuel cell system mass is estichbésed on the (maximum) power output (P) to be
generated by the system and the fuel cell systetifsppower (B,) according to:

(M )y = 5
fuel cell system J 4,
y PSp

[84]

Reactant mass is estimated based on the totalye(i€rtp be delivered by the fuel cell system and
the reactant consumption rate (&

M =E [T [85]

reactants rate

From [SSE] Tables 10.3 and 10.5, it can be fouad tine specific power of a fuel cell power-plant
(excluding tankage) is in the range 25-30@RY, where the higher values apply to more modeeh f
cell systems. Next to the system itself, we musb db take into account the reactants needed to
provide for the required energy. For instance, dorhydrogen-oxygen fuel cell hydrogen-oxygen
consumption (mass ratio 1 kg of hydrogen reactk @ikg of hydrogen) typically is ~0.5 kg/kWh.

Example: Sizing of fuel cell system
Consider a fuel cell system that is required toveel 3360 kWh at an average power level of 10 kW
(operational life of 336 hours or 14 days) we findthe mass of the fuel cell:

Mfc = P/Psp= 10000 (Watt) / 100 (Watt/kg) = 100 kg

Here the specific power of fuel cell power-plantaken equal to 100 W/kg. For the mass of the esdst
follows:

3360(kWh) x 0.5(kg/kwh) = 1680 kg
Of which about 186.5 kg is hydrogen and 1493.5laxygen.
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In relation [83] the mass of the reactant storagesn actually should have been added to determine
the actual system mass. Now once the reactantimsewn, the mass of the required tankage
system can be estimated. For this one is refeardlietlecture material dealing with launcher design

For RTGs, the sizing is mostly based on the tadatgr to be delivered and RTG specific power (in
W/kg). Depending on the propellant though the posadivered may decrease to a large extend. This
is because of the reduction in the amount of radile@isotope in the reactor. For power P at time t
follows:

70.693m1

P=P, B [86]

Here R is initial power, andy, is "half-life" (the time it takes for P to be 162 P,). From [SSE] the
following data for some isotope fuels is obtained:

Table 33: Characteristic data of some radio-isotdpels [SSE]

Fuel Symbol Atomic Half life Specific Specific |
mass  (Year) power  cost
W) (smp”
Plutonium Pu 238 90 0.55 3000
Polonium Po 210 0.38 141 570

Cost figures are based on FY 1999 cost.

From the foregoing equation, it follows that the IB@ower to be designed for is higher than the
power that is actually used. Note that cost figues given per Watt of thermal power. In practice,
only a few percent of thermal power produced isveoted to electric power.

For a derivation of the RTG power equatiegation [86]), it is considered that the powedpiced
decreases at a rate proportional to its valuegtidecay model):

Z—T =—aP O EPEeofyareey - dFP = —qadt

Integration givesln[ij =-at
Where R is available power at time t = 0.

After rearranging followsP =P, (@™
Now using the information that at half-life the dahle power has reduced with a factor 0.5, itdai:

P= 1P0 e = —aT,, = In[lj = -at,, = —0.693
2 ' 2 '

_ 0.693
T

0.5

Substitution of the relation for the half time hetrelation for P results in equation [86].

Other systems: Batteries as the primary source@fyy (primary batteries)

Most launchers use batteries to provide for thelired energy. Such batteries come in differentssize

and performances. It shall be obvious that largeebes are capable of delivering more energy than
small ones. The amount of energy that a batterydedimer per unit of mass or per unit of volume is

given by the batteries specific energyJland energy density {E

E
M bat: E ; Vbat: % [87]
sp 0
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Some typical values of specific energy and eneagsily for two important primary battery types are
given in the next table.

Table 34: Characteristics of some primary batteries

Parameter | Unit Silver-Zinc | Lithium Thyonil
Chloride

Specific Whikg |55-286 300-550

energy

Energy Vwhil 80-415 600-1000

density

Batteries as secondary energy source (for storniegyy; secondary batteries)

Rechargeable or secondary batteries are amongst atbed on spacecraft equipped with a
photovoltaic system. The secondary batteries thawige the required power during the eclipse
periods. An overview of secondary batteries anit tieracteristics can be obtained from [SSE].

The amount of energy to be stored in the batternybsadetermined from Eq.[67] (eclipse only). For
instance given a total power requirement of theldoaf 100 W and eclipse duration of 0.5 hour, we
find that the total energy needed is 50 Wh. Takimg account a loss of 20% in the distribution
system, the battery needs to deliver 60 Wh. Inityealie select batteries capable of providing much
more energy. This is because batteries have torgadeany charge-discharge cycles. To allow for
many cycles, batteries can only be discharged foertain amount. How deep a battery can be
discharged is given by the Depth of Discharge (DCHx instance, a DOD of 40% means that the
battery’s depth of discharge is 40%. It also metna 60% of the full charge of the battery is
remaining in the battery. To account for this, waidally select a battery system capable of pragdi
more energy than actually required. For a DOD ¢fo4@e need to select a battery with a capacity
2.5 (= 1/0.4) times larger than actually needed.w®oshould select a battery system capable of
delivering 150 Wh. For more details, see the apjmtgpsections in [SSE].

For rechargeable batteries, we need to make adisth between the energy that flows to the battery
when charging and the energy provided to the legasn discharging. The difference between the
two is referred to as the battery (system) efficierA typical value is in the range 80-90%. For our
example, taking an efficiency of 80%, it would mehat the total energy that flows to the batterg is
factor 1.25 larger than what flows from the batte3y it follows that for charging we need 75 Wh. It
are the battery system efficiency and the efficjeat the power distribution system together that
determine the value of. in EQ.[67].

Configuration issues
Typical issues that need to be considered inclsee &lso Figure 48):

e Solar panels exposed to the Sun (no or limited ahad)): May need some device to point the
arrays towards the Sun and keep them pointed t@ewheld Sun. For GEO satellites, solar arrays
usually are mounted onto North and South panelatélige, which allows for full 360 degree
rotation of the panel.

 Body mounted versus wing mounted panels: Body nsmlinisually limited to low power
applications. It allows for a stiffer design or lanass. But temperatures go up, which tend to
lower the cell efficiency.

0 Spin control: Not all panels used at the same time

» Single versus multiple wing: Two wings allows foisgmmetric design, thereby facilitating the
positioning of the CoM.

In addition, we need to consider that power sougeeerate a lot of heat. To allow radiating thiathe
into cold space, batteries or fuel cells shall laegd close to or on a cool surface of the sagellit
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Figure 48: Typical configurations for solar cells

Example: Configuration effects on solar array areseded

Consider a spacecraft that needs to provide 1000f\Wower. For this it uses solar array panels tk
under nominal conditions (normal incident solar iatibn) provide for 100 W/fn In this example, we wi
discuss a number of configuration options and tleéect on solar array area

The first option is to equip the spacecraft witlsiagle wing that can be rotated about two axeshsd

solar light is always normally incident on to thangl (compare DMSP or JERS in the above figure).

that case the total solar array area needed is 0 m
The second option is to use two wings that bothbmmotated about two axes (see Gorizont). The S
area results, but not each wing only has an area of.
A third option is to use body-fixed panels likdsashown for ISO in the above figure. In that case heed
to consider that pointing of the array is deterndrigy the pointing of the spacecraft itself. For 8@
pointing is determined by the telescope and hereceeed to take into account that pointing for theya
is not optimum and that this may vary with the seaDepending on the season, the Sun’s appa
position in the sky may be up to 23.5 deg abovestjuatorial plane or below. To correct for this &g
we need to increase the solar array area with ddiad/cos(23.5 deg) = 1.09. So in this case we
need a total solar array area of 10.9.m

A fourth option is to use body-fixed panels oniarspg satellite (compare the Meteosat series &tds).
We would essentially need 10.8, fut since the panels are spinning around, it nseifwat only the ares
projected onto the plane perpendicular to the sotatiation is effective. So to allow sufficient pavto be

nat
I

t
In

ame

irent

pul

obtained, we would need in totatimes 10.9 f= 34.26 nf of solar array area.

For self-study: Consider a freely tumbling cubicalellite covered on all sides with solar cells.
Determine the fraction of the effective solar areaga in relation to the total solar array areant:Hi

Determine the area of the largest cross sectidheofehicle and determine the fraction of this doe
the total surface area.

Problems

a

A number of problems for exercising upon are awddélavia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook availibla the TU-Delft online print shop. Of this

workbook also an electronic copy is available ackboard.
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4.4 Propulsion
The propulsion system is the whole of hard- andwsok needed to propel a spacecraft. The
propulsive force produced is referred to as thedtiorce or simply thrust.

Why propulsion?
To deal with this question, we need to study pdssions. For example, from the ESA Mars Express
web pages, we learn that the ESA Mars Express leelsidaunched into space using the four-stage
Soyuz/Fregat launcher. The Fregat upper stagegtheespacecraft on a Mars-bound trajectory. Mars
Express on-board propulsion is used for orbit ativaes and to slow the spacecraft down for Mars
orbit insertion. For this, the velocity of the sparaft is to be reduced by 2880 kilometers per hour
30 minutes. The onboard propulsion is also to gleattitude control during the transfer flight and
when in orbit about Mars. Likewise, the propulsgystem of the U.S. $3.4 billion Cassini spacecraft
launched October 15, 1997, from Cape Canaveratidalgrovides propulsion for major changes to
Cassini's trajectory en route to Saturn & Titanmlore detail, the system provides for:
- Mid course corrections and plane change
- Capture at Saturn
- Station keeping at Saturn
- Attitude control during all above phases

- Compensate for disturbance torques

- Provide for attitude maneuvers
It has a total mission characteristic velocity dalig of 1.6 km/s. In addition, it is capable oéibg
fired 17 times en route to Saturn, and will be tgdiapproximately 150 more times before the end of
the mission.

In general, we find that propulsion is needed to ...:

» accelerate and/or decelerate a vehicle (orbit iioserlaunch, de-orbit, breaking maneuver,
landing maneuver)

e maneuver in space (e.g. to change orbit and dndaage the orbit plane)

» counteract disturbing forces (gravity, drag, etcg¢msure station keeping, i.e. orbit control
* provide attitude control

» Other

In practice, we find that almost all spacecraft agelipped with some means of propulsion. Some
exceptions exist that either do not require a piipn system or no suitable propulsion system is
available yet. The latter is for instance the dasenano- and pico-satellites for which the curhgent
available propulsion systems are way too largehaay.

Some spacecraft may even be equipped with a prigeargnain) and secondary propulsion system.
The purpose of the primary propulsion system iprtavide thrust needed to launch a spacecraft into
space and/or to change orbits for instance forrptaaetary travel. Hence, Primary propulsion
systems are sometimes also referred to as orbitat@ystems. Secondary systems are used for small
(in terms of characteristic velocity &f/) maneuvers and for attitude control and steel8agondary
systems are also referred to as reaction contstésys, abbreviated RCS.

Key requirements

Key requirements generally relate to allowable equired acceleration/deceleration levels,
capability, magnitude of disturbing forces and tars, mission or more specific travel/flight duratio
and maintaining a suitable level of availability thie payload. For illustration, the figure 2.4 from
[SSE] provides typical tolerance levels to sustdiaeceleration levels for astronauts, whereas Eigur
49 provides an overview of typical velocity changeguired to accomplish a Moon mission including
landing and return to Earth.
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To: |Low Earth |Lunar Low Lunar |Lunar Lunar
Orbit Transfer |Orbit Descent  |Landing

From: Orbit Orbit
Low Earth 3107
Orbit km/sec
Lunar 3.107 0.837 3140
Transfer km/sec km/sec km/sec
Orbit
Low Lunar 0837 0022
Orbit km/sec km/sec
Lunar 0,022 2684
Descent km/sec km/sec
Orbit
Lunar 2890 2,312
Landing km/sec km/sec

Figure 49: Overview of typical velocity changes regjred to accomplish some maneuver

Requirements with regard to the first three paramsetre generally outcome of trajectory (for
launchers), orbit and attitude control analysise(®g. material from course AE1110-1l). For
generating requirements relating to the compensaifodisturbing forces the next few paragraphs
provide methods to determine/estimate the mairuidistg forces on a spacecraft. In general such
forces need to be compensated for by propulsivenmdzor this, the compensating force should be
equal to (not taking into account any margins)angér than the disturbance force. In the lattee dtas
allows for short propulsive burst to correct foe ttistortions that result from the disturbing farce
over a longer period of time. We will discuss gtav{aerodynamic) drag and the force resulting from
solar radiation. Notice that in our discussion,ave more interested in maximum values then in how
forces vary with mainly interested in maximum value

Gravity

Launcher propulsion

Rocket motion has been treated in some detail ihlAB-Il. From this treatment, we learn that the
thrust produced by the propulsion system shoulddbe to accelerate (launcher) or decelerate (Iander
the vehicle. Typical values for thrust load (alsterred to as thrust to weight ratio) at startlight as
reported range from:

* Forlaunchers: 1.2 -2.5

* Sounding rockets: 5-35

Other important propulsion related parameters espgilant mass ratio, and burn time. In general we
strive for a low propellant mass ratio and a sharn time. The latter is to limit gravitational fsee
again AE1110-Il, whereas the former is to maxinifz payload mass.

Space propulsion

Current spacecraft typically have a thrust to weigltio in the range of 0.1 and less. This is beeau
thrust is in a direction perpendicular to gravitgtead of opposing gravity as for launchers dutlireg
initial phases of the ascent. Higher values areafrse feasible, but generally require a tougher
spacecraft structure and hence resulting in a extipayload mass.

For space propulsion essentially two approaches:exi
* Impulsive shot: Short burn time while thrustingight angle to local gravitational field; g ~0
* Low thrust (more or less continuous) propulsion

An important difference is in the burn time and #ssociated gravity loss. In general, one aims for
short burn times as to limit gravity loss just lifa@r space launchers. For longer burn times, gyavit
loss for spacecraft can be significant as unbuimegellant is being accelerated and moved to a
higher altitude during the mission. For instancgng the figure below, we find for the transfernfro
LEO (28.5 deg)-GEO that high thrust requireAwacapability of 4220 m/s, whereas the optimized
low-thrust value is 5900 m/s. This is about a fadtd higher.
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Figure 50: Contour maps ofAv for altitude and inclination change (Initial altitude is 400 km) [Sanchez]

Figure 51 shows the effect of the thrust level loa telocity increment for a Mars mission. It clgarl
demonstrates that with decreasing thrust levetefairedAv capability increases.
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Figure 51: Effect of thrust to weight ratio on misgon characteristic velocity (Mars mission) [Turner]

The reason for considering low thrust options wite associated gravity loss is because some low
thrust options allow for significantly higher extsawelocities (up to 100 km/s) then the high thrust
options thereby allowing for a much reduced pr@pglload and hence also increased payload mass.

Drag
(Aerodynamic) drag should be taken into accountnwbbiting a planet with an atmosphere. The

drag force exerted on a satellite moving throughesatmosphere can be calculated using:
1
F, =§waz (500G, [88]

* F,is aerodynamic drag

e pisthe atmospheric density (depends on the adtjtfad values for Earth see appendix H)

* Vs orbital velocity (for typical values of circal velocity, see again appendix H)

e Sis the frontal projected area

« Cpis the aerodynamic drag coefficient; for Free Malar Flow its value ranges from 2 to 4

! Free molecular flow describes the fluid dynamics of gas where the nfienpath of the molecules is larger
than the size of the chamber or of the objecthis Wwork the spacecraft) considered. It is in casttto
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Values of the drag coefficient for specific spaedtccan be taken from for instance SMAD, table 8-3.
A simple method to calculate the drag coefficiehsinple shapes in free molecular flow can be
obtained from NASA SP 8058, see also material pleyion launcher design. Since a body in free
molecular flow does not disturb the flow, a comaled shape can be resolved into simple parts, and
the contributions of each of these parts can bedadagether to obtain the coefficients for therenti
SI/C.

Example: Drag estimation

Consider a satellite in circular orbit at an altife of 500 km with a frontal projected area of 4§ emd a
drag coefficient of 2. From appendix H, we finda@bital velocity of 7.613 km/s and a mean (averaged
over time) density of 4.89 x 10kg/nf. It follows a drag force on the satellite of:

F, = % [4.89x 10° 0761308 2 142N

This essentially shows that even at low altitudesg force is rather small.

For self-study: What would be the drag force exgpered by the foregoing satellite when in orbit at
an altitude of 500 km about Mars? The big problegrehmay be finding the mass density of the
Martian atmosphere at the altitude given. Consadles how the different composition of the Martian
atmosphere may affect the resulting drag (congidanges in viscosity and hence Reynolds).

For preliminary design purposes, we are mainlyrggied in the maximum value of the drag force as
experienced by the craft and not so much in hoxariies with attitude. This is because it is mo#tly
maximum value that determines the required thustetinstalled on the vehicle. For this reason also
we do not take into account all the variations iasendensity of the atmosphere, but consider e.g.
maximum mass density only.

Solar radiation
The force exerted on the spacecraft by solar liadiaan be calculated using:

F,=(1+p)P,(5 [89]
> = Js [90]
C

* Fis incident radiation force due to solar radiation
* pisreflectivity (0 <p < 1)

e Sis frontal (projected) area

e Psis solar pressure

« cis velocity of light (c = 3 x 10m/s)

Example: Solar pressure force estimation
For a spacecraft of surface area S (perpendicutethe direction of the solar radiation) = 5°mp = 0.5 at
1 AU (k = 1400 w/ni) we obtain a force of 35 microNewtqm\).

continuum flow, where the gas (here air) is congidex continuum, i.e. there are no significant dagisveen
the air molecules that delay its reaction to extkedisturbances.
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Significant for
spacecraft
with large

frontal area

Figure 52: Force induced by solar radiation

The force due to solar radiation is directed altmgline connecting Sun and satellite (Sun-Sagellit
line) and points away from the Sun. Like for aemaiyic drag, we are mainly interested in the
maximum value of this force over the mission dara@énd not so much in how it varies in time.

Propulsion fundamentals

Different options exist to generate a propulsiveéancluding:

— Rocket propulsion: The thrust is generated by dixgeimass from within the spacecraft in a
direction opposite to the direction of travel/matio

— Non-rocket propulsion: Next to rocket systems, atarray of non-rocket systems exist that can
be considered for use on spacecraft, provided taey be qualified for flight in time. These
include air-breathing propulsion for Earth-to-orbaunchers, but also solar sailing, tether
propulsion, and magnetic sails for in-space prapnls

Since most (99% and more) space propulsion systesmsocket propulsion as the main means of
propulsion, we limit our treatment from now on txket systems only.

How does it work?

A rocket system expels mass at a high velocity direction opposite to the direction of motion. The
matter expelled is referred to as expellant or mopenmonly as propellant. To accelerate the
expellant the rocket must exert some force onadtiga). From Newton’s second law it follows a
reaction force works on the rocket equal to thedacting on the expellant, but in opposite digecti
(action is reaction). This force is referred torasket thrust or shortly thrust. Its magnitude duejse
on the mass expelled per unit time (m), commonfgrred as the mass flow rate, times the velocity
with which it is expelled (w), also referred toeashaust velocity:

F =mliv [91]

Example: Rocket exhaust velocity

A rocket is producing a thrust of 30 kN over a $Gine span. During the time span the mass ofdbket
decreases linearly with 900 kg from 1000 kg tol@@dee also relation [62]). Mass flow rate in these
is 9 kg/s. Using above relation, we find an exhaestcity of 30000 N/9 kg/s = 3333 m/s.

So thrust depends on the mass flow rate and tloeitelat which the material is expelled. Of these,

mass flow rate generally is determined by the dtape (feed) system i.e. the capacity of the

pump/pressurization system (see for more detadlsrtaterial covered in the part of the course extitl

“Launcher Design and Sizing”) and the exhaust vglooy the technology used to accelerate the

propellant to a high exhaust velocity. Typical decation technologies include:

» Cold gas propulsion, wherein a high pressure iged is accelerated to a high velocity by
allowing the gas to expand in a nozzle (a spebiapsd flow channel).

» Thermo-chemical propulsion: Chemical energy is usedieat up a propellant which is than
accelerated to a high velocity in a nozzle. As pliamts are generally used a combination of fuel
and oxidizer that react to free up the requiredibal energy. Compared to cold gas propulsion,
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this has the advantage of adding thermal enerdlgetdlow, thereby providing for the capability
of a much higher exhaust velocity

» Thermal propulsion (arcjet, resistojet, thermo-pac): A hot propellant is accelerated to a high
exhaust velocity in a nozzle. Main difference wahemical propulsion is that the energy for
heating the propellant does not stem from a chdméeeation but from a nuclear reactor or from
an electric generator. Compared to chemical prigulg allows for selecting light (in terms of
molar mass) propellants, thereby increasing tlznratble exhaust velocity.

» lon propulsion, wherein electrical energy is usedtcelerate ions to a high exhaust velocity.
Electrostatic ion thrusters use the Coulomb fonog accelerate the ions in the direction of the
electric field. Electromagnetic ion thrusters uke torentz force to accelerate the ions. Some
neutralizer is needed to neutralize the beam agdept the vehicle from charging.

» Plasma propulsion, which uses the Lorentz forder@e resulting from the interaction between a
magnetic field and an electric current) to accédesaplasma, thereby generating thrust.

The latter two are also referred to as electricpplsion as both require electric power for their
operation. In that sense also the arcjet and #istoget are referred to as electric propulsion.

The attainable exhaust velocity can be obtained fiar instance [SSE, Figure 6.2]. It follows:
» Cold gas propulsion: up to 600-800 m/s

» Chemical propulsion: up to 4.5 km/s
* Thermal propulsion: up to 10 km/s

e lon systems: up to 100-200 km/s

* Plasma systems: up to 100 km/s

In more detail, we find that the values also dependvhich propellant is chosen and their mixture
ratio. For now we will leave the details for later.

The propulsion system should operate long enougilloav for the required, velocity change to be
accomplished. Once the technologies to determiree ssxhaust velocity have been selected, the total
amount of propellant needed solely depends on tission characteristic velocity (from mission
analysis) and the vehicle mass ratio (obtained fromparable vehicles) and can be calculated using
the rocket equation, see Eq.[5]. Remember that itminmze propellant mass it is important to
maximize the exhaust velocity.

Once propellant mass is known (e.g using the roekgtation) and a thrust value set (for some
exhaust velocity), the burn or operation time & plnopulsion system can be determined using:

M p
tb =— [92]
m
Another important figure of merit for propulsionssgms is the specific impulse ! It essentially
gives the ratio of momentum delivered by the engiin@led by the total propellant weight:

F, it N
|Sp={/IT— 0T EP e, | = (93]

» 0o M, o,

Here t gives the time over which the engine operateg,idMpropellant mass and, gs Earth
gravitational acceleration at sea level. A highueadf L, than indicates that for the same amount of
total impulse (or momentum) delivered, propellamhsumption is low and vice versa. This becomes
more obvious when combining Eqg. [92] and Eq.[93]:

_miny _w

g, = 94
» My o [94]
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This equation essentially shows that a high exheelstity is identical to a high specific impulsbe
only difference being a factor of about 10. Thetrfegure gives typical ranges of,for a number of
different propulsion systems. It shows that chefrsyatems have low specific impulse and electric
systems (ion and plasma) high specific impulse.

Range of Thrust and |, for Different Propulsion Systems
I I I I
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Figure 53: Range of thrust and |, for different propulsion systems

When comparing the data from Figure 53 with theadedm the earlier referred to Figure 6.2 from
SSE, we find that velocity ranges indicated do edifSlightly. This is explained by different
investigators using different data and/or dataroblaer date.

From [SSE, Figure 6.2] and Figure 53, we also l¢hat thermonuclear and chemical systems are
capable of delivering high thrust, allowing for tenner propulsion, whereas the other systems are
limited to low-thrust applications. This is relatéal the high power levels needed to operate these
thrusters, i.e. the required power. How much paweeeded can be determined from the jet power P

|:>j :ED:T D/v:—ll:mEW [95]
2 2
Using:
P=n, [P [96]
With P is input power, and is thrust efficiency (0 €0 < 1), i.e. a parameter indicating how

efficient the power input to the thruster is coiedrinto jet power. Using the above relations it ba
shown that even at low thrust levels high poweelgvesult.

Example: Thruster input power

A thruster producing a thrust of 1 N with an exharedocity of 3000 m/s (or specific impulse of ai@0
seconds) produces a jet power of 1500 W. In casetbfust efficiency of 50% it follows an input pow
needed of 3 kW.

Values of thrust efficiency for the various tecltogies can be obtained from literature and ranga fro
about 10-30% for plasma thrusters, 50-60% for flwodters and up to 80-90% for thermal rockets.
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The power level is important for non-chemical rdckgstems as it provides a measure for how much
power should be delivered by some power sourcengutie operation of the rocket and hence may
affect the dimensioning and sizing of the powerseu

In [SSE, Figure 6.2] also lines of constant spegifower, here beam power per unit of vehicle mass,
are given. It clearly shows that nuclear and chahsystems both are capable of providing high
power per unit mass, whereas for the other systeinss limited to values below 500 W/kg.

Rocket propulsion system elements and configuration

The propulsion system of a spacecraft generallysists1of a primary (for large maneuvers) and a
secondary system (for small maneuvers and/or @gtittontrol) or reaction control system (RCS).
These systems typically differ in the thrust levated. In addition, they may even use different
propellants to allow for a more optimum design. Tgrenary system may be integrated with the
secondary system to form a single system or mag beparate propulsive stage, i.e. a propulsive
module or kick stage that can be dropped oncerihygeflant is used. This gives as advantage that the
mass of the actual vehicle decreases thereby Iowetie effect of disturbance forces and mass
moment of inertia of the vehicle. The latter allofes reducing the capabilities of the vehicle’s
attitude control system. An RCS system typicallgliles many small thrusters providing small
amounts of thrust in any desired direction or corabon of directions. An RCS is also capable of
providing torque to allow control of rotation (ditcyaw, and roll). Sometimes an RCS is equipped
with different small thrusters providing differetitrust levels for e.g. East-West and North-South
station keepiny of satellites.

Some specific propulsion systems and their maimacteristics are given in Table 35.

Table 35: Primary and secondary propulsion systemt@racteristics [Sarsfield]

Launch Upper  Stabilization Number of

Mission Spacecraft Vehicle Stage Type Thrusters  Fuel Type
Clementine Titan II Star-37 J-axis 12 Hydrazine
Discovery NEAR Delta IT 7925 3-axis 11 Hydrazine

Mars Pathfinder Deltall 7925  Star-48B Spin 8 Hydrazine
Explorer SMEX-5WAS Pegasus XL n/a 3-axis n/a n/a

SMEX-TRACE Pegasus XL n/a J-axis n/a n/a

MIDEX-MAP Delta 7325 Star-48 3-axis 6 Hydrazine
New Millennium  Deep Space 1 Delta 7326 Star-37 3-axis 8 Hydrazine

Earth Observer |  Delta 7320 n/a 3-axis 4 Hydrazine
SSTI Lewis LMLV-1 J-axis 8 Hydrazine

Clark LMLV-1 n/a J-axis 2 Hydrazine
Siirveyor Mars Global

Surveyor Deltall 7925  PAM-D 3-axis 12 Hydrazine

Mars Surveyor

"08—Lander Delta 7425 Star-48 J-axis 8 Hydrazine

Mars Surveyor

"08—0Orbiter Delta 7425 Star-48 J-axis 8 Hydrazine
Baseline RADCAL Scout n/a Grav. Grad. n/a n'a

From this table follows:
» Launch vehicle forms part of the transportatiorntesysneeded to get the craft at its destination

* In some cases a separate upper stage or kick @tagestance PAM-D) or a kick motor is used.
The latter is usually integrated in the satelligpical propellants used are mostly solids (Star
series of motors) that allow for a low cost and@endesign thereby allowing for short thrust
times (reduced gravity loss).

12 hitp://en.wikipedia.org/wiki/Orbital_station-keeywj#Station-keeping_in_geostationary_orbit.5B1.5D
'3 Thiokol's Star family of space motors provides muision for spacecraft and launch vehicle upper
stages. The Star number for each motor indictgespiproximate principal diameter in inches.
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* Not all spacecraft (for instance SMEX and RADCAQu&ped with a propulsion system

* Number of thrusters for the RCS ranges from 2-3idally 4 thrusters needed per axis in case
of pure torques. A lower number of thrusters majidate that other means are used on board of
the spacecraft to provide for attitude control.

* RCS uses mostly hydrazine propellant. This is bseatis a monopropellant allowing for a
relatively simple system. Also hydrazine offers gatorage life and is self-igniting (hypergolic).
For long-life spacecraft we may also use a storblgeopellant, like mono-methyl hydrazine as
fuel and nitrogen tetroxide as oxidizer, as anra#ttive, see later in this text. This allows for
reducing propellant mass.

Different propulsion systems may be used on bodirdpacecraft. Still the main elements of the

various systems are essentially the same. As tlie @ements of any rocket propulsion system we

distinguish, see Figure 54:

o one or more thrusters/engines/rocketotors, i.e. the thrust generation system

o propellant, which makes up the mass to be expelled

0 propellant system (compare fuel system for airraft

0 power-plant or power source that provides for tbevegr (energy) needed for propulsion; For
chemical rockets such a power-plant is absentagrtbpellants themselves also act as the power
source, however, for various other types of rockike ion rockets and plasma rockets we do
need to take into account the presence of a sepaoater source

Propellant flow

Propellant
Propellant handling or | Accelerator
storage feed or thruster
Propellant system ' Exhaust jet
Power-plant

Figure 54: Rocket propulsion system elements

The thrust generation system generally consistsmefor more thrusters see for instance the Table 35
Some typical thrusters are shown in Figure 55.Famnpropulsion purposes; we typically find a
single thruster suffices (per axis). However, toréase reliability, one sometimes tends to implémen
multiple thrusters. It also allows for using smallerusters and hence a better usage of the alailab
volume in the spacecraft.

14 Engines/motors: The larger of a spacecraft's propulsive deviceshaps producing a force of several
hundred Newton, used to provide the large torqueessary to maintain stability during a solid raaketor
burn, or they may be the rockets used for orbiiitisn. Usually the word motor is reserved for dalhemical
propulsive devices and engines for liquid chemicabulsive devices.

Thrusters: A set of small propulsive devices, typically geaterg between less than 1 N and 10 N, used to
provide the delta-V required for interplanetaryjegcaory correction maneuvers, orbit trim maneuvegsction
wheel de-saturation maneuvers, or routine threg-staibilization or spin control.

Thruster and engine are sometimes also referrad tootor.
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D) lon thruster E) Arcjet
Figure 55: Typical chemical and non-chemical thrustrs

The feed system typically consists of a propelstarage system that stores the propellant and a
propellant handling system that ensures the prdiloev of propellant to the thruster. Typical
components include fluid tanks for storage, pipangpropellant tubing to distribute the propellatas

the proper thruster and various valves and regulabocontrol the propellant flow.

For all means of propulsion some power source edeé providing for the required power. For
instance, ion and plasma rockets require an etattgower source and nuclear rockets require a
nuclear power source. Figure 56 shows a schemétincelectrical propulsion system with the
electrical power source highlighted in
the figure. Also chemical rockets

] how they are related with each other,
usually a propulsion system schematic
is used of the type shown in Figure 56
and Figure 57. The latter represents a
chemical propulsion system. From
Figure 56: Schematic of electrical propulsion systa such figures we can make out the
number of thrusters, the number of tanks, how lthesters are connected to the tanks, the number
and types of valves used, how the propellantsedéd the thrusters and so on. Notice the absence i
the figure of a separate power source.

_| S/C computer oo ey .
. L require some power source, however,
"g;"“; 0 =y =3+ for a chemical rocket no separate
- ji 51 P ! : I ' Theweterd power source is needed as the power
SA 1 Fower i stems from a chemical reaction
P‘rmnr .
_ I = between the various propellant
1 > .
______ | -é.l-—b constituents.
@) |
Batteries | ( He }fmagl— ; e To show the various elements that
| make up the propulsion system and
|
|
I
|
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Figure 57: Schematic of a typical spacecraft RCS

Figure 58 shows the propulsion system of the Caspiaicecraft. It consists of a combined (primary
and secondary) system. Propulsion for major chatm&sassini's trajectory is provided by one of two
main engines. These powerful engines use mono-inkyladyazine as fuel and nitrogen tetroxide as
oxidizer. Sixteen smaller thrusters use hydrazmeadntrol Cassini's orientation and to make small
adjustments to the spacecraft's flight path. Tred (MMH) and oxidizer (NTO) are each stored in
their own tank. The hydrazine for the smaller tkeus is stored in the monopropellant tank. The
propellants are forced from the tanks to the tlemssby high pressure Helium stored in four Helium
high pressure pressurant tanks. A pressure regukgialates the pressure down to a value acceptable
for the piping and the propellant tanks. Finallaage of filters, valves and pressure sensors dthow

a proper distribution of the propellants to theimas thrusters.

< Bipropedlant
Fuel Tank

Helium Tank

Propellant
}/\hlues, Filters,
Etc.

Monopropellant
Tank

I Hedium Tank
L~ /IOne-sho'tRecharge)

Bipropellant
Oxidizer Tank

Primary
Main Engine —# |

Figure 58: Propulsion system of Cassini spacecraf€ourtesy NASA)

) «—- ackup Engine
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Figure 59 shows the propulsion system of the NeamhEAsteroid Rendezvous - Shoemaker
spacecraft (NEAR Shoemaker), renamed in honor eieG&hoemaker, which was designed to study
the near Earth asteroid Eros from close orbit @period of a year. The craft is three-axis stadi
and uses a single 450 N bipropellant (hydrazineramdgen-tetroxide) main thruster, and four 21 N
and seven 3.5 N hydrazine thrusters for propuldiama total delta-V potential of 1450 m/s. Attitud
control is achieved using the hydrazine thrustads4reaction wheels. The propulsion system carries
209 kilograms of hydrazine and 109 kilograms ofagjen-tetroxide oxidizer in two oxidizer and
three fuel tanks.

EVC Oxidizer tank S—— ;'ggule
odule ———p g f2 ! =
mseue o . ;: MNEAR mass summary.
. | e —
Fuel tank Item Mass (kg)
{1 0f3)
Latch valves Major assemblies
T Structure 331
d heat . -
Vit i /7 :rr‘:ieldea Hellum tank assembly 10.1
(ingide structure) ™ L Oxygen tank assembly 11.9
Care
aiod e Fuel tank assembly 23.4
LVA assembly 9.9
Propuision FVC modules 10.3
system ——— ]
e gl Valves, electrical, thermal 193
Total dry mass 1180
Helium 1.6
Usable NoOy/NoH, 315.1
| Residual propellant 30
Interface support 2 p—
structure Harness Total wet mass 4377

NEAR propulsion systemn configuration,

FVC is fine velocity control
LVA is large velocity actuator

Figure 59: NEAR propulsion system module lay-out ath mass characteristics
From the foregoing two figures it follows that thrage system makes up a significant part of the

propulsion system especially when a high missiaratteristic velocity is required. Other important
configuration issues include:

» Exhaust of thrusters must be pointed away fromspfacecraft. This is to prevent damage of the
spacecraft by the hot exhaust

* Main propulsion: Work line of thrust shall be p@dtthrough the CoM of the spacecraft as to not
produce a disturbance torque

* To allow for pure control, 4 thrusters are needsoliaeach axis.
» Multiple thrusters can be used to increase sysediatbility
* In case non-pure torques are allowed, we can doless thrusters.

» Tanks shall be installed close to the CoM as noprtwvide disturbing torques (sloshing) and
influence MMOI.

» A heat shield may be incorporated to limit thermaaliation from the thruster to the spacecraft

» Some thrusters are mounted outside the vehicles. i§hb limit heat flowing from the thruster to
the spacecraft

* Some thrusters are mounted under an angle. Thisakow for reducing the number of thrusters
and/or to prevent the nozzle exhaust from touchkertgitive areas.
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Sizing and dimensioning

As a first approach thrust can be determined basdustorical data for comparable vehicles. Inrlate
phases, more detailed analysis may follow includihg calculation of disturbance forces and
gravitational losses. Typically the thrust forcesnbe sufficient to compensate for disturbing ferce
and/or to overcome gravity and to allow for accaien or deceleration. Sometimes the disturbing
force is thus small that we need to resort to mltkeusting. In that case we allow the disturbatoce
grow over some period of time and then use a gshaust period to compensate for the disturbance.
This allows for using thrusters with thrust levelfainable in practice. For instance, for attitude
control several 1000 (or more, depending on thesiom operating cycles (on/off) may be needed,
meaning that the thrusters are started and stoggextal 1000 times.

Likewise, propellant load can be estimated usistohical data for comparable vehicles. However, as
indicated earlier, see chapter 3, for primary pleipn purposes a more accurate result can be
obtained using the rocket equation. For this thomigsion characteristic velocity, vehicle massorati
and the specific impulse (or exhaust velocity)\dsd by the propulsion system need to be known.

Instead of the vehicle mass ratio, see chaptels8,the final (empty) or initial vehicle mass mag b
considered known. In that case and considering ghaptellant mass Mis given by the difference
between initial mass Mand final mass M

M,=M,-M, [97]
We can derive the following equations for propdilianass:
M, = (1—e‘%) M

A\
Mp:(eﬁv—l)lvlf

These equations relate propellant mass to initia final mass, respectively and again stress the
importance of a high exhaust velocity for minimizipropellant mass.

o]

[98]

Note that here we have replaced final magsdWwempty mass M This is because propellant may also
be spent in multiple burns rather than in a siftgien. In that case it is better to use final madgre
final mass refers to the mass after the burn ratien the empty mass, i.e. the mass of the vehicle
when all propellant is spent.

When calculating propellant load, one should realimt specific impulse depends on the propellants
selected, see for instance [SSE, table 6.1] artddhgaome systems different propellants may be& use
for different functions. In general, the propulsiengineer is required to assess different propisllan
for use on some spacecraft for some mission. Thigeneral includes many aspects, but in the early
stages of the design the assessment is mostlhetrtotmass and size considerations and ease of use.

Example: Propellant mass estimation
You are designing a spacecraft withda capability of 2.5 km/s. Total mass at start & thanoeuvre i$
1000 kg. Determine for this spacecraft the propgllaass to be carried on board.

Solution 1: Selecting a chemical rocket with a efaxhaust velocity of 3000 m/s, we find a mass Rt
of 2.30. Given a total mass of start of 1000 ki #ill mean that the mass at the end of the mavreeis

reduced to 1000/2.30 = 435 kg or just about 5650kgropellant is expelled at a velocity of 3000 ho/'s
attain a velocity change of the vehicle of 2.5 kidecting a thrust level of 1000 N (which givesretial

acceleration of just 1 mf/r about 0.1 g than allows us to calculate a propellant massvflate. Using
Equation[91] we find a mass flow rate of 1000 N / 3000 m/s 338.kg/s. Given the total mass |of
propellant of 565 kg than follows for the operatiime of the thruster 565 kg / 0.333 kg/s =~1697 e
about 28-29 minutes.
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Solution 2: As an alternative, we could also sestton propulsion system with say an exhaust itglo€
30 km/s. With the rocket equation we find a matde td 1.11, which gives an empty mass of aboutkg05
and hence a propellant mass of just 95 kg (as coedp@ 565 kg for the chemical rocket motor). Farja
arbitrary thrust level of 1000 N, it follows a maésw rate of 0.0333 kg/s and an operation timalodut
280-290 minutes. However, if we now estimate tlaenbgower, it follows a power level of 0.5 (0.0333)
(30000)2 = 15 GW. This is too much for most curfeRS with 15-30 kW currently being an upper limit.
To reduce the beam power, the thrust level neebe teduced. For instance, for a thrust level ™ We
find a beam power of 15 kW. As a consequence thapghation time of the thruster is increased taeno
than 4500 hrs (or just about half a year). So tduee the power required by the ion propulsion sysise
select a low thrust value, but in that case we maké into account that the thrust time increases.
Moreover, even at this reduced thrust level, wd fasing Eq.19]) that the mass of the power source

(0.04 kg/W x 15000 W = 600 kg) more than offsedsréfluction achieved in propellant mass due to|the
high exhaust velocity.

In the above example we have for now neglecte@ffieet of thrust level on the requirey capability.
This will be dealt with in later courses dealingthwlow-thrust trajectories. We have also negledteat
power conversion efficiency is not equal to 100%aHy, we mention that power could also be reduced
by selecting a lower exhaust velocity. This thoumgieases the propellant mass, but reduces the wfass
the power source.

Next to thrust and propellant load, also the dryssna.e. the hardware mass, and the size of the
propulsion system need to be determined. Some simpthods suitable for the early design stages
are dealt with in the next few sub-sections.

RCS dry mass estimation

System dry mass (in kg) of chemical RCS can benestid based on known propellant mas) (
using the following simple scaling rules:

RCS type Estimating relationship

Cold gas M, = O.99DMp +6.71 ; SEE= 42¢ [99]
5 data points; Propellant mass in range 2-40 kg

Monopropellant M, = 0.178DMp +7.69 ; SEE= 8.1¢ [100]
15 data points; Propellant mass in range 30 — 800 K

Bipropellant M, =0.0348M, + 58.15 ; SEE 6.0 [101]
10 data points; Propellant mass in range 700-1800 k

All mass values in kg.

For non-chemical RCS systems, no such rules ardablayet due to lack of statistical data. As a
first approach, however, one could apply the refethip [100] and then add the mass of the
(electrical or thermal) power supply. The masseflatter could be estimated using:

M, =a, PR, (compare FSS, eq. 6-26) [102]
With:
a,, = specific mass of power supply (in kg/W);al/ = specific power.
P,, = power output of power supply (P F}/n where Pfollows using Eq.[95])

Typical specific power values are (see also SSRylsion web pages):
* Thermal power-plants
Radio-isotope: 25-170 Vg
Nuclear-thermal: 300-4000 kykg
Solar collector-receiver at 1 AU: 200-2000/ky
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» Electric power-plants:
Photo-voltaic array: 10-40 Wkg (compare Eq.[19])
Photo-voltaic system (incl. batteries): 7-12/kg
Nuclear-electric: 2,5-100 kg

Referring to the foregoing example, we applied E3j.[to come up with a mass estimate of the
power-plant. However, in case also batteries aeglea (in case of eclipses), the mass of the power-
plant could further increase.

For a more in depth discussion of the various gnsayirces, their working principle and the vehicle
design implications, you are referred to the sectm electrical power generation earlier in this
lecture series.

Kick motor dry mass estimation
Solid propellant kick motor dry mass can be estidatsing:

(Mt ), [kl =0.071 M, [k]) +18.97 [103]

The above relationship is based on 9 data poirtseimange 300 to 9500 kg and has an SEE of 16.5%.

Ligquid chemical systems are usually integratediihee a kick stage and/or the RCS. So no special
estimation relationships are provided here.

Kick stage dry mass estimation
Kick stagé® dry mass can be estimated using:

M =10- 25% of(M [104]
(M) (M)

stage/ py stage

Compare this relation for instance with the dateegifor the NEAR propulsion module in

Figure59. The data shows a dry mass of 118 kg and a tatakfiant load of 318.1 kg, which gives a
dry mass to propellant mass ratio of 37%. It shthas the NEAR propulsion module is a relatively
heavy module. This is mainly attributed to the tiedy small propellant load.

Size/volume estimation

For chemical systems, it is the size of the prepelstorage that determines to a large extent the
size/volume of the propulsion system. Based orktimvn propellant load and using the propellant

information from SSE or from Braeunig, the propetlaolume can be estimated. Tank or storage
volume typically is a factor 1.1 - 2.0 larger. Také into account the other items (piping, thrutigrs

is advised to take 10-20% of the tank volume.

For non-chemical systems the same rules applywbuteed to take into account the volume/size of
the power source. For electrical systems, onefésresl to the section on electrical power genenatio
For thermal power systems no such relationshipsaagable due to lack of information.

15 A kick stage differs from a kick motor in that akistage may consist of not only the kick motot, dso of
avionics, an RCS, a separation system, interfadés ather stages and/or the payload (like payload,r
electric connectors, etc.). Read for instance tpecification of the Inertial Upper Stage (IUS) on
http://www.braeunig.us/space/specs/ius.htm
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Example: Propulsion system volume
Consider a rocket system carrying on board a hydmgxygen propellant load of 1500 kg. From SSE
learn that this propellant has a mean density afw&280 kg/m This hence gives a propellant volume

5.4 nt. Using a factor of 1.1, we obtain a tank volumé&&f ni. To take into account all other items, e

we
of

add a further 15% (a figure somewhat arbitrarilyoslen) of propellant volume, meaning that the total

volume of the propulsion system is estimated 7

Note when selecting hydrazine with nitric acid asadternative propellant, the total tank volume bees
1.37 . To this we should add some 0.2tmtake into account thrusters and piping. Howeveis does

not take into account yet the additional propellaeeded to make up for the reduced specific immflse

the hydrazine — nitric acid combination.

Minimizing system mass

The mass of the propulsion systems follows fromsathe of propellant mass and propulsion system
dry mass. From the rocket equation it follows tiwaminimize propellant mass we need to maximize
the velocity with which the propellant is expell@&lt does that also mean that in that case prapulsi

system mass is minimal or is it possible that byimizing the propellant mass we increase

propulsion system dry mass and hence cancel ogigiinemade by increasing the exhaust velocity.
This topic will be dealt with in more detail in @ér course (AE2203).

Problems

A number of problems for exercising upon are awddélavia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook availibla the TU-Delft online print shop. Of this

workbook also an electronic copy is available ackboard.
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4.5 Attitude Determination and Control

The motion of a spacecraft in space is specifiedtdposition velocity, orientation androtational
rate. The first two quantities describe ttranslationalmotionof the centre of mass of the spacecraft
and are the subject of celestial mechanics or anbithanics, while the latter two quantities describ
the rotational motion of the spacecraft bodyboutthe centre of mass and are the subject of this
lecture.

Some definitions

» Theattitudeof a spacecratft is its orientation in space.

* Attitude determination is the processneéasuringandcomputingthe orientation of the spacecraft
relative to certain reference, for example, thetcdahe Sun, or a star.

» Attitude control is the process ofienting the spacecraft in a specified, predetermined timec
based on the determined attitude.

Why attitude determination and control?

Attitude determination and control is necessargnaasure and control the orientation of the sagellit

its instruments and appendages throughout the onidige. In more details it means that the ADCS

system:

» Orients and reorients the satellite, its instrureeamtd appendages (point sensors, align thrusters)
as needed. For instance, the ADCS may provide @oimputs to the Solar Array Drive
Mechanisms (SADM), which change the orientatiothefsolar arrays.

» Stabilizes the satellite (maintain desired oriegataind sensor pointing angles) by minimizing the
effects of disturbance torques (external and imterihereby preventing “blurring” of images
acquired.

Pointing control definitions

target _ . = e
= target desired pointing direction

/  estimate true actual pointing direction (mean)
estimate estimate of true (instantaneous)

a pointing accuracy (long-term)
S stability (peak-peak motion)
2\ true Kk knowledge error
\/,I c control error

a = pointing accuracy = attitude error
s = stability = attitude jitter

Figure 60: Pointing control definitions (from AE1110-11)

Axis definitions
To allow describing the angular motion of a spaaftdwo axis systems are needed. One is the local
orbit reference frame (indicating local verticaldahorizontal) and the other is a spacecraft axis
system. Both systems are orthogonal systems. Tdeesmft axis system is used on board spacecraft
amongst others to:

» |dentify location of equipment on board of the spaaft

» |dentify viewing directions relative to the spacstr
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The origin of the orthogonal spacecraft axis sysgemerally is taken in one of the outer corners of
the spacecraft as this allows for using positiverdmates for most equipment. Some designers use
the CoM as the origin of the spacecraft axis systermthe CoM is very susceptive to change.
Another option would be to select the spacecraftiyl) geometric center, which is relatively better
defined than the CoM.

Knowing where an item is located in the S/C or hbis pointed relative to the S/C body axis system
does not tell yet in what
direction the item is
pointing in space. For this.
we need to know the
orientation of the body
axis frame relative to e.g.
the local orbital reference
frame. The latter is showr
in the next figure.

Roll (¢)

Velocity

+ Yaw (y)

z
To Earth

Figure 61: Definition of
local reference frame

- Z-axis is collinear with the line connecting Eastbénter and the satellite. It defines the yaw
axis and is usually taken positive in the direcodmearth.

« Y-axis is perpendicular to the orbital plane. Ifides the pitch axis.

« X-axis completes the set of orthogonal axes. #ilethe orbital plane and defines the roll
axis. It is taken positive in the direction of tight velocity, but does not coincide exactly
with the velocity vector due to the eccentricitytioé orbit.

Key requirements:
» Pointing direction (for instance Earth pointingSun pointing)
* Pointing accuracy (control) and pointing knowledgge Table 36

Table 36: ADCS pointing characteristics [Sarsfield]

Bus
Pointing Bus Pointing
Accuracy Knowledge Stabilization

Mission Spacecraft (degrees)  [degrees) Type
Clementine 0.0500 0.030 3-axis
Discovery NEAR 0.1000 0.002 3-axis
Mars Pathfinder 1.0000 n/a Spin
Explorer SMEX-SWAS 0.0008 — J-axis
SMEX-TRACE 0.0060 — 3-axis
MIDEX-MAP 0.0200 — 3-axis
New Millennium Deep Space | 0.2000 n/a 3-axis
Earth Observer 1 0.0090 n/a J-axis
S5TI Lewis — 0.004 J-axis
Clark 2.0000 0.020 3-axis
Surveyor Mars Global
Surveyor 0.5700 0.180 3-axis
Mars Surveyor
"08—Lander n/a n/a J-axis
Mars Surveyor
"98—0Orbiter 1.1000 n/a 3-axis
Baseline RADCAL 10.0000 5.000 Grav. Grad.
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Figure 62 shows that for scientific missions origiain accuracy over the period 1970-2010 has
increased with about a factor 100. This leads factor 3 increase in accuracy per decade. Note: 1
arcsecond is 1/368mf a degree.

Orientation Aecnrary (Sreseconds)
200

100 F

]
, , ROSETTA
1870 1,820 1,940 2,000 200

Year
Figure 62: Trend in orientation accuracy for ESA s@ntific missions

ADCS requirements depend on the type of instrumesesl, the required pointing direction and the
pointing stability. For instance, a deep space @expuipped with a large antenna to communicate
with the ground station on Earth may have a beadithyi.e. anglaneasured in a horizontal plane,
between the directions at which the intensity oeBttromagnetic beam is sufficient for
communications, of less than 1 degree. To ensatehk ground station on earth can receive
the message, the beam should be pointed towartts &at it should remain that way over
the duration of the communications exchange.

Example analysis for ADCS requirements generation
Problem (1): Consider observing Earth from an alti¢ of 500 km using a nadir looking camera, whjch
is capable of taking photos, which each cover agaaof 10 by 10 km on ground. The camerg is
equipped with a mechanism that ensures that th&ecércation of the image remains fixed provided
that the platform is perfectly stable. To ensura the center location of the photo is within 1Grom
the desired center location the required pointingwacy (angle) is ....

Solution (1):The value is determined as followsmi@rom an altitude of 500 km indicates that we may
be off 0.00115 degree or 0.00115/(1/60) = 0.069ranc

Problems (2): Consider some disturbance torquengctin the satellite, causing the satellite to retat
Because of this rotation, the image taken (seelprohl) is blurred. Suppose that the spacecraft is
allowed to rotate over 0.01 arcsec over the petlwat a photo is taken. What is the spacecraft jpaint
stability required?

Solution (2) First we determine the time it takessd single photo to be taken. At 500 km altitude [
circular velocity is 7.613 km/s (see appendix Hjrtk radius is 6378 km. Hence, it follows a groupd
velocity of 7.613 km/s/(6378.1km + 500km) * 637& 1k 7.06 km/s. So in 1 second the sub-satellite
point travels 7.06 km over ground. Since a photeec® 10 km in along track direction it means that
every 10km /7.06km/s = 1.42 seconds a photo neells taken to allow for a perfect fit of successjve
photos (without any overlap and/or gap in betweeccsssive photos). Over this period, the pointjng
accuracy should be better than 0.01 arcsec to prettee center location to move too far off. So the
pointing stability of the satellite should be bettean 0.01 arcsec/1.42 s = 0.007 arcsec/sec. Qfsm
the required pointing stability reduces when theylanover which the satellite is allowed to rotate
increases and or the time required for the phottuces, etc.

117



Different modes of operation may be distinguishedthie attitude determination and control system
each with their own requirements. Typical modesp#ration include:

* Launch mode

» De-tumble mode: Reduce rotation rates to near (fsym separation)

» Attitude acquisition: Find Sun, Earth, Stars etcstveeping

* Normal mode: Normal operation such as pointingsfoence

* Delta V or thrust mode: Attitude control to enathleusting

« Communication mode: May require rotating the speafeor antenna to allow for

communications.
» Safe mode: Response to a fault, stable state iohvtbiwait for commands

For each mode different requirements may resulthferADCS.

Fundamentals of attitude control

In this section we will discuss some of the fundafaks of attitude control. These fundamentals are
needed to allow determining the effect of bothutlshince and control torques acting on a sateltit¢he
satellite motion. To this end, we will consider ttodational motion of a spacecraft w.r.t. the baces
system. This is anrthogonal axes system fixed to the body with origi CoM, x-y plane is ground
plane of the spacecraft with x-axis preferably irection of flight, z-axis perpendicular to ground
plane).

Fundamentals of rotational motion (simplified)

Here we will limit ourselves to a rigid spacecradidy rotating about one axis. Later in this lecture
series the rotational motion is analyzed in moraitld-or an object with a fixed mass that is rioigt
about a fixed symmetry axis, angular momentum @Eessed as the product of the moment of inertia
of the object and its angular velocity vector:

H=Ilw [105]

* lis mass moment of inertia (MMOI) of the object

e wis angular velocity.

Angular momentum is important in physics becausgatconserved quantity: the angular momentum
of an isolated system stays constant unless amakterque acts on it.

T=1 [106]

Herea is angular acceleration.

For constant acceleration maneuver we find:
1

AG=wl==[or B+ [ [107]
2

w=al+w, [108]

HereAB is angle over which the S/C rotates in time § tie that the torque acts on the SUgjs
initial angular velocity.

Since in space there is essentially no frictiorSatellite keeps on rotating. This requires thatpace

we not only need to initiate motion, but we als@deo actively stop the motion. Moreover every
disturbance will cause the satellite to rotate sinde motion is not damped even a small disturbance
can lead to a large pointing error. Many smalludisances in space see hereafter
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Example (1): Angular velocity

Consider a satellite that experiences a constastudbance torque about one of its principal axisl6f
Nm. MMOI about this axis is 1000 kd-nif this disturbance torque is not counteractearthhe spacecraft
experiences an angular acceleration of I@d/<. After just one day, the vehicle rotates with agudar
velocity of 0.00864 rad/s or ~0.5 deg/s. This mehasit will rotate 180 degrees in 360 seconds.

Example (2): Rotation angle
From the readings of a spacecraft sensor it follavsonstant acceleration about the y-axis of the |S/
body frame of 0.02 mrad/df unattended, we find that the vehicle rotatesran angle of 0.036 rad (2.06
degrees) in 60 seconds or 206 degrees (almost eefidlution) in 10 minutes.

Disturbances

Disturbances to the attitude are due to the grayigient, solar radiation pressure, aerodynanag dr
etc. Most of these disturbances do vary in tim@edding on the position of the spacecraft in orbit,
the spacecraft’s attitude, the solar intensity al as the strength of the remnant magnetic fi¢lthe
spacecraft. For a very first design though, we ewghll these details and focus on determining
maximum values. Here lies also the focus of thisree. Hence, in this text we present only simple
methods that allow for estimating the magnitudetred torque contributions of some important
disturbances. Exercises aimed at calculating thteidiance torques are provided for in blackboard.

External torques

In this section simple methods are described thaivdor determining a first estimate of the major
external torques acting on a spacecraft. More Idetain be obtained from [SSE, sections 9.4.2 to
9.4.5]. See also [SSE, section 9.2.2] to learn ath@uregion where certain torques are dominant.

Gravity gradient torque

“Tidal” force due to gravitational field variatiofhis disturbance torque especially plays a rote fo
long extended bodies. Gravity gradient torque teodaslign the axis of minimum Mass Moment Of
Inertia along the local vertical, as shown in Feg6B. This compares well with a floater on the wate
that always turns back in the up-right attitudee Tisturbance is 0 for a symmetric spacecraft.

b,

Xb 1
-sin 0

& o

Figure 63: Vehicle attitude in relation with localvertical

For small deviations from the local vertical, ihdae shown that the torque depends on the orhbital r
(orbital radius), the difference in MMOI about fisncipal axis and the angle with which the vehicle
deviates from the vehicle as given in Equation [109

(12-1) @
T 0300 | (1, 1,,) @ [109]

zz XX,

0

Here n is mean motion as defined by [relation 4SSE]:
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n=.u/a [110]

With a is semi-major axis andis gravitational parameter of body about whichrtiegion takes place.

Example: Gravity gradient torque estimation
For S/C with a maximum difference in MMOI of 10@0n€ and an orbital rate (mean motion) of 0.001L1
radians/second we find (1 degree angle): T= 3 ©(LY * 1000 * 77180 = 5.2 * 10° Nm.

Aerodynamic torque (“weathervane” effect)
Torque induced by unbalance in aerodynamic preseuralifferent sides (relative to CoM) of
spacecraft.

T=rxF, [111]
1 2
F, =3PV 506 [112]

» Vector ris the vector from body,o aerodynamic £
» Vector R is the aerodynamic drag vector in body coordinates

Solar radiation torque
Torque induced by unbalance in solar radiation qunes on different sides (relative to CoM) of
spacecraft.

T=rxE [113]
F,=(1+K)P,5 [114]

* Vector ris the vector from body,Qo optical center of pressure
* Vector K is the solar radiation pressure in body frame dioaites

Magnetic torque
T=MxB [115]

« Vector T is the magnetic torque which is typicaly 10° Nm

« Vector M is spacecraft residual dipole in A-end has a typical value of 0.1 Am

» Vector B is magnetic field vector in spacecraft riates in TESLA. A typical value for the
Earth magnetic field at about 200 km altitude is 30°> TESLA. For other planets, see [SSE;
Table 2.7]. Sometimes Gauss is used as unit fortagnetic field strength: 1 Gauss is X*10
TESLA.

Magnetosheath
- k Solar Wind
‘Magnetosphere -

. Bow Shock |

*

" 4 . B ~ 0.3 Gauss
gt 200 km orbit

Plasma Sheet

Figure 64: Artist view of Earth’s magnetosphere
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Internal torques (due to e.qg. thrust misalignmexsk @ operating machinery, etc.)

Mass expulsion torque (see also [SSE, section]9.4.6
I=rxk [116]

Notes:

* May be deliberate (Jets, Gas venting) or accidéhesdks)
* Wide Range of r, F possible; torques can domintiters
» Also due to jettisoning of parts (covers, canigters

Moving parts due to for instance antenna, solamyarscanner motion or to deployable booms and

appendages:

* Momentum exchange between moving parts has noteffeSystem H, but will affect attitude
control loops

Types of attitude control

The attitude control of a spacecraft can be cons@lbeing either actively controlled (meaning that
controller calculates necessary control torques autihg on the satellite to adjust its attitudeato
desired position) or passively controlled (meartimgt the satellite uses external torques that sccur
due to its interaction with the environment andsththey cannot be avoided, in this case the
disturbances being used for forcing the attitudthefsatellite).

Another distinction is after the type of stabilipattechnique used. Four important types are:

» 3-Axis Stabilization: With three-axis stabilizatiogsatellites have small spinning wheels, called
reaction wheels or momentum wheels that rotate ssdoakeep the satellite in the desired
orientation in relation to the Earth and the Sunsdtellite sensors detect that the satellite is
moving away from the proper orientation, the spignivheels speed up or slow down to return
the satellite to its correct position. Some spafecmay also use small propulsion-system
thrusters to continually nudge the spacecraft tzauk forth to keep it within a range of allowed
positions. Voyagers 1 and 2 stay in position usraxis stabilization. An advantage of 3-axis
stabilization is that optical instruments and antencan point at desired targets without having to
perform “despin” maneuvers.

» Gravity gradient stabilization. The principle is tise the Earth’s gravitational field to keep the
spacecraft aligned in the desired orientation. Jlavity of the Earth decreases according the
inverse square law and by extending the long agipgndicular to the orbit, the "lower" part of
the orbiting structure will be more attracted te tarth. The effect is that the satellite will tend
align its axis of minimum moment of inertia vertigglike a floater for fishing).

* Magnetic stabilization: The principle is to use tRarth’'s magnetic field and uncontrolled
magnets to obtain some means of stabilization @dikempass needle always pointing to the local
North). It allows for low resolution attitude coatin an Earth orbit.

* Spin Stabilization: With spin stabilization, thetiem spacecraft rotates around its own vertical
axis, spinning like a top. This keeps the spacesrafientation in space under control. The
advantage of spin stabilization is that it is ayveimple way to keep the spacecraft pointed in a
certain direction. The spinning spacecraft regmgurbing forces, which tend to be small in
space, just like a gyroscope. Spin-stabilized b@gImost often have a cylinder shape and rotate
at one revolution every second. A disadvantagehito tiype of stabilization is that the satellite
cannot use large solar arrays to obtain power fthen Sun. Another disadvantage of spin
stabilization is that the instruments or antenrias enust perform “despin” manoeuvres so that
antennas or optical instruments point at their rdestargets. Spin stabilization was used for
NASA's Pioneer 10 and 11 spacecraft, the Lunardeisr, and the Galileo Jupiter Orbiter.
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The latter three are all considered passive mefsigbilization, whereas the first one necessitttes
use of active systems, but also is consideredidavdbr most accurate control. Some typical control
accuracies are:
» Gravity gradient control, or magnetic field contrGloarse control (> 5°)
e Spin stabilization:

e Low accuracy pointing: 1 - 5°

* Fine pointing: > 0.1 -1°
» 3-axis control:

e Medium accuracy pointing: > 0.1 -1°

e High accuracy pointing: < 0.1°

How well the attitude is controlled affects amongghers the design of the EPS, and the
communications subsystem of the spacecraft, batthésother systems are affected.

System elements
The ADCS system consists of elements that allovatotude determination (sensors) and for attitude
control (actuators). Below these elements are disamliin some detail.

Attitude sensors

Various sensors exist that allow for attitude deieation. We mention:

e Sun sensor: A device that senses the directiohgdSun. This can be as simple as some solar
cells and shades, or as complex as a steeraldedpks, depending on mission requirements.

» Earth (horizon) sensor: An optical instrument thetects light from the 'limb' (the circular outer
edge) of the Earth's atmosphere, i.e., at the dworit can be a scanning or a staring instrument.
Infrared is often used, which can function eventba dark side of the Earth. It provides
orientation with respect to the earth about twbagbnal axes.

» Star sensor: An optical device measuring the dordb one or more stars, using a photocell or
camera to observe the star. There are 57 briglgai@anal stars in common use. One of the most
used is Sirius (the brightest). However, for masenplex missions entire star-field databases are
used to identify orientation. Star trackers, whielyuire high sensitivity, may become confused
by sunlight reflected from the exhaust gases edlitethrusters.

* Magnetometer: An instrument used to measure teagiin and/or direction of the Earth magnetic
field. Using detailed information about Earth’s matc field at a given location it is possible to
determine the attitude of the spacecraft. Magneteraeare usually mounted far away from the
spacecraft body, for instance at both ends of tit@ panel assemblies to isolate them from the
spacecraft's magnetic fields.

» Rate gyro: A device used to detect and measurelamigies of change. When a rotation occurs,
the momentum stored in the gyrating elements caasesut-of-plane bending force (called
Caoriolis force) that is representative for the tiotarate.

The working principles of these sensors are digzli$s some detail in SSE, section 9.5. Typical
sensor performances and some limitations to tfsgrawe given in the next table taken from [SMAD)].
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Table 37: Typical sensor performances [SMAD]

Sensor Typical Performance |Mass (kg) Power (W) Characteristics and
Range Applicability
Horizon sensors Horizon uncerainties
Typically operates in IR
Scanner 0.1%ta1.0° 2t0% S5to10 SCanners:
Wide field of view
Fixed Head (static) =0.1"t0 0.25° 251035 03tos Can accommodate
Fixed Heads:
Single altitude, single
Mo moving parts
SUN SENSOrs 0.005° to 0.3° 05to2 04to3 Field of vies up to 120°
Star sensors 1 arc zecto 1 arc min 207 Sto 20 Typical field of view "
[zCanners & mappers)
Mormal uze invalves
Gyros (mechanical) Drift = 0.03"hr to 1%k |2 10 petiodically resetting the
reference position.
Attitude measured relative
ta Earth's local magnetic
a o field.
Magnetometer 05" to 3 0Eto1.2 == Magretic figld uncertainties
and variability dominate
ACCUFACY .
U=zable only below ~6.000
kim.
aps 01" s 5 Reqylres one receiver and
multiple artennas.

Attitude control actuators

Typical actuators include:

Reaction wheels, see also [SSE, section 9.R&%action Wheels are the most common actuators
currently used in space. Reaction wheels are dewoasisting of a wheel which rotates about a
fixed axis with a built in motor. By speeding upstowing down the wheel the ADCS is able to
produce a torque about the axis of rotation of thiatel and so cause the spacecraft to rotate
about that axis. As such, they belong to the adssomentum storage torquers, see SSE, section
9.4.7. In principle 3 wheels (for each axis 1) aeded to allow for full 3-axis control. Most
assemblies though comprise four reaction wheedsskewed configuration, which provides for 1
wheel to act as back-up for any of the other thvheels. Reaction wheels will eventually reach
an rpm limit (~3000-6000 rpm) at which time theygnbe de-saturated. The torque delivered by
a reaction wheel can be determined using [106] red®ethe total momentum stored in the wheel
is given by [105]
Magnetorquers: Magnetorquers are essentially felgcinagnets that can be used for attitude
control and/or to de-saturate reaction wheels. éxgrol actuators they allow for attitude control
accuracy of the order of a few degrees. The topgaduced is given by:
I,= aNIAxB = Dx B

-m

[117]

With a is a unit vector along the axis of the t@aqWN is number of loops in the coil, A is area
enclosed by a single loop, | is current in the,dils Earth's magnetic flux density (see ae11)0-II
and D is dipole moment.

Thrusters:Thrusters can be used to control attitude but atctbst of consuming fuel or rather
propellants’, see SSE, section 9.4. Nowadays thrusters aretagmerform attitude changes that
cannot be accomplished using the reaction wheeloanto de-saturate the wheels if
magnetorquers cannot be applied or are insuffici€he torque produced by a thruster pair is
given by:

'8 Since in space there is no oxidizer available ¢aatreact with the fuel carried within, a S/C tmsarry with
it its own oxidizer. The combination of fuel andidixer generally is referred to as propellant.
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Lo = 2E L [118]

hrust —

Here F is thrust force of a single thruster and tthrust arm. A pair of thrusters is used ther

eby

allowing for the thrusters to work in opposite ditens to produce a torque, but while preventing

the existence of a net force on the spacecratft.

Example: Reaction wheel rotational rate

To counteract any disturbance torque we need tdyagpontrol torque. Suppose we use a reactionel,
producing a torque of IONm, we find that the total angular momentum thastmhe stored by thi
actuator over a one day period is“1& 3600 x 24 = 8.64 Nms. When using a wheel withv&OI of 0.2
kg-nf, it follows a wheel rotational velocity of 2500g#e or 600 rpm.

Example: System sizing

A spacecraft experiences a constant disturbanapmopf 1 mNm about one of its principal axis. Giigen
an MMOI about this axis of 3145 k§nThis leads to an angular acceleration of 3.2 ¥ hirad/¢ unless
we counteract the disturbance torque.

Suppose that to counteract the disturbance torgueeyise a pair of thrusters each with a distanc2.090
m to the CoM of the spacecraft. The required magleitof the thruster force (F) perpendicular to the
moment arm (r) follows from:

T=2Fr= Tdisturbance

We find a thrust of 0.025 mN or 25l. However, this low a thrust level is almost ingiole to realize
with current existing thrusters. One way out isis@ thrusters with a higher thrust level and thatyo
thrusting over small periods of time.

For instance, in case of thrusting over 10% oftihwee, the thrust level increases with a factor hd a
becomes 0.25 mN (still very small, but more rea)isBuppose now that we allow for the vehicle a
pointing error of +/- 1 deg. It follows for the tamt takes for the vehicle to rotate over 2 deg0-035 rad
(twice the pointing error) under the influence loé isturbance torque: t = 14.8 seconds. So elér§
seconds the pointing error needs to be reducederiGivis short duration it is better that we useatén
wheels in case of thrusters. Still for now, we itwd using thrusters.

In case the thrusters work in bursts of duratio® bs, hence every 14.8 s two thrusters (in caperef
control) need to be activated for 0.1 second, we fihat the required thrust level is given by 1<1:81
mNm =2 x F x 2.000 m x 100 ms => F = 0.037 N om3M. Assuming that the thrusters are canted un
an angle of 30 degrees to avoid jet impingemerargnof the spacecraft surfaces, we need to inatall
thrust level of 64 mN per thruster.

For a mission duration of 10 years, we find that thrusters should be capable of 10 x 365 day kr24
3600s/14.8 s = 21.3 million thrust cycles with tat@mperation time of 2.13 million seconds or abb82
hours. In case we use thrusters with an effectibaigst velocity of 2000 m/s, we obtain a mass fédey
per thruster of 32 mg/s or a total propellant comgation of 136.3 kg. RCS dry mass is estimated using
relation [100]. I t follows an RCS dry mass of B1(71.36.3) + 7.69 = 32.0 kg.

Consider now replacing the thrusters by reactioreall (RW). Given that we aim for the RW to be de-
saturated not more than once a day, we have tetsal@heel capable of storing 1 mNm x 24 x 3600-s¢
86.4 Nms. Using relation [119], we find that a den&W capable of storing 86.4 Nms has a mass @f 1
kg. Given that the RW still has to be de-saturated that we select thrusters for de-saturation fiwe
that the mass of the RW has to be added to thenRSS of 136.3 kg + 32.0 kg. So in this case it dbel
nice if thrusters could do the job by themselves.

The above case with the RW would be quite difféféme disturbance torque is not constant, buticyc

where during part of the cycle the disturbance tergvorks in a positive direction and part of theleyin

a negative direction. In that case the RW will dexate during part of the cycle and decelerate dgrihe
other part. Over the whole cycle, the net effecth@nRW in that case is zero and hence no de-daiora
maneuvers have to be planned and the whole RC®enslipped.

172)
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ADCS software

Next to hardware elements, the ADCS system alstudes a software component. The ADCS
software contains algorithrHigelated to sensor and/or actuator data processitityde determination,
attitude control needed, and the generation ofudti commands. It may reside on the onboard
computer although sometimes also a dedicated ca@npsitused of course linked to the onboard
computer. Typical ADCS software elements are showRigure 65 next to some elements that are
associated with position determination and orbitwation and orbit prediction (see section on
navigation).

ADCS 3/W Elements

Figure 65: AOCS software (TLE= Two Line Elements)

Drawing the system

Figure 66 shows a representation of a typical ADTUS8s kind of diagram is referred to as a block
diagram. Advantage is that this diagram is verypsanto be made, while it still provides a good
overview of the various elements making up theesysand their numbers. This particular diagram
shows an ADCS consisting of a number of sensongelisas two types of actuators. Using the sensors
we can determine the direction of Earth and the. &iaen the time of the year it is possible to
compute the attitude of the spacecraft. The gyrosige detailed information on changes in angular
orientation. The 4 wheels (1 back-up wheel) allawdttitude control with the magnetorquers (1 for
each axis) allowing for wheel desaturation.

2 x Earth 6 x Gyros 16 x Sun

Sensors . Senso
ADCS Interface
Module i |
= |
3x 4x

Magne - Wheels |
lorguers

Figure 66: ADCS block diagram (ASM = Attitude Safey Module)

7 An algorithm is a finite sequence of instructioas,explicit, step-by-step procedure for solvingrablem.
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The Figure 67 gives a much more detailed view cABES. It shows:

* acold gas propulsion system (for attitude corn(tt6lmN) and orbit change (40 mN) maneuvers)
* a set of three magnetic torque rods (for attitum@rol in support of the cold gas system)

* two star cameras to providing the inertial attit@attitude relative to some inertial frame)

* interfaces to a GPS receiver (to provide on-boabdal position)

* acourse Earth -Sun sensor to provide attitude mneasents with respect to Earth and Sun

* athree-axis Inertial Reference Unit used to mesaangular rates

* athree-axis magnetometer mounted in the S-barmshaatoom

30 Amp-m? Magnetic
Torque Rods (3)

GPS Antennas (3)

10 mN attitude control

{k{————"“ thrusters {12)

32 kg GN,

Inertial Measurement

Unit (1) \
LT —
S T \: Star Camera
/ @ Assembly (2)
N L Coarse Earth
\ \ \ 4 \\ //@ Sun Sensor (6)
/
%\ \BH\ \ \ s \
GPS Antennas (3) 40 mN orbit control Magnetometer
thrusters (2) {Inside Boom)

Figure 67: ADCS configuration of GRACE satellite

Configuration issues

» Optical sensors like Sun and Earth/horizon seresadsstar cameras need to have an unobstructed
view. For this reason they are usually mountedheouter rim of the spacecraft

» Optical sensors provide a direction in space. Tanafor full attitude determination 2 sensors are
at least needed.

» Coarse sensors are mostly required to allow fdrainacquisition (tumbling phase). Once the
spacecraft is de-tumbled and has attained nomititaide more accurate sensors take over

» Three-axis stabilized S/C: We need actuators that aotation about all three axis. S/C shape
can be any, but aim is to have low MMOI.

» Spin stabilized: Usually cylindrical spacecraft posith axis of symmetry being the spin axis.
Only few appendages

» Gravity gradient stabilized vehicle is usually adovehicle (vertically aligned)
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Dimensioning and sizing

In this section some data and/or estimation relatigs are given that allow for estimating sensor a
actuator mass of ADCS systems.

Sensors
Sensor sizing data are given in the next table.

Table 38: Generic characteristics of attitude sass

Sensor Type | Mass (kg)| Power (W) | Accuracy
Sun 0.2-1.0 |0-0.2 0.1 deg

Star 1-5 2-10 0.01 deg
Earth (horizon) |2 - 3.5 2-10 0.05 deg
Magnetometer |0.2-1.5 |0.2-10 1 deg
Gyroscope 0.8-3.5 |5-20 0.001 deg/hr
Accelerometer [0.1-1.0 |0-1 49

IMU 3-25 10 -200 35/sec, 6 g
GPS 1 9 5m
Actuators

Actuator mass (in kg) can be used using the folhgvgimple scaling rules

Actuator type Estimating relationship

Reaction wheels My = 1.7881[Hrwo‘422 : R2 =0.9277 [119]
44 data points; H in range 16 10 Nms

Torque rods M, =0.0167ID + 0.4876 ; R= 0.95¢ [120]
10 data points; D in range 1 — 800 Am

With H in Nms and D in A

For mass of thrusters, see mass estimation of R@8&ryropulsion

Problems

A number of problems for exercising upon are awddélavia Blackboard (Maple TA), whereas a few

are also contained in a separate workbook availabla the TU-Delft online print shop. Of this
workbook also an electronic copy is available ackboard.
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4.6 Command and Data Handling (C&DH) system

Why command and data handling?
The C&DH system essentially makes up the brairdletdt and the nerve system of the spacecraft. Its
main functions are to:

» Handle sensory information from both the payloady(pad data) as well as from the internal
systems of the satellite (housekeeping data; Hid)ddte latter provides info on health, status,
internal environment of the spacecraft and mayuihel
such data as:

Example: Typical C&DH functions
o Temperatures (of equipment boxes, solar arrg The Near Earth Asteroid Rendezvous

thrusters, etc.) (NEAR) spacecraft's command and
. data handling system is designed |to
o Pressures (in fuel tanks, plenum chambers, | manage complex operations and [to

tanks, etc.) collect data when the spacecraft is out
o Voltages and currents (of equipment power supp| ©f contact with ~ground ~control
During ground contacts, the C&DH
0 Operating status of equipment system accepts uplink commands and
o Other. memory loads that describe a time
ordered set of events to follow, and|it
e Perform decision making (authorizes or genera transmits previously recorded data

commands) back to the ground station.

* Command action. Typical commands include:
o Switching instruments/devices on/off, like poweiitsihing and ordnanc&control
0 Set some parameter to some value (like settingdahene on your MP3 player)
* Tracktime

¢ Act as memory

Some fundamentals

Signals used for telemetering can be either of realogue or a digital form. An analog signal is a
continuous signal which varies in amplitude, phasesome other property in proportion to that of a
variable. A digital signal is a discontinuous silgtieat changes from one state to another in discret
steps. In current command and data handling sysadirtise data are at some point digitized, juse lik
commands. This process is referred taligdtization. Digital information exists as one of two digits,
either 0 or 1. These are known as bits (a contmaaif binary digit§ and the sequences of Os and 1s
that constitute information are called bytes. Tize sf a byte is typically hardware dependent,that
modernde facto standards 8 bits.

To digitize an analogue signal we may use:
DRanangue= chN Nquh bits ; fs: quN Ny [121]

To digitize images, the following relation can kz=d:
DRmage = NimageslzS pixeDnbit [122]

Here DR is data rate (for instance in bps, kbpslps), £ is highest frequency in analogue signal of
interest, Nyq is number (usually taken equal to 2.2) taken fidyquist-Shannon (or shortly Nyquist)
criterion for sampling,sfis sampling frequency, iNgesis the number of images digitized per second,

18 The term ordnance in this context refers to devimntaining some explosive materials, like expiesiolts,
pyrotechnic valves and igniters.

128



Soixel IS NUMber of samples per picture or number ofupicelements (pixels), anginis number of
bits per sample or per pixel, ranging from 2 u@bout 16. The latter is important for the error mad
in the digitization of the information, i.e. the antization error. To explain the importance of the
number of bits with respect to this quantizatioroerwe start by introducing a simple ruler used to
measure the width w of some object, see figure.

Suppose the ruler uses cm as units with the smaltege division being
2 mm. It follows w is a bit more than three cm hat exactly 3.2 cm. As
a general rule of thumb the uncertainty of the meament is taken one
half the smallest scale division. This then givesiacertainty of 1 mm.
This uncertainty is indicated as the maximum (altsdlerror of the
measurement.

Now suppose we use 2 bits to represent our widtsorement. 2 bits means that we hd¥&2 2 =

4 different states (0,0), (1,0), (0,1), (1,1) tpressent the full scale of our ruler (4 cm). Thetd b

allows us to divide the scale of 4cm into 4 equetes of 1 cm each. Now taking (0,0) as 0.5 cm and
(1,0) as 1.5, (0,1) as 2.5 and (1,1) as 3.5, wekthiat the largest error in our measurement i€M5

On the full scale, this means we have a (relatwveyr of 0.5/4 = 12.5%. With 3 bits (8 different
states), this reduces to 6.25% and with 8 bits @&g&s) we end up with a (quantization) erroess|
than 0.2%.

More in general, it follows for the quantizatiomar(e,):

. 1
g,(in %) =——;000 [123]

2“0\15 +1

Example: Data rate estimation
Suppose we have a camera on board of our spacebgdfis taking images from Earth. Given is thatlea
image consists of 20,000 pixels (100 x 200). Iritamtdit is given that the signal received for egukel is
digitized using a quantization error of less thafh%. It follows that each image consists of 20,p3@Is x
9 bits = 180000 bits. Suppose that our spacecgafirbiting Earth at an altitude of 500 km, it folle an
orbital velocity of 7.6 km/s(see syllabus, append)ixwhich gives a ground velocity of about 7.05km
Now assuming that all pictures should fit exactlp €pace in between two images) and considering|tha
along track we view 10 km, it means we should ¥a8/10 = 0.705 images per second. Total DR now
becomes 0.705 1/s x 180 kbit = 126.9 kbps.

Key characteristics
Key characteristics of the C&DH system include:

» Payload data rate (varies widely depending on thdopd). Typical values can be in the range
from a few bits per second (bps) to several megaist second (Mbps). Table 39 provides some
typical signal data rates. Multiple such signals ¢ transmitted up and down to/from the
satellite. Payload data rate also may vary durimgnhission. For instance for the SNAP vehicle
the science acquisition data rate is 90 Mbps pshkreas average acquisition data rate is only 45
Mbps.
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Table 39: Typical signal data rates (without data ompression)

Content Digital Analog
Text 50-80 bps N.A.

Fax 16 kbps N.A.

Voice 64 kbps 3.4 kHz
FM radio quality 1.024 Mbps 15 kHz
Music CD guality 1.4 Mbps 20 kHz
VHS-video 20 Mbps N.A.
Video TV 130-166 Mbps 4-6 MHz
HDTV 400-1500 Mbps 18-27 MHz

Broadband data via

internet 166 Mbps N.A.

Example: Bit rate estimation

FM radio quality covers a frequency range of 15 ki table. Using the Nyquist-Shannon criteriowd
assuming that the signal amplitude is measured aviB2 bits representation, we find that in digitatm,
we need a data rate of 2.2 x 15 kHz x 32 bits =61bps. Real value may differ slightly as the nunabe
bits per sample may be chosen differently.

D

A

* Housekeeping (HK) data rate (depends on number ahtp monitored/measured, and

measurement accuracy, range and frequency)

o Simple TM systems are characterized by maximumT@Qpoints, whereas highly complex
systems are characterized by more than 1000 TM9adiihe next table provides an overview

of the number of points telemetered for some sjuesiftellites

Table 40: Number of TM points for several spacecraft

Spacecraft # of TM points

Delfi C3 114 (estimate)

Delfi n3Xt 135 (current best estimate)
Intelsat 5 520

Eutelsat Il 840

SPOT ~500
MSX ~400
ERS 6600
Envisat 13700

o Typical measurement frequency/per parameter is ;1re&sonably accurate measurement

requires 8 bits or more. The larger the numbeiitsf the lower the quantization error.

* Number of controlled devices and number of commaadsimple satellite handles less than

50

commands and switches about 200 devices on/off.ofptex satellite has more than 50

commands & more than 500 channels. For instaneeTkiermal lon Dynamics Experiment f
measuring the characteristics of Earth’s plasmarenwment has 155 different commands
control its operation. Commands or command messagesnothing more than a set
instructions for performing a specific task, such changing the orbit of the spacecraft
deploying the payload. Command messages can came fr

0 aground station via an uplink
o the on-board computer (OBC), and

o a hardline test interface
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For illustration, Standard-Commands-for-Programmedbhstruments (SCPI) can be found in the
SCPI standard, see http://www.ivifoundation.org&lecpi-99.pdf.

Specific commands for a DC power supply unit cafobad in:
http://www.ivifoundation.org/downloads/Class%20Spea&tions/IVI-4.4_DCPwr_2010-06-09.pdf

» Handling speed: A good measure for handling speeilde clock speed of the processor typically
expressed in Mega Instructions Per Second (MIPg)ica@l radiation hardened (space) processors
used include 80386, 80C86, NSCC-1, RAD6000, Mongddsand LEON.. These processors
have handling speeds in the range from less thdiPS up to 100 MIPS.

* Memory size (in MByte or GByte; 1 Byte = 8 bitshh@ memory size can be estimated based on
volume of data produced over the fraction of theetbetween two memory dumps to ground that
data is produced:

Vproduced =DR producetj:t dump fractiog [124]

For a polar satellite, the time between two menthuyps could be of the order of about 12 hours
in case only a single ground station is used. §& ad multiple ground stations this time may be
greatly reduced..

An example telemetry data table is given in Taldleld total 56 TM points are shown. For each TM
point are given a number, an identifier, a numésedue and the units of measurement.

Table 41: Typical telemetry data table

Tptins iz 226~16:52:3%. Tine i1z L 23-195%5 D826 20
Telen=try dsts 1=:

0 Rx E<F dndic{i): £.140 Wip—ph 1L Bx E<F Audio(N): 2 165 ¥[p-p)
2 Miwer Hia=s W 1.3de  V=lt= 3 O=c. Hia= V: 0 510 ¥=lt=
4 R b ohudio (W 2140 Vip—p) E Re & hdio (M) 2140 ¥(p-—p2
8 Rx & DILSC: 0.411 kHz T BEm 4 5 nater: Ba . 000 Counts
4 Rx E<F DISC: -0.8g2 kH= 9 Be E<F S m=bsr: 116, 000 Count=
10 +5 Wolt Bu= 4 .6EB0 WVolt= 11 +57 Ex Current: 0.023 Anp=
12 +2 BV VEEF: o455 Volt= 13 4 5V BIS: 4. 367 Volt=
14 TR Detector: 1000 Connts 15 Lo Momitor T 0.00L dnps
1a +10V Bus: 10.857 Voltz 17 GASFET Bias I: 0. 004 dnpe
14 Ground REF: o000 YVoles 19 +Z drray V. 0,205 Yolt=
20 Rx Tenp: 1.814 D=g.C 21 4+X (FE) Eenp: 13 916 DO=q C
£2 Hat 1 W 1,302 Volt= 23 Bac 2 V- 1. 314 Vaolt=
24 Hat 3 V: 1.304 Volts 25 Bar 4V 1297 Volts
Za Hat 9 W 1.319 Voltz 17 Bat & W 1,315 YVaolts
£39 Bat 7 V: 1.313 vVaolts 29 Bsk 8 V: 1.303 Volt=s
20 Avray 1V 10.0ES  W=lt= 11 457 Bus=: 4 BOZ Vaolts=
32 +8 5BV Hu=: 7.9%98 Volt= A3 +L0V Hu=: 11 147 Valt=
34 HCE 5=t Point: 20,213 Counts 45 BCRE Load Cur: 0.094 dnp=
35 +9. 5V Husz Cur: 0.0z?  hwps 47 45V Bus Cur: 0. 251 dnp=
38 -H Array Cur: —0.011 Amp= 19 4+ &rray Cur: —-0.01L anp=
40 =¥ Array Cur: -0.012 Amp= 41 +¥ drraw Cuar: -0.011L anp=
42 -Z Array Cur: -0.017 L= 43 47 Array Cur: =0.011 Anp=
44 Ext Power Cuar: -0.020 Awmps 45 BCR Lnput Cur: 0.213 dnps
16 HCE Ouakpuk Cur: =0.017 hmps 47 HBskt L Temp: 3470 [D=g .
49 Hat 2 Tenp: =1lB.7V60 De=g.C 49 Bas=e=plt Tenp: T 260 D=g C
E0 FM THX1 RF OUT: 0.026 Warkt=s 51 FH Ti42 RF OOT: -0 003 Uart=
E2 PEE TE HFA Tanp: -13.919 D=g.C 53 +F drrawy Tewn: 4234 De=g O
54 RC PSE HFPA Tenp: —-0.002 Deg. 55 RC PSE BP Tenp: 1,209 Deg o
Ea +Z krrsy Tenp: =5.418  Deg.C

19 An overview of processors used in space can bairaat from http://www.cpushack.com/space-craft-
cpu.html
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Example problem: Memory size
Consider a spacecraft with a payload data rate dbps. For housekeeping the spacecraft is equipped
with 400 sensors each producing 8 bits of infororagvery second. Calculate for this spacecraftdtal
data rate produced per second and determine thagtospace needed in case this data has to bedstore
on board of the spacecraft for the duration of 2its0

Solution:
400 sensors each producing 8 bits of informatioerggecond gives a HK data rate of 3200 bps. Now we
add the payload data rate of 8 kbps (8000 bps)chvigives us a total data rate of 11.2 kilobit (kbit
produced every second or 11.2 kbps.

The storage space needed in case the data prodsictdred for the duration of 2 hours is equal 142
kbps x 2 hrs x 3600 sec/hr = 80.64 Megabit (Mhit0.64/8 = 10.08 MByte (MB).

Note that in reality the data rate and also therage space tend to be higher/larger as we also rieed
timestamp the signals and we may need to add antifide telling us what the data is about.

Another important aspect is that the data in theoand memory must as some point be transmitted to
ground. Ground contact times can be as short asét@s. This then requires high read out data rates
for the onboard memory. It follows:

V,

transmit —

t,_ DR [125]

transmit readou

Example: To transmit 10.08 MByte in 6 minutes, megua read out data rate of 224 kbps.

The read out data rate will impose requirementgh@ncommunications subsystem as this system
should be able to transmit the data. In additibe, read out data rate also imposes requirements on
the processor in terms of number of MIPS. As a ofithumb, 1 MIPS is about 1-4 Mbps [Gray].

How to determine ground contact time has been dei#iit in a simple way in an earlier course
(Introduction to Aerospace Engineering). The actirak for transmission down to ground may be
even less as during ground contact time also cordmbave to be sent up and so on.

System elements

System elements include:

1. Processor + operating system + internal clock (@ard computer or OBC); Sometimes we have
different processors for command and telemetry.

2. A motherboard that provides the electrical conmagtiby which the processor communicates

with the memory as well as external units (likeriater, video screen, keyboard in a PC system)

Network card, modem, etc.

Memory or data storage unit (solid state memoryd lagive, floppy disk, tape recorder)

Software

The network (harness/wires + connectors)

Data acquisition or On-Board Data Handling (OBDHj)tu

Control unit for e.g. power switching, firing of mtechnical charges, etc.

©ONO O~ W

The first three elements usually make up the oméb@amputer. For satellites requiring limited
storage capacity also the memory may be integriatedthe computer, but for large data storage
facilities, the data storage unit may be a sepdrate. The items 7 and 8 are sometimes combined
into a single Data Acquisition and Control Unit (CHA).
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Computers, command processors, control units, etc.
Figure 68 shows some typical hardware elementseo€C&DH system.

Command processor

OBDH box-type (with some
cables attached)

Power Switching Unit

Figure 68: Examples of C&DH hardware

From this figure, we also learn that componentsessentially box shaped (What is in the box is for
now not interesting) and that extensive cablinggeded to connect all the boxes thereby allowing fo
information transfer. For the spacecraft desigheomes down to placing the boxes in the spacecraft
thereby taking into account:

* Mass

* Size of each box

» Centre of Mass (CoM)

* Mass Moment of Inertia (MMOI)

e Short power leads

Etc.

A word of caution taken from the work of [ManningPver the last few decades, application of
current terrestrial computer technology in embedsiegicecraft control systems has been expensive
and wrought with many technical challenges. Thdsallenges have centered on overcoming the

extreme environmental constraints (protons, nestrgamma radiation, cosmic rays, temperature,
vibration, etc.) that often preclude direct usea@ihmercial off-the-shelf computer technology.

Data storage
For data storage, two main options exist, being tegrorder (TR), see Figure 69, and solid state

recorder (SSR). Solid state recorder is currethtéy rhain choice as it is less sensitive to failume (
mechanical parts), allows for a lighter designtfar same data storage and allows for random access.
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Characteristics of the MSX spaceborne tape
recorders.
Record speeds 18.8 cm/s and 94 cm/s
Playback speed 94 cm/s
Tape dimensions 2.54 cm X 2.2 km
Tape format 42-track IRIG standard
Power consumption 45 to 225 W, mode dependent
@ Mass, transport unit 57.6 kg
| Mass, electronics unit 21.8 kg
. ox o X Total mass 79.4 ke
PRRMMEINT - T Size, transport unit 50.8 X 50.8 X 33.0ecm
Size, electronics unit 30.5 X 50.8 X 38.1 cm
Number of parts 16,732

Recorder modes include:
o0 Recording
o0 Playback

Electronics
unit

Figure 69: Space-flight proven tape recorder (I) ad its characteristics (r)

Harness
A cable harness, also known as a wire harnessge Garkﬁembly,-
wiring assembly or wiring loom, is a string of cabland/or WiresF'
which transmit informational signals or operatingrents (energy).
The cables are bound together by clamps, cable dade lacing,
sleeves, electrical tape, conduit, a weave of detlustring, or a
combination thereof, see figure.

On board computer software

On board computer software is a term that referdigdally stored
computer programs that allow a.o. for interfacinighvhardware so
that they are able to perform specific tasks. Saféwallows for a
more flexible approach to the scheduling of task®iothan say using timers as in the old days. In
general, the larger the on board software is, tbeertasks can be initiated and controlled by the on
board computer and the higher the level of autonoifthe spacecraft becomes, thereby reducing
ground station involvement. As such, it reduces/Dpwnlink usage and reduces operational costs on
ground.

Source lines of cod€SLOC) is a software metric used to measure the @i a software program by
counting the number of lines in the text of thegoamn's source code (an A4 page typically contains
30 SLOC). A complicating factor is that the numlzérSLOC may vary with the programming
language used. Still, the SLOC is considered aoredse metric for software size. The MSX
spacecraft has in total 280 k (280,000) lines afecof which 70 k lines are for the attitude subsyst
1.5 k lines for the power subsystem, 15 k linesG&DH, 25 k lines for tracking/navigation with the
remainder for the payloads written partly in C gagtly in assembler.
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Figure 70 gives values for some specific S/C, isiginvith some old S/C and finishing with some
recent S/C. The figure clearly shows that early Bd€e very few lines of code indicating low levél o

autonomy. For more recent S/C the software sizeif@asased substantially, thereby allowing for
much more autonomy of the S/C and hence reducetidéground control. However, with increasing

software size, also the number of software ernacseiases (typically 3-4 per 30 lines of code). To
keep the number of errors under control, softwaeds to be scrutinized thoroughly taking a lot of
time with the associated high cost.

100004

10004~

B Lines of Coda

Figure 70: Size of software in S/C missions

To estimate the memory size to store the on boantpater software we typically require 2-4 kB of
memory size (depending on a.o. programming languagd) for each 1000 lines of code (LOC).

Configuration

How the various C&DH elements relate to each otaer be seen in Figure 71. The figure shows on
top the various elements that provide measuremémnnation to the central processor unit. This data
is transferred to the computer, which processeslditee, schedules actions based on the data received
stores the data and/or transfers the data to merbatg is transferred to the computer via a dasg&’bu
(essentially a bunch of data information lines}etnal communication in the computer is via the
computer bus. Via the In/Out (I/O) board the corepudtommands the various units including the
payload units on/off or allows for changing thetisgs of these units. Via the housekeeping board
(H/K board) the computer receives information abihat health status of the satellite. The TM/TC
(telemetry/telecommand) board the information @sferred to the TT&C system for transmission
down to ground (TM) or command information (TC)égeived from ground for on board processing.
Important configuration issues include:

» S/C CoM: Preferably in geometric centre

* MMOI of S/IC

e Short line length for data bus (to reduce mass)
* CPU needs to be cooled?

» Items must fit in the available space.

2 computer architecture,lais is a subsystem that transfers data between compaigonents inside a computer or
between computers and/or other devices exterrtabtcomputer. Aiinternal busconnects all the internal components of a
computer to the motherboard. These types of buseslso referred to as a local bus, because tleeynnded to connect to
local devices. Arexternal busonnects external peripherals to the motherboard.

Buses can be parallel buses, which carry data winngarallel on multiple wires, or serial buses, ethcarry data in bit-
serial form.
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. . CPLU = Central Processor Linit
4 Reaction Wheels, Power Ctrl., 3 Magnetic Desaturators, SSR = data recorder
Thermal Ctrl., 2 Star Mappers, 1 Sun Sensor Thl = Telemetry
Hk = House Keeping
TC = Tele-command
DaTA BUS T \l; \I/ Tx = transmitter
R¥ = Receiver

COMPUTER BUS

Ctrl,
CPU SSR 1GB H/K Board TM/TC 1/0 Board ——= |4 Electric Eng

[ L

and Electric Sensors
Rate Gyro Antennae &

4RVD Telemetry Box | | 32 Thrusters

Data
Data
1432

joaquos

Figure 71: Typical C&DH set up (architecture)

Dimensioning and sizing

Here some simple mass estimation rules are givetypical elements making up a command and
data handling system. Relations/data apply to singlits only. In case of multiple units, the result
must be multiplied by the number of units.

Data handling/acquisition system (excluding dabaagte)
For sizing of the data handling/acquisition systeencan use:

Size (mass) determined by number of TM channels-5kg/100 channels [126]
Mass density: ~0.5-1 kg/liter
Specific power: ~1-2.5 W/kg

On board computers/TM encoders/TC decoders
For sizing of on board computers, TM encoder andi&€tders we may use:

Size (mass) determined by MIBS0.7 kg/MIPS [127]
Mass density: 1.4 kg/l (SSD = 1.4 kg/l)
Specific power:: 3.3 W/kg (SSD = 2.7 W/kg)

Here the onboard computer, TM encoder and TC decdeconsidered as a single item although in
some spacecraft designs they form separate units.

The above relations are very preliminary. Dependingtheir criticality in the total design of the
spacecratft, it is advised to improve the estimatias soon as possible.

% The use of MIPS as the parameter determining #sraf the OBC/TM/TC unit is a bit questionablecsin
the performance of the processors used in spaegily improving, from just a few MIPS in the 199®
several hundreds of MIPS today. Also the power essagapidly decreasing. In case 1980’'s CMOS teldyyo
is used it is possible to reach 1 MIPS/W. Howefar1990s 32 bit RISC processors a value of 10 MIPS
attainable [Manning] and in the future several hhedd of MIPS/W seem feasible. This means an enagmou
reduction on the power required compared to 1980986 technology.
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Data storage devices
For mass estimation of data storage devices, tlatiors are available:
0 Tape recorder mashif):

M. [kg] =8.9[C, . [GByt¢+11.31 (0.1 GByte< C < 6GByt  [12§]

o Solid state recorder:

C.[GByté
M _[kg] = 0.1 GByte < < 180 GByt¢ [129
el k] .041C__[GBytd+ 0.3128 ( N Ge yte [129]

The latter relation has arf Ralue of 0.8873.

rec

Harness

For spacecraft, the harness makes up a few % o$gheecraft mass. The harness mass depends
greatly on number of signals transferred and/oiehgth of the cable harness. For spacecraft harnes
may be estimated by estimating the number of sigiwabe transferred times the length of the harness
times the specific mass of the harness. The |l&testimated as 0.011 kg/m/signal (SSD = 0.003
kg/m/signal).

Problems

A number of problems for exercising upon are awddavia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook availabla the TU-Delft online print shop. Of this
workbook also an electronic copy is available aackboard.
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4.7 Telemetry, tracking and command

Why we need it!

The Telemetry, Tracking and Command (TT&C) systemneeded to communicate status and

commands, and to allow for tracking the spacecftaftdetermine the satellite’s position). It is

essential that a reliable communication link betwdbe ground station and the spacecraft is
maintained throughout the satellite's differentgasaof operation.

e During the Launch and Early Orbit Phase (LEOP),ugthb control sends the required mission
commands, such as to fire the booster rocketsriotab correction, to deploy the antenna or solar
array, or to fire the apogee boost motors. Sonthaxe operations must happen at precise times,
while others can take place during a window of time

* During the lifetime of the mission, which is gerisr@f the order of years, the satellite receives
daily the commands required to reconfigure funatiaocording to requirements at the time. Earth
observation satellites, such as SPOT, Landsativeegestructions for their next orbits, such as the
region of interest of the Earth to observe, thedion of view, or the spectral band to use. A
data-relay satellite, such as Artemis or TDRSSgives daily commands to inform it of its low
Earth orbiting clients; it receives the necessamjador pointing one or more of its antennas
towards that satellite and following its path wtdlgta relay communication is required.

e During launch and early orbit, status (HK) dataowl ground technicians to check that
commands are being carried out correctly, e.g.libasters are being fired or that the antennas or
solar panels are being deployed.

» Throughout the mission, it transmit the payload &€l data. The latter enables the mission
control center to survey the 'insides' of the $iteelts configuration, its status, and in theea$
failure, it provides the basis for the decisioret thave to be made.

* Knowing where the spacecraft is (through trackiaipws for timing of commands and to point
antennas so that the communication link is (negatijral.

Definitions:

» Telemetry: The science and technology of automagasurement and transmission of data by
wire, radio, or other means from remote source$,oms space vehicles, to receiving stations for
recording and analysis.

* Tele-command: The use of telecommunication forttaesmission of signals to initiate, modify
or terminate functions of equipment at a distance.

e Tracking: The act of measuring the direction andmitade of spacecraft motion.

How it works

TT&C uses Radio Frequency (RF) transmission, lecteomagnetic (radio) waves, to transmit voice,
data, image, radio or video via a carrier fromaasmitter to a receiver. The receiver unit receifies
modulated radio waves and converts them back intigaal. Hence the basic elements of any
telecommunications system are a transmitter whrghsinits the signal and a receiver receiving the
signal. In addition antennas may be used to prodidestion to the signal. See later for more dstail

Some fundamentals

The carrier signal used in radio-telecommunicatiisnan electromagnetic wave of some frequency.
Radio-frequency transmissions typically are in thavelength range from a few KHz to
approximately 40 GHz. As this is quite some rariis, range is usually subdivided in a number of
frequency bands. Hence a frequency band can beedefas a range of frequencies in the
electromagnetic spectrum. Microwave frequency baadsdefined by the Radio Society of Great
Britain (RSGB), are shown in Table 42.

Without going into detail, it is mentioned that tdesign of any communications equipment (for
instance the antenna) greatly depends on the chetency selected.
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Table 42: Microwave bands
Band Frequency range
VHF 30 to 300 MHz
UHF 300 MHz to 3 GHz
Lband 1to2 GHz
Sband 2to4 GHz
Cband 4to8GHz
Xband 8to 12 GHz
Kyband 12to 18 GHz
Kband 18to0 26.5 GHz
Kaband 26.5to040 GHz
Qband 30to 50 GHz

Frequency is inversely proportional to wavelengittording to the equation given in Equation [130].

Herev is the speed of the wave (c in a vacuum with adpeiqual to 300.000 km/s, or less in other
media), f is the frequency ands the wavelength.

= % [130]

Radio-telecommunications typically spans a wavedlengnge from a few cm up to a few meter.
Exercise: Determine for the various frequency rarigghe above table the wavelength range.

Signals are transmitted using an analogue or datligignal. An analog signal is a continuous signal
which varies in amplitude, phase, or some othepgnty in proportion to that of a variable. A digita
signal is a discontinuous signal that changes foom state to another in discrete steps. Whether the
signal is analog or digital, it needs to be modedadn to the carrier which than transports theadigm

the receiving end. The amount of information calrie indicated by the bandwidth (in Hz of a
multiple thereof), earlier defined in Chapter 2tk syllabus; Typical bandwidths needed to trabhsmi
certain information are given in Table 39. Someitaithl elaborations though are needed to take into
account multiple communication channels (for instam case we have 100 voice channels, say 100
people communicating with each other at the same)tand/or to convert bits into Hz.

Example: Bandwidth analog transmission
To allow for the transmission of 100 voice channglaultaneously in an analog way, we need a
bandwidth of 100 x 3.4 kHz = 340 kHz. In case \madmit this information in the L-band, we might &av
a carrier frequency of say 1.6 GHz (depends on t&gulations) and a bandwidth of 340 kHz or abput
0.34 MHz.

In case of digital transmissions, we first needdigitize and compress the information and then
modulate the signal onto the carrier signal. Thgired bandwidth in that case is given by:

B = DR x CF / spectrum utilization [131]

0 Spectrum utilization: Measure for number of bisngmitted per unit of frequency (roughly
between 0.2-2 bits per Hz); The higher this vaheelietter this is for the bandwidth

o CF is compression factor ranging from about a fa2teo 10 and more, depending on the
amount of loss of information accepted

0 DR = (uncompressed) data rate

Example (1): Bandwidth digital signal
To transmit n uncompressed digital signal of 1 Mbpmg a spectrum utilization of 1, we find we naed
bandwidth of 1 MHz. When taking into account a casgon factor of 5, we find a signal data rat260
kbps. For identical spectrum utilization we obtaibandwidth of 0.2 MHz.

139



Example (2): Bandwidth analog signal after digitipa and compression
To transmit an analog signal of 340 kHz, we findignal data rate of 744 kbps. Using a compression
factor of 5, we find a signal data rate of 149.6p&bIn case spectrum utilization is 1, this gives a
bandwidth of 150 kHz, which is about a factor 2dothan in case of analog transmission. For a speot
utilization of 0.2, we find a bandwidth of 744 kimich is in excess of the bandwidth needed in chaa
analog transmission.

Currently most transmissions are in digital formislessentially the compression factor that erssure
that digital transmissions require less bandwitiimtanalog transmission.

Bandwidth is a scarce commodity and obtaining sbarewidth can be quite expensive. For instance
in 2012 the Dutch government obtained 3.8 billiarrdEfor leasing bandwidth to various companies
for fast mobile voice and internet at 3.8 billionrg. Still there are also some frequency bands (for
radio amateurs, etc.) that do not cost a lot exiwefghe cost for a permit to use.

Data on how much bandwidth is available in a certsand can be obtained from the International
Telecommunications Union (ITU), see later in moetad.

Example: Maximum data rate from given bandwidth
For instance, in case we have available a bandwidthO MHZ at a carrier wavelength of 1600 MHzsthi
would allow for a data rate of maximum 10 Mbps gigespectrum utilization of 1. To transmit moreadat
at this frequency is simply not possible/allowed.

Generally speaking we can say that the availablewalth increases with increasing frequency.

The travel time (t) of a signal through space déepeon the speed of the wave (c) and the distance (d

travelled:
-d
t 4 [132]

As in space distances are quite large, this may tedong time periods in between transmission and
receiving the signal. This can seriously hampemptioper working of the S/C.

Exercise: Consider the distance between Mars ariti Bad determine the time it takes for a signal to
travel the distance to Earth and back. Considert wdilh be the consequence in case of emergency
measures/maneuvers.

Another important point is that to allow communioat over some distance the transmitter and
receiver need to “see” each other. For instangeaaexraft in low Earth orbit can only be seen from
ground for a very short time, typically about 10+hiutes. In an earlier course a simple method has
been introduced allowing you to calculate the maximcontact time (in case of an overhead pass).
During the contact time, the spacecraft data (@a/ldata + TM data) are transferred to ground and
commands are sent up to the spacecraft. This naalyttehigh data transmission rates and hence large
bandwidth.

Example: Effect of ground contact time
Consider that we have a continuous image data gateerated of 8 Mbps over an orbit. Given an orbjtal
period of 120 minutes, this leads to a total amafntlata of 7.2 GByte (GB) per orbit. Given a grdyn
contact time of 10 minutes, this leads to a trassion data rate of 8 x 12 = 96 Mbps or with a spautt
utilization of 0.5 a bandwidth needed of 192 MHz.réality, the case might be even worse as dufring
ground contact time also some time may be needdhle®ystem to receive commands.
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Some typical transmission rates are given in the table.

Table 43: TT&C characteristic data [Sarsfield]

Downlink
Data Transmitter
Rate Comm Power

Mission Spacecraft {kpbs) Band W)
Clementine 128 S-band 50
Discovery NEAR 9  X-band 50

Mars Pathfinder 11 X-band 130
Explorer SMEX-SWAS 1.800  S-band 2.0

SMEX-TRACE 2250 S-band 50

MIDEX-MAP 666  S-band 50
New Millennium  Deep Space | 10 X-band 125

Earth Observer 1| 105000  X-band 50
SsSn Liewis n‘a S-band n/a

Clark 2500  X-band 180
Surveyor Mars Global 8 XKa 250

Surveyor band

Mars Surveyor 2 X-band 150

"08—Lander

Mars Surveyor 1l X-band 150

G8—Orbiter
Baseline RADCAL 19 C-band 10,0

The table also shows transmitter (output) powef s is the actual amount of power of radio

frequency (RF) energy that a transmitter produteéts autput. Typically we tend to keep transmitter

power as low as possible for the information to reeeived as to limit power usage of the

communications system. Still we need to make swatthe signal has sufficient power to be received
successfully and to allow distinguishing the signain the background noise.

Example: A spacecraft communicating with groundajoother spacecraft) can be well compared with two
people communicating.

For instance, we have one person talking and atering. The person that talks uses his vocal candls

his mouth to produce sound waves of certain sthenfftese sound waves travel through the atmosphere
and are picked up by the other person’s ears, witteee FRRT I T
ear drums convert the sound waves into a signaldha |p&§@%§@ u;w%:”g%Q
be understood by our brains. If those two peopkeiara |~ Q@\’ﬁj ﬂ’g{%
room full with others they might find that commiatiicn : év‘y;gt@ﬂ*@
is more difficult due to the noise generated bydtrer | {7 & 52 @‘Eé
people. To overcome this noise, the two peoplentalk \ Yo+ ,@R@“"{ i
can reduce their distance or the person talking talk © Original Arist @:'[L_@i%'ﬁ i
more forcefully (put more power into the signalyume "EPaductianiaisobtanse o
his hands (like a megaphone) to direct his voiceht®

listener and thereby create some gain. The peristening might use his hands to guide the souncegav
to his ears or use some hearing device.

Hereafter we will discuss the basic relations gowey the operation of a telecommunications system.
We will start at the transmitter end, where the oumications signal is generated.

We start with the transmitter power. This is thgnail power at the output of the transmitter. Frbm t
transmitter the signal is transferred to the arsemrhere the signal is directed toward the horasa
beam, thereby creating gain and increasing theatedlipower in the beam direction. There is also
some loss (negative gain) from the feed line, whetuces some of the power output to the antenna
by both resistance and by radiating a small pathefsignal. For the effective (isotropic) radiated
power we have:
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EIRP =P [L, [G, [133]

At the receiver end (given antenna size) the amotipbwer received reduces with the distance. This
is given by the power flux density YV i.e. the power per unit area at distance (r)nstter
transmitter is point source (no antenna presenipsees):

:P
w, =P/ [134]

Antenna size: The larger the antenna, the morestmtuhe beam and hence the higher the power
density in the beam (@& gain factor of transmitting antenna)

_PIG —EIRP
w, =P,/  =ERP/ [135]

Gain factor is 1 when antenna transmits power dgiralall directions. Gain factor increases when
antenna transmits power within a (narrow) anglen@sctors of 10000 and higher are feasible.

The power received (C) can now be determined using:
C = Wf DS‘am mam [136]

A, = antenna frontal area
Nant = antenna efficiency, typically 0.5-0.7

A certain amount of power in a signal is not thdyocriterion of importance. One should also
consider the energy per bitJE

E,=C/R [137]
Here R is bit rate.

At the receiver end, the signal should be abovendige level or otherwise the signal cannot be.read
To this end, we need to be able to estimate thgerleivel and compare this with the energy per bit
level. In most designs, one aims for a signal lavielctor 10 in excess of the noise level:

En/ No>10 [138]
Here N is noise spectral density.

To estimate the noise level and hence the noisgrspeensity, one first should realize that norsa
space telecommunications signals results from teegmce of the atmosphere (atmospheric noise),
solar radiation (solar noise), cosmic radiations(oic noise) as well as noise generated by the
electronics themselves (thermal or Johnson noid&.amount of noise or the noise power (N) in a
first approach can be determined using:

N=KT.B=NoB [139]

Here:

o kis Boltzmann’s constant 1.380 x ¥Q/K

0 B is bandwidth (in Hz)

0 Tsis system noise temperature (in K), depends ajuéecy
The calculation of the system noise temperaturebeaquite complicated and therefore is left foedat
courses and/or for self-study. The relation esabytindicates that noise level increases with
temperature. This is one of the reasons why somstefements in the transmission system are cooled
to reduce the noise level.

So far, we have discussed RF output power, bundidconsider input power. Typically there is a

difference between the two that is referred tchasttansmission efficiency]. Typical values of this
efficiency are in the range 10-20%.
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Pn = Fou/ N [140]

Regulations

Today, radio-spectrum is quite in demand and its igsheavily regulated first and foremost by
national authorities and by the ITU (Internatiomalecommunications Union). The latter is a United
Nations agency responsible for coordinating thereshaglobal use of the radio-spectrum. It is
headquartered in Geneva. All global use of theoragiectrum should go through the ITU via the
national authorities (for the Netherlands, thistlie “Agentschap Telecom” of the ministry of
economic affairs) and is subject to formal registraand approval by the ITU authorities.

To protect the scarce resources of allocated frexyuspectra, space agencies have had to cooperate
with each other and coordinate their efforts ineorth present a unified position at the ITU. This i
done, for instance, through committees such aSpaee Frequencies Coordination Group (SFCG), in
which ESA is an active member. This need for coaipen plus the high cost of developing and
maintaining a ground network has led the major epagencies to achieve a high degree of
compatibility for TT&C matters.

For transmission of command/telemetry data of spafe the following general guidelines apply:

0 Until 1970s, most satellites' TT&C performed througHF links (130 MHz bands)

0 Since early 1980s, most satellites use S-band (2) &id their TT&C

o X-band (8 GHz) is used for some deep-space probes

0 Future: Deep space missions will all use X-banan&aoear-Earth missions could also use X-
band.
See [FSS, table 12.2] and/or the next table whiclviges the technical profile of a typical
ESA S- or X-band ground station.

o

Table 44: Typical ESTRACK station technical profdeurtesy ESA)

Characteristic Typical range

antenna dish diameter 15m, 35m
Transmit frequency
S-band Z025-2120 MHz
w-band 7145-7235 MHz
Receive frequency
S-band Zz00-2300 MHz
x-band &400-500 MHz
Telemetry (downlink)
Mormal data rate up to 1 Mbps
Maxirnum data rate up to 105 Mbps
Telecornrmand (up-link)
Mormal data rate 2 Kbps
Tracking
Range accuracy 1 m

Range rate accuracy 0.1 mmds

143



System elements

Key elements of a radio-communications system gelu

» Transmitter: an electronic device which, usually with the aidam antenna, propagates an
electromagnetic signal such as radio, televisiomtloer telecommunications.

» Receiver: An electronic circuit that receives its input fran antenna, uses electronic filters to
separate a wanted radio signal from all other ssgpecked up by this antenna, amplifies it to a
level suitable for further processing, and convéressignal into a form usable for the consumer,
such as sound, pictures, digital data, measurevadunes, navigational positions, etc

* Antenna sub system:The antennas on board of a spacecraft provide tia¢ fdinctions of
receiving the uplink and transmitting the downlsignals.

Some alternative terms in use include:

* Transceiver: A device that has both a transmitter and a receigch are combined and share
common circuitry

» Transponders: A series of interconnected units which forms a lsingpmmunication channel
between receive and transmit antennae in a satebldme of the units utilized by a transponder in
a given channel may be common to a number of toardgrs.

Various elements introduced in the preceding aosvahin Figure 72.
TT&C transponders TT&C antennas

Patch antenna Helix antenna

5

~

Parabolic antenna

Figure 72: TT&C transponders and antennas

From the figure we also learn that different typéantennas can be distinguished. This is becdgse t
type of antenna depends on the transmitter frequesed. In addition, the different shapes allow for
differences in antenna gain. From top to bottomahtennas are more directionally sensitive with

increasing gain (i.e. better ability to detect aalvsignal). The advantages and disadvantages of the
two antenna types are given in Table 45.
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Table 45: Advantages and disadvantages of two aatgypes

High Gain Antenna (HGA) Low Gain Antenna (LGA)
» Directed and actively pointing antenna for Omni-directional , no need to point
high capacity link * Emergency commanding
* Must accurately be pointed to groupd Ranging
station

Most spacecraft have two or more different commatins systems on board. One for low
transmission rates and one for high transmissites rasually at another frequency band). In case of
low transmission rates one usually uses omnidaatiantennas, whereas for high data rates we tend
to use high gain antennas. For instance, the Veysagcecraft communicates both in S-band and in
X-band. For S-band transmissions, Voyager is ecudppith both low and high gain antennas. For
the X-band Voyager only has a HGA. [Ludwig].

Main configuration issues

Figure 73 shows a schematic of a typical TT&C system. Thetesy comprises of two low gain
antennas with hemispherical coverage, two tranggsneach with transmitter and receiver, and two
command decoders. The interface with the rest efsétellite is via the on-board Data Handling
(OBDH) subsystem.

e The uplink carrier with the telecommand (TC) sigfraim the ground station is received by one
of the low gain antennas and applied to both resdiyuts via the diplexer (this is some kind of
distributor).

* The receiver(s) output the uplinked signal to tttva decoder. The decoder recovers the TC data
and sends it to the OBDH.

» The active transmitter generates a downlink capferse and frequency coherent with the uplink
carrier, which allows measurement of Doppler by gheund station and/or other satellites (like
TDRSS), aiding satellite localization.

* The uplink signal also contains the ranging sigmblch is demodulated by the receiver and
transmitted back to the ground with the telemeti).
On-Board
Data Handling

TH YIDED

Antenna 1

—— =]
? m TH&NEPQ"I]EH 1
RF

Tranamitler Livl TC VIDEOH DECODER 1

Distributlan
IJI'iIl _0 Digaleaer
‘l’ ; TFMHSF‘DHDEH 2 COMMAND

RF mmﬂb”ﬂ"” Transmittar i TC VIDED A
Antenna 2 Unit

Figure 73: Typical TT&C architecture
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The system comprises of two low gain antennas hatimispherical coverage, two transponders each
with transmitter and receiver, and two command dec& The interface with the rest of the satellite
is via the on-board Data Handling (OBDH) subsystem.

* The uplink carrier with the telecommand (TC) sigfraim the ground station is received by one
of the low gain antennas and applied to both resdiyuts via the diplexer (this is some kind of
distributor).

* The receiver(s) output the uplinked signal to tttva decoder. The decoder recovers the TC data
and sends it to the OBDH.

» The active transmitter generates a downlink capferse and frequency coherent with the uplink
carrier, which allows measurement of Doppler by gheund station and/or other satellites (like
TDRSS), aiding satellite localization.

* The uplink signal also contains the ranging sigmblch is demodulated by the receiver and
transmitted back to the ground with the telemeti).

The TT&C system must be operational during all imisphases even if attitude control is lost, thus
the antenna system coverage must be as near abl@dssomni-directional. The hemi-spherical
coverage antenna has low gain (LGA). Since the TE§&em is important for mission success, most
components in the system are redundant. In cabigbfdata rates, one may also consider adding a
high gain antenna on board. Configuration issuelsite:

» Direct line of sight between transmitting and reoe station
» The antenna needs to be positioned to adequatedy tre receiving/listening area.
* HGA may be mounted on mechanism to allow for stepri

* Transponders usually consume a lot of power ancefinee generate a lot of heat. They are
therefore usually mounted on cold side of satellite

» Short line length between the various elementedoce losses in the system

» Typically all components are redundant except f@ antenna system; the latter is a passive
system that has a low failure probability

* Receive and transmit antennas may be one andrie sa

Dimensioning and sizing

A rough mass estimate of the communications systam be obtained from the information as
contained in the section on budgeting (chapterAdynore accurate estimate can be obtained by
collecting historical size and mass data of morless comparable spacecraft. In case accuracyl is st
not ideal, we could start breaking up the systentsimmain components and start dimensioning each
of the components.

A first step is to distinguish between transpordensceiver and antennae. For TT&C transponder
sizing the following rules can be used as a fipgiraach:

e Specific power (based on RF output power P): 2.RgNESD = 2.8 W/kg)

e Mass density: 0.5-1 kg/liter

e Transmitter dc-to-RF efficiency: 10-50% (averagiB9o)
Of course RF power is determined based on the nemgent that a reasonable signal to noise ratio
should be attained.

For the sizing of antennae, no specific sizinggw@ee available yet. In that case it is proposditdb

determine the type of antennae and their size YgAma next step, we than collect data on existing
antennae and select a suitable one, or considenghasmeone designing specific antennae. In some
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cases the data collected might necessitate usgdglteareconsider our original choice for the tyge o
antennae.

As an example, we give here the data for a smalug} helix and patch antenna as developed by
[Surrey].

Patch Helix
RF power handling| Upto1l0W Upto1l0 W
Mass <80¢ 500 g
Size 82 x82x 20 mm| 100 x 100 x 500 mm

Decoder and encoder mass have been dealt witle iprévious chapter. As a warning, it is mentioned
that all elements should be accounted for oncenimgancoders and decoders that have already been
taken into account in the C&DH system should notaien into account when dealing with the

TT&C system.

Problems

A number of problems for exercising upon are awddavia Blackboard (Maple TA), whereas a few
are also contained in a separate workbook availbla the TU-Delft online print shop. Of this
workbook also an electronic copy is available aackboard.
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4.8 Navigation (not part of examination)

Important definitions

e Navigation is the process of reading, and controlling the @moent of a craft or vehicle from one
place to another. For spacecraft it includes thelevbf tracking, ranging, orbit determination and
timing of actions

e Tracking is the use of consecutive observed locationsettme target into tracks (important
parameters are range, elevation, and azimuth)

e Rangingis a term merely applying for distance meterinthvmoving objects. Combining several
metering results in a time sequence leads to mgcki

Why navigation (or orbit determination)

* To know where we are (position)

* To estimate time of arrival (ETA, travel time)

Navigation allows for the S/C to determine wheshibuld perform certain operations such as starting
an experiment or adjusting its attitude (the digetcin which the satellite is pointing), and orrsta
communications with a ground station or other spaadein orbit.

Most spacecraft currently are controlled from tiheugd; some are controlled by astronauts inside of
them. A few, like Deep Space 1 (DS1), have spesmailipment that can navigate "on the fly." The
trend is towards more autonomy meaning that moaeespaft currently under design will be able to
navigate by themselves in future.

How it works

Regardless of who or what is doing the controllithgugh, there are common elements to spacecraft
navigation. All navigation systems use the posgi@mf known objects in space as well as the
information coming back from the spacecraft to tethere a spacecraft is. The principle of
determining one’s position is explained using FgWd. The position of an object on Earth or in
space is determined compared to a pre-definedereferframe. To determine the position of some
subject (subscript s) requires 2/3 distances aw @rgles taken from a known position. 2/3 distances
define a circle (in 2D) or sphere (3D) around tigeot. Vehicle location is where circles (spheres)
intersect. Once the spacecraft's position is kndianflight path is plotted and thrusters are fin€dy
characteristics are position determination accur@aey timeliness (how long it takes to determine
some position; if it takes too long we might expade a collision).

Figure 74: Principle of positioning
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Approach/options

Two basic options exist:

* Ranging by a ground station or space-based systerthe US TDRSS. For instance, a radar dish,
or antenna, transmits pulses of radio waves orawiaves which bounce off any object in their
path. The object returns a tiny part of the wagawrgy to a dish or antenna which is usually
located at the same location as the transmittes tifine it takes for the reflected waves to return
to the dish enables a computer to calculate howay the object is. Doppler processing of the
signal can be added to provide accurate velocfgrimation. The ground station performs the
processing of the signals and then transmits ttegtilan to the S/C. This way the complexity of
the S/C can be kept low (high reliability, low codtut it may take some time for the S/C to know
its exact location since the time needed for a camoations signal to relay a message increases
with distance. Ranging may also be accomplished $yecial transponder integrated into the on
board command and data handling system, see [$8&)$ 13.5.1

» Using an on-board navigation system for instanG#&/Galileo receiver with the appropriate
antennas to receive signals from a global posiigsiystem or star cameras that determine
viewing angles with respect to known celestial ksdqmostly deep space missions). Elaborate on
board software is needed to determine orbit anatilme in orbit. Because of the high computer
load it may require a dedicated computer on boatdeoS/C. Such an on-board navigation
system allows for increased S/C autonomy and hsimeg decision making time, but also
increased complexity (increased cost) and a higbeputational load of the on-board computer.
Also the ability to handle “unforeseen” circumstasienay reduce.

Depending on the accuracy required, the followiptioms may be selected:
» Tracking with an accuracy up from 50 m:
0 Low accuracy (a few km in LEO up to 50 km in GE@round stations using
Doppler tracking; currently the only available aptifor deep space missions.
0 Moderate accuracy in LEO/MEOQO: Tracking by satedlite.g. TDRSS; up from 50 m)
» High accuracy in LEO (15 — 100 m): GPS with or withSA
* Very high accuracy in LEO (1m level): Doris; sint898, the DORIS system provides orbits in
real time, to within a few meters.
» Extremely high position accuracy (cm-level): D@istem (delayed time only), and laser ranging
e To make accurate measurements of change of veloditing trajectory corrections
accelerometers can be used. Such accelerometespmetimes integrated together with gyros
that measure rotational motion in a so-called laeMeasurement Unit (IMU). This is essentially
an integrated unit with sensors, mounting hardwaestronics and software.

Fundamentals
Range can be determined using the know velocithi@ivave and measuring the time it takes
between transmission and receiving the signal[:&#. Travel velocity can be determined using:

' ]
fw:fbvff—i_t

c—=1v [141]

¢ = velocity of EM waves in vacuum (~3 x8.&/s)
f = frequency (w refers to measured and b to adtegl)
v = velocity

It is mentioned that only the component of the g#jovector aimed along the line connecting the S/C
with the receiving station can be determined. Esit@anprocessing is needed to allow for improved
tracking and navigation.

Frequency (or wavelength) usually is selected basdiniting attenuation in bad weather and
interference with e.g. communication signals.
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Components

Most spacecraft nowadays use a dedicated transpondmard integrated in the TT&C system. This
transponder receives ranging tones from the grostation and retransmits them through the
telemetry channels. Turnaround time provides ramdereas the shift in transmitted and received
frequency provides the velocity towards the recgj\station (after some computation).

The Doris system requires a Doris receiver on bgéd 2500 lines of code, requiring 60 Kbits of
memory.Figure 75 shows three generations of DORIS receivers, ititisty the trend to smaller and
less heavy, but equally capable equipment, ancgigaayDORIS antenna (length of 42 cm) on the
right. A GPS receiver and some GPS antennas arensimoFigure 76, whereas Table 46 and Table
47 present characteristic data on size, power usagemass of single and dual frequency GPS
receivers. Single frequency GPS receivers aredegsnsive than dual frequency receivers; however
they take longer (typically about 15 minutes, buytre up to about 30 minutes) to arrive at an
acceptable solution as compared to less than atenfiouthe dual frequency receivers.

1990, 18 kilograms and 20 litres... ..2001, 5 Klograms and 5 litres '

Figure 75: Typical components of DORIS SC navigatio system

GPS receiver GPS Helix antenna low profile antenna

Figure 76: Typical GPS receiver with accompanying stennas
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Table 46: Single-frequency GPS receivers for sggications [IAA-B6-0501]

Manufact. Receiver Chan Ant  Power TID Missions, References
Weight  [krad]

Alcatel (F) TopStar 3000 12-16 1-4 15 W =30 Demeter, Kompsat-2;
C/A 1.5ke

EADS MosaicGNSS G6-8 1 10W =30 SARLupe, TerraSAR-X

Astrium (D) C/A kg Aeolus

General Viceroy 12 1-2 4TW 15 MSTI-3, Seastar, MIR,

Dynamics (US) C/A 12 ke Orbview, Kompsat-1

SSTL (UK) SGR-05 12, 1 0.8W, =10
c/A 20g

SGR-20 4x6 4 6.3 W =10 PROBA-1, UOSat-12

C/A lkg BILSAT-1

DLER (D) Pheoenix-$ 12 1 0.9 W 15 Proba-2, X-Sat, FLP, ARGO,
C/A 20g PRISMA

Accord (IND) NAVZ000HDCP B8 1 2.5W X-Sat
C/A 50g

Table 47: Dual-frequency GPS receivers for spagaiegtions [IAA-B6-0501]

MManufact. Receiver Chan Ant  Power TID Alissions
Weisht  [kiad]
SAAB(S) GRASGPSOS 12 3 30W METOP
C/APL2 kg
Laben (T) Lagrange 16x3 1 ELRYY 20 ENEIDE, Padarsat-2 GOCE
CAPL2 52ke
General Monarch 6-24 1-4 5w 100
Dynamics (175 C/APL2 4 kg
JPL (US) BlackTack / 16x3 4 10w 0 CHAMP, GRACE, Jason-1/
BRE (US) IGOE C/APL2 3.4 6kg COSMIC, TemaSAR-X
Alcatel (F) TopStar 3000G2 6x2 1 Under development;
C/ALZC FROBA-2
Aunsirian Inn. GNSS Upte3s 2 =20 Under development;
Aerospace (A) Navigation Becv. C/APL2 SWARM
BRE (US) Pyxis Nautca 16-64 1-4 0w Under development
C/a P12 X5ke
L2C. L5
Nowvitel {CA) OEML-GIL 12x2 1 15W & Can™-2; CASSIOPE
C/A P2 g
Septentrio (B) PolaFx2 16x 3 163y 5W o TET
CiAPL2 120 g
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4.9 Other subsystems (not part of examination)

Environmental control and life support system (ESLS

In human spaceflight, the environmental control &fedsupport system is a group of devices that
allow a human being to survive in outer space agxfample the Lunar module of Apollo 11 given in

Figure 77. The life support system may supply:water and food. It must also maintain the correct
body temperature, an acceptable pressure on thg &od deal with the body's waste products.
Shielding against harmful external influences sashradiation and micro-meteorites may also be
necessary. Components of the life support systeniifarcritical, and are designed and constructed
using safety engineering techniques.

il =
Figure 77: Astronaut in space with ECLSS integratedn backpack and suit

Destruct system

The following text centers about the destruct systé the Space Shuttle Solid Rocket Booster (SRB).
Ground commands arm the safe and arm (S&A) deviggoximately five minutes prior to SRB
ignition. If destruct action is required, the noalimange safety destruct procedure will consist of
energizing the “arm” command several times, appbcaof a one second pause, then energizing the
“fire” command several times or until the destraction is accomplished. The fire command to the
Pyrotechnic Initiator Controller (PIC) dischargés Gapacitor, igniting the NSD. The detonation from
the NSD is propagated through the S&A device tremsiiarge and the CDF train to the linear shaped
charge (LSC). The detonation output of the LSC tscase along 70 percent of the length of the
Solid Rocket Motor causing destruction of the SRB.example of a command destruct system is
given in Figure 78. A typical minimum overall systereliability goal for the Command Destruct
System is 0.999 at a 95 percent confidence level.
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Figure 78:SRB Command Destruct System Functional @gram

Lander system (parachute, landing gear, balloons)

Landing system includes all equipment needed tairena proper landing of the spacecraft. Such
systems are amongst others used on lander spdceerantry vehicles as well as on future aeroplane
like space launchers. Examples of (typical comptnef) lander systems are given in Figure 79 and

Figure 80.

Descend
Module

Adaptor
2624

Figure 79: Typical components of a landing system
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Figure 80: Vehicle Landing on Mars

Recovery equipment

The recovery system is to ensure the capabilitgtover a spacecraft, be it an orbiting space d¢apsu
or a rocket booster, like the Ariane 5 Solid Rodebsters. The recovery system may include an
altitude determination and command system, a patadystem, a floatation system, strong points for
hoisting and a beacon system that provides for rimddion on the whereabouts of the
spacecraft/booster. An example of a recovery systetha recovery vehicle are given in Figure 81
and Figure 82, respectively.

st O

L
—— 3
= ] PO g’ === pl-.n- =i =i En ikl B zl
i — e= . - 1/
- - 1 s

fo—r e

) 4 AN

Figure 81: Dutch Space developed booster recoverysiem
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Figure 82: Recovery or re-entry vehicle

Launch escape system (LES)

A Launch Escape System is a top-mounted rocket extied to the crew module of a crewed

spacecraft as shown in Figure 83 and used to quasbarate the crew module from the rest of the
rocket in case of emergency. Since the escape tooeke above the crew module, an LES typically
uses separate nozzles which are angled away frerardw module to prevent the LES exhaust from
striking the module, cutting through the hull, aminolating the crew. The LES is designed for use in
situations where there is an imminent threat toctiesv, such as an impending explosion

Orion Crew Exploration Vehicle Launch Abort System Crew Module Service Module

Figure 83: Orion crew exploration vehicle launch abrt system

Avionics

The science and technology of electronics and theldpment of electronic devices as applied to
aeronautics and astronautics (from dictionary). tMoskets have some avionics ring/interstage that
contains all the instruments and electronics. Nexhe avionics the ring/interstage may also contai
the power system, etc. Typical applications include

e« Command and Telemetry Processing
» Computers

* Power Distribution and Control

» Attitude and Propulsion

» Spacecraft Thermal Management

» Payload Interface Modules

* Low Voltage Power Supplies

155



5 Summary

S/C design: An iterative process with each timeevdetailed and more accurate analysis

Discussed the need for requirements (to find outtwie need to design for) and in the process
we learned about sources of requirements, typescufirements (functional, etc.), requirements
on requirements (defining them in a SMART way) aeguirements flow down.

Method introduced for estimation of S/C charactmss

o General arrangement/configuration/lay-out.

0 Mass, size and power properties (by mission phase).

0 Summary of subsystem characteristics.

0 System parameter; lifetime, reliability, cost, deyenent time.

Details should be worked out during further anaysee also later in this lecture series)

o Iterate, negotiate, and update requirements, ant&rand design budgets with feedback
from subsystem designers

Repeating the calculations for different desigricys allows for performing trade studies.

Exercises: See Blackboard (Maple assignments) klwok Spacecraft Design and Sizing”

Method in principle can also be used for desigrottier types of spacecraft, but requires own
estimation formula. Also system breakdown may tteBulbreaking down the spacecraft into
different systems.
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Appendix A: Space maneuvers and mission characteristic velocity
Introduction

To allow a spacecraft (S/C) to maneuver in spackoario control its attitude, it should have
some means to change its velocity. The velocityngharequired for the various maneuvers
usually comes from orbit and attitude control ae@lyactivities and are reported inAY
budget (pronounce ‘delta V budget). Such a budgen tallows for the spacecraft or
propulsion system engineer to select the propulsipe and to come up with a propellant
mass budget. However, in the very early stagespbpect, results of trajectory and attitude
control analysis are difficult to come by. The éoling data subdivided over three broad
categories may help you to generate a first raiighbudget for the mission at hand without
the need for time-consuming calculations.

Given the preliminary character of the data, idwised to add a proper margin to this data.
Note that more accurate data (for instance to e t@breduce the design margin), can be
obtained through orbit analysis in the later stagéghe design. Fundamentals of orbit
analysis and design can be obtained from a nunfliexbbooks.

L aunch/landing

Table 1: Typical AV value(s) for sub-orbital flight

Maneuver AV, km/s

Earth surface into LEO 9.5-9.8 km/s (depending on size of launcher)

LEO to Earth surface Orbital maneuvering burn to lower perigee into
the atmosphere, atmospheric drag takes care of
the rest.

Moon surface into Low Lunar Orbit (LLO) 2.6 km/s

LLO to Moon surface 2.9 km/s

Mars Surface to low Mars orbit 5.7 km/s

Low Mars orbit to Mars surface 4.7 km/s (atmospheric drag does play a role)



| mpulsive shot space maneuvers

Table 2: Typical Av value(s) for impulsive shot space maneuvers

Maneuver AV

Orbit transfer:

LEO to GEO 3.95 km/s (no plane change required)

LEO to GEO 4.2 km/s (including plane change of 28 deg)
GTO to GEO (1) 1.5 km/s (no plane change required)

GTO to GEO (2) 1.8 km/s (incl. plane change of 28 deg.)
LEO to Earth escape 3.2 km/s

LEO to trans-lunar orbit 3.1 km/s

LEO to lunar orbit 3.9 km/s

GTO to lunar orbit 1.7 km/s

LEO to Mars orbit 5.7 km/s

LEO to solar escape 8.7 km/s

Orbit control:

Station-keeping (GEO) 50-55 m/s per year
Station-keeping in Moon orbit 100-400 m/s per year
Station-keeping in L1/L2 30-100 m/s

Orbit control: Drag compensation (Earth orbir)
alt.: 400-500 km < 100 m/s per year max. (<25 m/s average)
alt.: 500-600 km < 25 m/s per year max. (< 5 m/s average)
alt.: >600 km < 7.5 m/s per year max.

Attitude control: 3-axis control in Earth orbit 2n8/s per year

Auxiliary tasks (Earth orbit):

Spin-up or de-spin 5-10 m/s per maneuver
Stage or booster separation 5-10 m/s per maneuver
Momentum wheel unloading 2-6 m/s per year

Constant low thrust space maneuvers

Because of gravity loss, low thrust-to-weight (T/\Mopulsion systems suffer a loss in
performance equivalent to increasing the effectivesionAV. For example, the impulsive
AV for a high T/W transfer from LEO to GEO is 4.2 l@nfor a low T/W transfer, the
effective AV is about 5.9 km/s. However, even with gravityses, low T/W propulsion
systems can still out-perform high T/W impulsivestgms, because the very high specific
impulse of some low T/W systems (greater than 1800nore than compensates for the
increase in effectivAVv.
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Table 3: Typical AV value(s) for constant low thrust (acceleration < 0.001 m/s?) orbit transfer
(propellant massis negligible)

Maneuver AV, km/s |Transfer time

LEO (200 km altitude) to GEO (no plane change) 14.7 |ais 0.001 mfs~55 days
LEO (200 km altitude) to GEO (including 28 deg.rmda 597 ais 0.001 nfis~70 days
change)

LEO to MEO (19150 km altitude; no plane change) 833. |ais 0.001 mfs~44 days

LEO to Earth escape for different values of initial
acceleration-to-local gravitational acceleration:

10° 5.82
10° 6.66
10* 7.08
10° 7.43
LEO to Low Lunar orbit ~8 months-year
GTO to Low Lunar orbit 3.6-4 250-450 days
LEO to Mars orbhit ~15 ~2.2 years
1. Transfer or trip time for constant thrust spiraldcalculated by dividing total propellant mass by
mass flow. Total propellant mass is calculated gighe rocket equation. In case of negligible
propellant mass (constant acceleration), trangfee tan be calculated by dividing the velocity
change by the acceleration.
2. Av for LEO to GEO transfer orbit calculated usindgNTEdelbaum's equatiofv = SQRT(\” - 2
V1 V, €OS (U2 Ai ) + v,° ) where y s circular velocity initial orbit, yis circular velocity final orbit,
andAi is plane change in degrees.
3. Values for LEO to Earth escape taken from RocketpHision and Spaceflight dynamics, by
Cornelisse, Schoyer & Wakker, for jet exhaust tbahcircular velocity ratio equal to 10.
4. Value for GTO to Lunar Orbit taken from SMART-1 By Racca
5. Value for LEO to Low Lunar Orbit taken from Optireid Low-Thrust Transfer for Space Tugs by
Pukniel
6. Values for LEO to Lunar/Mars orbit taken from NASIRL.
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Appendix B: Spacecraft data

In this document, data are introduced that candeel dior spacecraft vehicle level parameter
estimation. Typical parameters considered are matane, power, cost and life.

Spacecraft overall Mass, Cost and Life Data

In the table on the next two pages mass, cost ifmdidta of specific Earth satellites are
collected. The first column gives the applicatioor fwhich the spacecraft is used.
Terminology has been kept identical to the oneothiced in ae1102. The second column
gives more details on what the spacecraft actags in the field of application, for instance
DTH is Direct to Home communications, FSS is Figadellite Services, data relay and so on.
Columns 3 and 4 give the satellite name and theatqe i.e. the company that operates the
satellite. Column 5 gives the name of the bus/ptatfused. This essentially is the spacecraft
platform used to support the payload. Manufactureswadays have a standard range of
platforms that can be adapted to suite a ranggplfcations. Column 6 gives the target or
operating orbit of the spacecraft. We distinguistwLEarth Orbit, Geostationary Earth Orbit
and Intermediate Earth Orbit (MEO). Next few colungive information on life, launch mass
and dry spacecraft mass. Here launch mass is eadidhe total mass at launch and may
include the S/C wet mass (i.e. S/C mass includergsemables and mass margin), the launch
vehicle adapter and when the spacecraft is equipithca kick stage it also includes the mass
of a kick stage. S/C dry mass is S/C mass excludongsumables and mass margin. The
columns 10 and 12 give the S/C cost as well asyéa in which the cost was reported.
Column 11 and 13 then give the cost standardizegeén 2000 cost (as to allow for a fair
comparison) and the year 2000 cost per kg.
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Some observations related to the foregoing data:

Related to Mass

S/C mass ranges up to 4,200 kg at launch and 22d@yk(leaving out some exceptions, like
space station and Envi§atResearch conducted by [Tafazoli] shows thattfgeno clear
mass range which is most suited to spacecraffjgae “Spacecraft mass distribution”,
except for the limited number of spacecraft intiighest mass range. So it seems that
currently most spacecraft are designed for the maagge up to 4000 kg. More than 4000 kg
still is somewhat special.

Spacecraft mass distribution

B 0-1000 kg

1000 - 2000 kg
2000 - 3000 kg
[E2 3000 - 4000 kg

M 4000 - 20000 kg

22%,

Related to Cost
Spacecraft cost ranges from 10.000 US$/kg up ta0BO0US$/kg (FY 2000). In more detail,
it shows:
e GEO communications satellites: 50,000 to 200,008/ki(FY 2000) with an
average specific cost of 120,000 k$/kg
« LEO communications satellites: 10,000-95,000 US$¥kb an average value of
48,000 US$/kg
» Navigation satellites: 45,000 US$/kg
* Weather and military satellites: 300,000 US$/kg

Related to Life
e« LEO S/C have a life ranging up to 5-7 year
¢ MEO S/C have a life in the range up to 5-10 year
« GEO S/C have a life ranging up to 10-15 year

! Adapted from WikipediaEnvisat ("Environmental Satellite") is an Earth-observaajellite. It was
launched on 1 March 2002 aboard an Ariane 5 fra3hyana Space Centre in Kourou, French
Guyana into a Sun synchronous polar orbit at atudé of 790 km (x 10 km). It orbits the Earth in
about 101 minutes with a repeat cycle of 35 days.

This €2.3 billion European Space Agency (ESA) paogtaunched the largest earth observation
satellite put into space (as of late 2006), beidgi2x 10 m x 5 m and having a mass of 8.5 t.
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Spacecraft data in relation to payload data

Spacecraft dry mass and payload mass data

Table 1: Dry mass and payload mass per centage of some lar ge satellites[SMAD, SSE]

Satellite Dry Mass (kg) Payload mass %
FLTSATCOM 1-5 849.6 26.54
FLTSATCOM 6 870.9 26.38
FLTSATCOM 7-8 1041.9 32.80
DSCS 1l 475.9 23.02
DSCS 1l 867.3 32.34
NATO 1l 320.4 22.12
INTELSAT IV 532.8 31.24
INTELSAT V 835.0 28.85
INTELSAT VI 1779.0 37.60
TDRSS 1565.7 24.56
GPS Bk 1 479.1 20.49
GPSBIk?2,1 699.1 20.15
GPS Bk 2,2 858.0 23.02
P80-1 1704.4 41.06
DSP 15 21149 36.91
DMSP 5D-2 814.6 29.85
DMSP 5D-3 1012.3 30.45
Average 28.7
Standard Deviation 6.2
Avg. % of Payload Mass 100

The table shows typical dry mass values for laagellites in the mass range 500-2000 kg.
Payload mass on average is 28.7% of the dry ma#sawstandard deviation of 6.2%. This
means that 65% of all satellites have a payloadsnrashe range 28.7% + 6.2% (22.5% -
34.9%) of the dry mass. From the above data a simgtimation relationship to estimate S/C
dry mass as a function of payload mass can be dddfche form:

M,, =1/ XM

dry payload

Here X is the payload mass to dry mass fractiopafdoad mass percentage divided by 100).
For our example given here based on the averadegubgnass percentage, X would be 0.287,
and we would find that dry mass on average is 3:480.287) times the payload mass.

The first 10 S/C in the above table are commurocatisatellites. Next follow 3 navigations
satellites and then 4 observation satellites. Tineet navigation satellites all seem to have a
lower than average payload mass fraction (perceptaghereas the 4 observation spacecraft
show a slightly higher than average payload masgiém. This might indicate that (average)
payload mass fraction differs depending on the tfispacecratft.

The next table shows identical mass data, but mawifically for large GEO communications

satellites. Average payload mass percentage andasthdeviation agree fairly well with the
results indicated in Table 1.
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Table 2: Massdistribution of some large GEO telecommunications satellites [M ediaGlobe]

Spacecraft Dry Mass Payload mass

# Name (kg) (% of dry mass)
1 ANIKE 1270 27.6
2 Arabsat (not 2) 573 21.4
3 Astra 1B 1179 30.0
4  DFS Kopernikus 656 24.1
5 Fordsat 1094 28.9
6 HS 601 1459 49.8
7 Intelsat VII 1450 30.8
8 Intelsat VIIA 1823 28.8
9 OLYMPUS 1158 28.5
10 SATCOMK3 1018 19.0
11 TELSTAR4 1621 24.1
Average 28.4
Standard Deviation 8.0

Table 3 provides data specifically for small sated] with a dry mass in the range 1-300 kg.
From the calculated average payload fraction (ay/lmass/dry mass), we see that payload
mass for smaller satellites is on average smalkar for the larger spacecraft (Tables 1 and 2).
We also see that payload fraction shows a largeaspwith values ranging from 12.2% up to
33.7%.

Table 3: Small satellite mass data [Zandber gen]

S/C name Application Dry  Payload mass

mass

(kg) (% of dry
mass)
Orsted Science 56.3 229
Freya Science 216.9 33.7
SAMPEX Science 160 32.5
ANS Science 129.3 33.2
Viking Science 289.6 16.8
Bird Science 77.74 30.0
NATO IlI Commns 316.6 22.1
Gurwin Il Techn. test 47.0 14.0
Temisat Comm. 41.9 25.8
ORBCOMM  Comm. 47.5 19.4
PoSAT-1 Comm../test  50.2 12.2
Hausat-1 Techn. test 1 16.0
Delfi C3 Techn. test 2.9 16.7
Average 22.7
Average (total is 100%) 22.3
Average (excl. propulsion) 23.5

Based on the Table 3, we find that S/C dry masavenage is 4.5 times payload mass, but the
table also shows that S/C dry mass may range amgviméetween 3 - 8 times payload mass.
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Spacecraft Power data

Table 1: Total spacecraft power (in Watt EOL) and payload power (expressed as a per centage of
total power) for several large geostationary telecom. Satellites [M ediaGlobe]

Satellite Total Payload power
Load (% of total power)
(W)
ANIK E 3482 86.2%
Arabsat (not 2) 1362 72.7%
Astra 1B 2790 76.6%
DFS Kopernikus 1412 63.5%
Fordsat 3110 79.1%
HS 601 3350 79.4%
Intelsat VII 3569 72.3%
Intelsat VIIA 4567 79.1%
OLYMPUS 2832 75.9%
SATCOM K3 3150 81.6%
TELSTAR 4 5673 84.9%
Average % 77.4%
STD 6.37%

NA) Not Available, most likely incorporated in othgubsystem

From the data we find typical S/C power levels ap kW. However, most of the satellites in
our list are quite old. History shows an ever iasieg trend in power usage with early
spacecraft using about 1 W and current spacecafgd — 15 kW of power. Evolving trends
suggest a further two orders of magnitude increaag still be needed. Considering the
payload power fraction of total power, we find tipatyload on average consumes 77.4% of
total power with a standard deviation of 6.4%. THigh percentage is typical for
communications satellites. For other types of spafe (Earth Observation S/C and deep
space S/C) generally lower percentage values apply.

Spacecraft failures and failure data

Spacecraft failures are typically reported usingalted “Anomaly Reports” see for instance
Figure 1taken from [Remez].

In the year 2003 GSFC (Goddard Space Flight Cehtrd)61 orbiting spacecraft [Remez].
For these spacecraft a total of 439 anomalies wermted of which most (86%) had
negligible or no effect what so ever on the spadfeor mission. 13% had a minor effect and
only 2% had a substantial or major to catastropffect. It is failures in the latter two — three
categories that usually lead to an insurance clamereas only failures from the final
category are counted as real failures. From tha daen, we can determine an average of
0.14 major or catastrophic failures per spacegraftyear (at least for the spacecraft GSFC
are operating).

Jane’s Space Directory provides tabulated dateeparted S/C failures thereby focusing on
the more serious failures. Over the period 199%cuand including 2000 the tabulated data
shows ~565 serious failures or ~95 serious failpeysyear. Given that at any instant in time
we have about 800 active S/C, this gives on ave@at serious failures per spacecraft per
year.

[Sultan] has investigated the distribution of reépdrfailures (most likely only the more
serious ones are reported) in spacecraft overaheg1995 up to and including 2000. Sultan



found that on average 40% of the failures arebaitieid to the payload and the remainder to
the S/C bus, i.e. the platform.

Current Date/’rime: 01/13/2004 09:0%37

GSFC SPACECRAFT ORBITAL ANOMALY REPORT

(SOAR)
) Section 1. (Ta be completed by
(4 soto seaionz §) SR
1. SOAR Number: 1A, Project Number: |2 Spacecraft
G -9231 EDS AM L(TERRA)
3. Subsystemn or Instrument | 4. Anomaly Date Launch Date |IDAY
ASTER 05/06/2003 | 120141999 126
5. Component Name ID Number |Serial |Manufacturer
Number
6. Assembly Name iib] Serial |Manufacturer
Number | Number
Screen docr falled to open
7A, I?B. Lat i?C. 7D, 7E. 5/D | 7F. Local Time |8. Days
Rev, Long. A/D COperation
No. (Since
Launch)
0 1252

9, Anomaly Description
Solar Diffuser sereen door failed to open, AIT fooused on scrren deformation from

thermal stress & mast likely cause. Proposal to apen door permanently in planning
phase ETC July 2, 2003,

10. Additional Comments

11, Originator: Siman 12, NASA /Government Representative:
Code:! Code:
Phone! Phone:

Figure 1: Orbital Anomaly report [Remez]

Using data on failures, we can calculate failute @ata. Once failure rate data are known,
reliability can be determined using:

R= ( e)-(Mﬂ) [1]

Here R indicates reliability\ indicates the failure rate of the vehicle anddicates the time
period (life) considered.

Another way is to use reported reliability datasphicecraft to compute failure rate data and
then use these data to compute reliability foredght mission durations. Some spacecraft
reliability data as well as more detailed datagfatform, and payloads are given in the next
table. Notice that S/C reliability can be determit®y multiplying payload reliability with
platform reliability.
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Table 1: Spacecraft reliability data

System Designation Company/country Reliability (minimum) Life
] [yr]
SIC Geostat. Met. Sat. Japan 05 5
SPOT 4 SPOT 0.8 4
|Platform Eurostar MMS 0,86 10
ETS MASDA 0,8 10
BS-3a Japan, Telcomm. 0,8 7
F51300 Space Systems Loral 0,875 15
Comms. payioad HS-376 Hughes (now Boeing) 0,97 10
HS-393 Hughes (now Boeing) 0.8 10
BS-3a Japan, Telcamm. 0.9 T
TW-sat 2 Telenor 0,68 73
Eutelsat 2 Eutelsat 0,74 7

Spacecr aft development/production time data

F

ra—

Months

50 Chuster | Clhuinws b S0HG Hunygeim Rl Il Smant | Roseba Wary Vens
Expresy  Enpeess

Projects
Figure 1. Spacecraft development time (ESA)

From the data given in the above figure, it follawat:
* Phase B for ESA projects typically take 13.8 mor{thk year) with an SSD of 5.4
months (~0.5 year).
» Phase C/D for ESA projects typically takes 47.7 therfor ~4 years) with a SSD of
14.2 months (~ 1 year)
Without providing evidence, we mention that a tgbiphase A/O study typically takes 4
months.

Note the duration of the phase B and C/D for Vekupress in the figure. We find that
especially the phase B is much shorter than aver@pes is because Venus Express
essentially was kept identical to Mars Express,mmgasame instruments, same basic lay-out
and bus equipments. The reduction in phase C/Dtidaress much less than for the phase B.
This is attributed to the need to adapt all equipheas to cope with the different
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environments and that integration and test addivititill make up a substantial amount of time.
So for Venus Express most tests performed for Maggess were repeated just to make sure
that it would really work under all conditions.

The next gives typical production times as cursentéalized by commercial GEO
communication satellite producers. We find an ayeraalue close to 28 months with one
manufacturer peaking at 40 months. Note that the désen in the figure are average
manufacturer data and do not take into accountiisat® satellite variations. This means that
individual satellites may require less (or morepdito manufacture than indicated in the
figure. This depends to a large extend on wheteispacecraft is one in a series of identical
ones or is a “new” design.

Average Production Time by Manufacturer - Last 10 Satellites Launched

45

40

3 Average 30

months |

Alcatel EADSAstrium Boeing Lockheed Martin Orbital SS/Loral

Figure 2: Commercial GEO communications satellite production time [Futron 2004]

The production times cover design, development arahufacturing. That the average

production time is much shorter than the time neguifor the design, development and
manufacturing of ESA spacecraft is attributed te thilosophy of commercial satellite

manufacturers to only incorporate well tried anstad technologies in the design, whereas
ESA spacecraft also include a lot of “firsts”.
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Appendix C: Spacecraft level estimating relationships for mass,
power, etc.
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Introduction

In this section a number of estimation relationshgpe given that allow for generating a
rough estimate for various spacecraft charact¢ieyigsay the dependent variable “y”) in
relation to some independent variable (say “x”),dasermined by the experimenter. These
relationships have all been determined through ecditting, where simple mathematical

functions are fitted best to a series of data goint

As a curve fit usually is only valid for a certaiange of data, this range is included in the
tables, provided that this data is available.

To allow for information on the “goodness of fitf the relation, data is provided on number
of data points used as well as on the standardatien] standard error of estimate (SEE)
and/or the R-squaré¢R?) value, again provided that this data is available

2 Statistical measure of how well a regression éipproximates real data points; an R-squared of 1.0
(100%) indicates a perfect fit.
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Part 1. Spacecraft vehicle estimation relationships

Vehiclemass
Vehicle mass can be estimated directly using tlaioas fromTable 1(loaded mass) or by
adding the results frorfiable 2(dry mass) and

Table3 (on station propellant mass). In case significaaheuvers are needed, propellant
mass is to be calculated separately using the recketion.

Table 1: On-station mass/loaded mass estimation

Earth orbiting spacecr aft
M on station =3.66M PL kg [1]
Source Zandbergen (34 data points)
Payload mass range 20-2150 kg
R® 0.899
SEE 30.4%
Earth Observation spacecr aft
M on station =3.78M PL kg [2]
Source Zandbergen (16 data points)
Payload mass range 20-2150 kg
R® 0.905
SEE 34.7%
Manned entry vehicles
M., cuion =1.861M , +1952.1 k [3]
Source Zandbergen (6 data points)
Payload mass range 20-6000 kg
R® 0.745
SEE 44.2%
Unmanned entry vehicles
M | oageq =1.404M , + 224.3 ki [4]
Source Zandbergen (10 data points)
Payload mass range 15-300 kg
R® 0.322
SEE 56.3%
Deep space probes
M | oageq = 4.285M , + 333.6 k [5]
Source Zandbergen (23 data points)
Payload mass range 10-325 kg
R® 0.379
SEE 21.0%
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Table 2: Dry mass estimation

Earth orbiting spacecr aft

Moy =alMp, kg [6]
Source Brown (46 data points)
a Average: 4.8
Range: 3-7
Payload mass range 20-550 kg
M Dry = |:'\/IPL kg [7]
Source Larson & Wertz
a Average: 3.33
Range: 2.0-5.9
Payload mass range -
Mpy =2.058M,, + 342.8 ki [8]
Source Zandbergen (19 data pointg
Payload mass range 50-950 kg
R® 0.9436
SEE 14.6%
Communications satellites
My, =3.60M,_ kg [9]
Source Brown (7 data points)
Payload mass range 100-620 kg
M ory = 1.8225M,, +545.1 k [10]
Source Zandbergen (12 data pointg
Payload mass range 100-750 kg
SEE 19.4%
Planetary vehicles/deep space probes
M oy = 2.5112ZM,, + 215.9 ki [11]
Source Zandbergen (23 data pointg
Payload mass range 10-325 kg
R® 0.638
SEE 22%
My, =7.50M,, kg [12]
Source Brown (11 data points)
Payload mass range 10-160 kg
Table 3: RCS propellant mass estimation
satellites
M RCS Oloa:q M S"v‘)on station mass kg [13]
Source Zandbergen
SSD 55% of estimated value
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Vehicle power

Table 4: Total power estimation (photovoltaic sygsteonly)

All missions

P =113k, +122 W\ [14]
Source Brown (40 data points)
Payload power range 5W - 1000 W

Large satellites (> 500 W total)
P =185R, W [15]

Source SMAD
Comment Actual values are reported to

within £35 % from the
estimated value

Small satellites (< 500 W total)

P=25R, W [16]

Source | SMAD

Mini spacecraft (< 100 W total)

Operating power is 2 to 3 times the payload power

Source | SMAD
Communications satellites
P =1.1148R, + 348.1V [17]
Source Zandbergen (11 data pointg
Payload power range 1-5 kw
R® 0.9856
Comment Actual values are within 10 ¢
from the estimated value
P=117[R, + 56 W [18]
Source Brown (10 data points)
Payload power range 100-1500 W
M eteorological satellites
P =1.96[P, [19]
Source Brown (8 data points)
Payload power range 100-450 W
Planetary vehicles/deep space probes
P =332.930In(R, ) - 1046.6 V [20]
Source Brown (3 data points)
Payload power range 75-250 W
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Vehiclesize

Table 5: Size estimation

All Spacecr aft

SIC loaded mass [kag]

Vg =0.01IM 4y M [21]
Source SMAD
Mass range 135-3625 kg
Slope range 0.005-0.05
Density range 20-172 kgfm
Average density 79 kgfn
Small satellites
M
Vs/c — _ Loaded 3 [22]
Py c
Pyc ==106.90NM oge) + 922. kgim?  [23]
Source Zandbergen
R® 0.4591
Mass range 1-500 kg
Micro satellites
Vg =0.0019M 404 M [24]
Source TU-Delft, Aas
Slope range 0.0006-0.005
Density range 194-1584 kgfm
Mass range 1-50 kg
Deep space probes
Vg, =0.0044M | 1geq M [25]
Source Zandbergen
Slope range 0.0022-0.0167
Density range 60-458 kg/m
Average density 245 kgfm
Mass range 92-1062 kg
1200 -
. [Small satellites
_ 10m ¥
T .
g yo *
5 800 e
E ‘i .
2 s v = 06.90Ln0x) + 922.5
£ 600 - -— -
2 N - o |, RP=nasm
g e -
T st e A —
" - '4 -4
+ S - . _ _——— .
200 S _ -
i . . . . .
o 100 200 300 400 00 B00

Figure 1: Spacecraft mass density versus spaceloafied mass for small satellites [Zandbergen]
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Vehicle cost

Table 6: Cost estimation

Spacecr aft (general)

Spacecraft dry mass kgl

_ 0.839 .
Cyc=0.353I(M), ~~ FY2000 M:  [26]
Source Zandbergen
Mass range 40-2350 kg
00
500 u
(3 ]
o
= 400
-
=
300 - y = 0353105
3 R%= 0.4432
E 200 u —
£ ™ u
&
100 A =
N L
o 500 1000 1500 2000 2500

Figure 2: Spacecraft cost versus spacecraft drysiidandbergen]

GEO Communications satellites (Commsats)

Cyc =-0.0673(M ), +190.1 FY2000 k$/k [27]

Source Zandbergen

Mass range 400-1800 kg

R® 0.5912

SEE 23%

Navigation satellites (Navsats)
Cyc=40-45 FY2000 k$/ke [28]

Source Zandbergen

Mass range 400-1000 kg

Earth Observation satellites (EOSats; optical imaging)

Cyc =0.0264(M),  +192.95 FY2000 k$/k [29]

Source Zandbergen
Mass range 250-2000 kg
R® 0.276
SEE 13.8%




Vehiclereliability

Table 7: Reliability estimation
General

R=(g™ [30]

A is failure rate and t is operational life (notrsige life).
Spacecr aft (total)
A | 0.056-0.139

Vehicle reliability may also be determined basednolependent estimates of payload and
spacecraft bus reliability using:

Table 8: Reliability estimation details
General

RSC = Rpayloadx Rbus [31]

Here Rayioag@nd Ryscan be estimated using the relation [30] and
the failure rate data as given below.

Communication Payloads

A | 0.003-0.032
Other Payloads
A= 0.667 XApu
Spacecr aft bus

A | 0.009-0.053

Vehicle development time

ESA/NASA spacecraft:
* Phase A/O: 4 months with an estimated SSD of 2 hsont
* Phase B: 13.8 months (~1 year) with an SSD of ®dths (~0.5 year).
* Phase C/D: 47.7 months (or ~4 years) with a SSDAd months (~ 1 year)

Vehiclelife

Earth orbiting spacecratft:
* LEO S/C: up to 5-7 year
* MEO S/C: up to 5-10 year
* GEO S/C: up to 10-15 year
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Example spacecr aft vehicle estimation
In this section an example spacecraft sizing ifopmed. For this example we have an Earth
observation spacecraft with the following data:

* Payload
o Earth observation camera
0 Mass: 300 kg
o Power: 280 W average, 790 W peak
0o Dimensions: 1.5mx1mx0.5m
* Mission:
o Life10yr
0 ManeuveringAv = 800 m/s (incl. 100 m/s for margin + reactioneghunloading)
0 No separate kick stage needed. Vehicle is injeatedinal orbit by launcher
e Launcher
0 Maximum diameter under fairing: 4 m

(3.32)To limit ourselves, we will focus on estinmgfivehicle mass and vehicle power only. It
is advised that you first try for your own and thereck your answer with the answers given
in Table 9. When doing so, you'll probably expegerthat not all the answers you calculated
are the same as the answers given in this tabke r@dson for this will hopefully be clear to

you after you have read the accompanying text.

Table 9: Estimated vehicle mass, vehicle powenaatiicle size for the given satellite

Vehicle mass
Source TU-Delft (16 data points)| Brown (46 data points) Larson & Wertz — Earth
— Earth orbiting S/C — Earth orbiting S/C orbiting S/C
L oaded mass 1134 kg - -
Dry mass - 1440 kg 999 kg
Propellant mass - 440 kg 305 kg
L oaded mass 1134 kg 1880 kg 1304 kg
Vehicle power
M ethod Brown — Meteorological Brown — Other SMAD - Large
satellites satellites satellites
Total power (based 549 W 438 W 518 W
0n aver age power)
Total power (based 1548 W 1015w 1462 W
on peak power)

Vehicle mass

Vehicle mass is estimated using three differenthodd. First the loaded mass is estimated
using the Formula [2] given in Table 1, which givesa loaded mass of 1134 kg. Next the

loaded mass is estimated by first estimating tlyenaltss and the propellant mass after which
the two are added together. Two different relatips are used to estimate the vehicle dry
mass. The first relationship is given by Formiglaand the second by Formylg, see Table

2. Formula[6] is taken from [Brown (46 data points)], and Forafdl is taken from [Larson

& Wertz]. Using the given average values for ‘aeogets a dry mass of 1440 and 999 kg
respectively. Now we add to this estimate the giapemass. Propellant mass in this case is
estimated based on the use of a propulsion systiémanspecific impulse of 300 seconds.

Results are shown in Table 9.

When considering the results for the loaded massfimd that the loaded mass estimate
ranges from about 1130 kg to 1880 kg, which isegaitange. This more or less clarifies why
for such estimates, the estimation accuracy isidered quite low and that for our design our
estimate might easily be off by 50%. However, agglas we determine the mass of our
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vehicle concepts using the same estimation fornwéacan expect that at least the order of
the concepts in terms of mass remains the same.

Vehicle power
For the estimation of vehicle power Table 4 is ustalvever, which value for payload power

should be used (average or peak)? Essentiallydasttbe used, but you should consider that
the relation has been derived for photovoltaic ayst In most cases such systems have a
battery system that provides for power during eglfpand when peak power is needed. This
means that photovoltaic systems most of the tinee dmsigned to deliver average power.
Based on this reasoning, it is considered bettarst average power than peak power for
estimating the total power needed. However, if yamsider designing a power system
without any means of storing excess power and aviging for peak power, than it might be
better to design for peak power.

We know that the satellite is an Earth observasi@ellite. To estimate vehicle power we now
have three estimation relationships], Error! Reference source not found. and[15] that
could be used. The results are given in Table #g2oing the values found, we find that the
three values are reasonably comparable, therebyngeredibility to our estimates.
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Appendix D: Spacecraft subsystem level estimating relationships
for mass, power, etc.
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| ntroduction
This document provides estimation relationshipssfmacecraft subsystems, see section 2, but
first we provide typical data used for determingugh relations.

1. S/C subsystem data

The spacecraft subsystems all contribute to theegpaft (platform) mass. Table 1 and table
2 provide mass distribution data expressed as p@es of S/C dry mass for a number of
large S/C.

Table 1: Massdistribution of some large GEO telecommunications satellites[SM AD, SSE]

Percentage of Spacecraft Dry Mass by Subsystem Dry Mass
Payload  Structures  Thermal Power TT&C ADCS Propulsion (kg)

FLTSATCOM 1-5 26.54 19.26 1.75 38.53 2.98 7.01 3.94 849.6
FLTSATCOM 6 26.38 18.66 1.99 39.39 2.99 6.77 3.83 870.9
FLTSATCOM 7-8 32.80 20.80 2.14 32.75 2.50 5.68 3.34 1041.9
DSCS I 23.02 23.50 2.77 29.32 6.97 11.46 2.96 475.9
DSCs il 32.34 18.18 5.56 27.41 7.23 4.35 4.09 867.3
NATO Il 22.12 19.29 6.51 34.74 7.51 6.33 2.43 320.4
INTELSAT IV 31.24 22.31 5.14 26.49 4.30 7.41 3.14 532.8
INTELSAT V 28.85 21.21 3.21 22.44 3.45 9.00 11.84 835.0
INTELSAT VI 37.60 17.94 3.08 25.40 4.74 4.14 7.10 1779.0
TDRSS 24.56 28.03 2.78 26.36 4.07 6.17 6.92 1565.7
GPS Bk 1 20.49 19.85 8.70 35.77 5.84 6.16 3.61 479.1
GPSBIk2, 1 20.15 25.13 9.86 30.97 5.20 5.41 3.29 699.1
GPS Bk 2, 2 23.02 25.37 11.03 29.44 3.10 5.25 2.68 858.0
P80-1 41.06 19.00 2.35 19.92 5.21 6.33 6.13 1704.4
DSP 15 36.91 22.53 0.48 26.94 3.84 5.51 2.23 2114.9
DMSP 5D-2 29.85 15.63 2.79 21.48 2.46 3.07 7.42 814.6
DMSP 5D-3 30.45 18.41 2.87 28.97 2.02 2.92 8.66 1012.3
Average 28.7 20.9 4.3 29.2 4.4 6.1 4.9

Standard Deviation 6.2 3.2 3.1 5.6 1.7 2.1 2.7

TT&C: Telemetry, Telecommand & Communications
ADCS: Attitude Determination and Controls Subsystem

Table 2: Massdistribution of some large GEO telecommunications satellites [M ediaGlobe]

Spacecraft Percentage of Spacecraft Dry Mass by Subsystem Dry Mass
Name Payload Structure Thermal Power TT&C ADCS Propulsion (kg)
1 ANKE 27.6 22.8 4.7 28.7 2.9 3.9 9.4 1270
2 Arabsat (not 2) 214 15.8 5.3 30.9 5.1 11.6 10.0 573
3 AstralB 30.0 16.2 4.5 30.7 2.3 6.2 10.2 1179
4  DFS Kopernikus 24.1 18.4 4.1 30.8 4.4 7.2 11.0 656
5 Fordsat 28.9 19.5 5.0 33.2 0.9 7.4 5.1 1094
6 HS 601 49.8 12.2 3.1 19.3 4.7 4.4 6.5 1459
7 Intelsat VII 30.8 17.3 6.7 25.8 1.0 10.1 7.6 1450
8 Intelsat VIIA 28.8 15.4 6.9 27.4 0.9 9.1 7.5 1823
9 OLYMPUS 28.5 21.6 5.2 27.4 3.0 5.2 9.2 1158
10 SATCOMKS 19.0 17.6 4.4 35.6 35 6.7 13.2 1018
11 TELSTAR 4 24.1 10.9 5.6 35.0 4.8 4.4 6.2 1621
Average 28.4 17.1 5.0 29.5 3.1 6.9 8.7
Standard Deviation 8.0 3.6 1.1 4.6 1.6 2.5 2.4

TT&C: Telemetry, Telecommand & Communications
ADCS: Attitude Determination and Controls Subsystem

The data clearly shows that next to the payloaglstiuctures and power subsystem are the
most important contributors to spacecraft mass.

Table 3 provides mass distribution data of spesifnall satellites. Data are again given as
percentages of S/C dry mass.
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Table 3: Small satellite mass data [Zandber gen]

S/C name Application Dry Percentage of Spacecraft Dry Mass by Subsystem

mass

(kg) Payload Structures Thermal Power TT&C ADCS Propulsion Harness C&DH
Orsted Science 56.3 22.9 28.8 0.9 16.9 10.3 7.3 0.0 5.5 7.5
Freya Science 216.9 337 225 2.4 18.7 2.6 5.9 8.2 0.0 6.0
SAMPEX Science 160 325 23.1 2.5 20.0 3.1 6.3 0.0 5.0 7.5
ANS Science 129.3 33.2 29.4 0.9 8.7 5.4 13.5 0.0 0.0 6.0
Viking Science 289.6 16.8 16.1 2.7 6.9 3.1 35 5.8 0.0 0.0
Bird Science 77.74 30.0 25.9 8.2 14.7 2.4 9.3 0.0 0.0 0.9
NATO Il Comm. 316.6 22.1 19.3 6.5 34.7 7.5 6.3 2.4 0.0 0.0
Gurwin Il Techn. test 47.0 14.0 36.0 0.0 12.3 4.9 7.3 0.0 3.4 22.1
Temisat Comm. 41.9 25.8 19.8 0.0 36.8 0.0 1.7 0.0 9.1 6.9
ORBCOMM  Comm. 47.5 19.4 15.3 19 225 0.0 6.8 4.0 0.0 6.8
POSAT-1 Comm. /test 50.2 12.2 13.7 0.0 32.9 11.2 20.9 0.0 3.0 6.2
Hausat-1 Techn. test 1 16.0 27.0 3.0 21.0 14.0 6.0 0.0 - 4.5
Delfi C3 Techn. test 2.9 16.7 26.5 2.3 15.4 12.1 5.2 0.0 6.7 5.1
Average 22.7 23.3 3.1 20.1 7.0 7.7 5.1 5.4 7.2
Average (total is 100%) 22.3 23.0 3.1 19.8 6.9 7.6 5.0 5.3 7.1
Average (excl. propulsion) 23.5 24.2 3.2 20.8 7.2 7.9 0.0 5.6 7.5

TT&C: Telemetry, Telecommand & Communications
ADCS: Attitude Determination and Controls Subsystem
C&DH: Command & Data Handling

Like for large S/C, we find that next to the payothe power and the structures subsystem
contribute most heavily to spacecraft mass. Ndtie¢ not for some S/C some subsystems do
not contribute to mass. This does not mean thaetbpacecraft are without these subsystems,

but rather that the mass has been included in stinee subsystem. For instance mass of

harness may be included in power subsystem massrahd mass of the C&DH subsystem.

For Spacecraft with passive thermal housekeepegntass of the thermal subsystem
sometimes is included in the structures subsysBeapulsion system mass sometimes is
included in the mass of the ADCS. With respechwlatter though, Temisat, Hausat and

Delfi C3 all lack a propulsion system on board.
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Spacecr aft subsystem power usage data
Table 1 provides data on power usage of the vagddssubsystems for specific spacecraft.

Table 1: Average power distribution (in Watt EOL) for several large geostationary telecom.
satellites [M ediaGlobe]

Satellite Payload TT&C  ADCS Thermal Propulsion Power Charging Total Load
Generation (w)
&
Distribution
ANIK E 86.2% 1.2% 0.8% 2.9% NA 0.7% 8.2% 3482
Arabsat (not 2) 72.7% 2.8% 9.2% 6.7% NA 1.3% 7.3% 1362
Astra 1B 76.6% 1.5% 1.0% 3.8% NA 2.4% 14.7% 2790
DFS Kopernikus 63.5% 2.0% 2.8% 16.6% NA 3.3% 11.9% 1412
Fordsat 79.1% 1.7% 4.2% 3.0% NA 1.3% 10.8% 3110
HS 601 79.4% 2.4% 2.1% 8.4% NA 0.9% 6.9% 3350
Intelsat VII 72.3% 1.1% 6.3% 7.4% 0.2% 2.3% 10.5% 3569
Intelsat VIIA 79.1% 0.6% 5.0% 4.9% 0.1% 1.2% 9.2% 4567
OLYMPUS 75.9% 1.6% 4.1% 10.1% NA 1.2% 7.1% 2832
SATCOM K3 81.6% 1.4% 0.9% 3.0% 0.0% 1.6% 11.5% 3150
TELSTAR 4 84.9% 1.7% 1.3% 2.4% NA 0.7% 8.9% 5673
Average % 77.4% 1.6% 3.4% 6.3% 0.2% 1.5% 9.7%
STD 6.37% 0.61%  2.66% 4.29% 0.09% 0.81% 2.42%

NA) Not Available, most likely incorporated in othgubsystem

It should be clear from this data that for large@s&®mmunications satellites the payload
consumes most power (roughly 75%). The remaindasésl to power the various spacecraft
subsystems. Of these the most power hungry systéne ipower subsystem and more
important the battery charging part of the powdssggtem. Another important power
consumer is the thermal subsystem.

Power data must be considered carefully as whdeatiolg data from literature, it is
sometimes unclear whether peak or average powagevalre listed. These values may differ
considerably, depending on the duty cycle of thgaegtus considered. For instance a
propulsion system may work for only 2% of the tatassion time. During that time power
consumption might be considerable, but average poamssumption is much less. In addition,
it is not always clear if the values given hold ESDL or BOL.
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Spacecr aft subsystem reliability data

Spacecraft are subject to failure. Some of thearéas can be attributed to the payload and
some to the spacecraft bus or platform supportimgpayload. For design purposes, it is
interesting to determine the contribution of theimas S/C subsystems to bus/platform
failures and hence to spacecraft failures. Foraims#, according to [Sarsfield], the area of
greatest concern with respect to failures on ba#Erdspacecraft is the performance of
mechanical systems. The performance and relialaifitylectrical and electronic components
have improved dramatically in recent years. Theigesnd development of mechanical
systems, however, have not advanced in parallehyhMbé the most serious recent spacecraft
anomalies can be traced to mechanical system daillBome examples of recent Spacecraft
mechanical failures are outlined in the next tabken from the work of Sarsfield.

Table 1: Example of Mechanical Failures in Recqrac®craft [Sarsfield]

Mission Event Impact Likely Failure Mode
Mars Observer Propulsion system  Loss of Spacecraft Leakage and ignition of hyper-
failure golic propellants—rupture of
high-pressure lines
Galileo Stuck high-gainan- Degraded perfor- Excessive friction due to mis-
tenna mance alignment in antenna restraint
pins
Alexis Damaged solar array Degraded perfor- Attachment bracket broke free
mance after deployment
Mars Global Failure to latch solar Modification of flight Structural failure of solar array
Surveyor array plan damper arm attach fitting

[Sultan] has investigated in detail the distribotiof reported failures (most likely only the
more serious ones are reported) in spacecrafttbegperiod 1995 up to and including 2000.
Sultan found that on average 40% of the failures attributed to the payload and the
remainder to the S/C bus, i.e. the platform. Thariution of the bus failures over the
various bus subsystems is giverFigure 1

Orbital failures in all spacecraft subsystems
Subsystern % of nurmber of
40 orhital failures
i buzes
@ 35 RC3 17
g ACS 35
E 30 AKM 2
‘= EPs 13
5 2o Mechanism 1
i a0 TT&C 12
- PKM 1
% 15 Themnmal a
£
T 10
E
a 5 —
0 /™ /™
T T T T T T T
RCS AT A ERS Mechanism TTEC PHM Thertm al
SiC subsystem

Figure 1: Percentage number of failures distributaekr the various spacecraft subsystems

RCS: Reaction Control Subsystem
ACS: Attitude Control Subsystem
EPS: Electric Power Subsystem
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TT&C: Tracking, Telemetry & Command
AKM: Apogee Kick Motor
PKM: Perigee Kick Motor

The data seems to be somewhat contradictory tadbelt found by Sarsfield, but some
components in the ACS systems, like reaction wheals also be considered mechanisms.

[Tafazoli] performed an identical investigation 8sltan, based on a study of 156 failure
cases and using a slightly different break dowe Fsgure 2

S B aocs
B 12% — g Power
CDH
m

15%

27%
Figure 2: Spacecraft subsystem failures as a paeaggnof total number of failures [Tafazoli]

The figure shows the failure breakdown for theeadi#ht spacecraft subsystems: The category
“other” regroups MECH, payload and miscellaneoubsgstem failures. We observe that
59% of all failures affect AOCS and power subsystem

The large difference in the failure percentagespfower between Sultan and Tafazoli cannot
be explained in a satisfactory way, but might bitatted to differences in spacecraft
considered and/or in the subsystems and/or in ist@insidered a failure.

Now using the percentage failure data presentedealvee can determine failure rates of the
various subsystems. Once failure rates are knowehamsuming constant failure rates (in
time), we can estimate subsystem reliability usirgrelation given iable 9

Table 2: Reliability estimation
Spacecr aft subsystem i

R=(9" &

Here subscript i indicates a specific subsystgnmdicates the failure rate of the subsystem i
and t indicates the time period considered.

For instance, given a total humber of 565 S/C faguover a 6-year period, see earlier
reported data based on data from Jane’s, it coaldrgued that in 119 cases (0.35 x 0.60 x
560; here the factor 0.60 indicates that only 60%he total number of failures is attributed to

the bus with the remainder attributed to the paj)dae ACS system is the cause of failure.
This comes down to 19.8 failures per year. Estinga800 operational S/C at any one time
over the period investigated by Sultan, this l¢ad3.0248 ACS failures per S/C per year. The
same reasoning applied to the RCS gives abouBds per year or 0.012 RCS failure per
S/C per year.

Suppose now that we are aiming for an RCS lifeQofdars. It follows for the reliability of
the RCS:
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RCS reliability: Res= €©%#1%= 0,988
In an identical way also the reliability of the etlsubsystems can be estimated.

Several notes of caution must be taken into account
1. AKM and PKM as included in the Sultan data are adatays included in every S/C
bus. This of course affects the ratio of failuresrid.
2. Results may differ based on the data used (Sulafgzoli or other). Hence the
designer should use proper margins to accounufdr differences.

Another approach sometimes taken is to use compdadure rate data, se€able 3 to
determine subsystem failure rates (MTTF is meare tim failure; MTTF = 2X). This,
however, is considered beyond the scope of thiameat.

Table 3: Spacecraft component reliability data

System Component Company Rellahﬁly Life Failure ratefyr Failure rate/hr MTTF
o b i)
Power Array SkW 0,899 5
Batteries SAFT 3,00E+06
lADS Earth sensor ESG B6,18E-07
Static GEO 0,998 5
PESA 2,50E-06
Star sensor Star Mapper TPD 10,0200
Rosat star tracker SIRA Ltd. 0,912 1.5 .
SED star tracker Sodem 3,80E-068
Horizon sensor NOHS Lockheed Martin 8,00E-07
Inertial navigation Unit  SIRU Delco . 6,00E+06
SIGI Honeywell 2,00E+04
Gyro Regys 10 Sagem 2,00E+05
Regys 35 Sagem 0,99 15
GPS receiver Viceroy Motorola 0,91 B
|Actuators Targrods 0,99997 1
Momentum wheel Magnetic bearing (MWX) 0,89 10
(Communications TWT Thomson 3,00E+06
DH Space processor 1750A Litton Applied Techn. 0,85 5
C&DH subsystem Spectrum Astro 0,85 1
RISC 0,95 5
DSBC Honeywell 0,9935 12
Memaory Solid state recorder Lockheed Martin 0,89 5
Magnetic disk Spectrum Astro 0.9 5 1,00E+05




2. Estimation relationships

Various estimation relationships exist that allow &stimating important characteristics of
the various S/C subsystems. In the next few sexti@nious such estimation relationships are
presented.

Spacecr aft subsystem mass estimation relationships

Subsystem mass of medium to large spacecraft aalll spacecraft can be estimated using:

%
Mi :(1_000j|:wldry [2]

Here subscript i indicates a specific subsystemgives the estimated mass of subsystem i
and % indicates the percentage value as indicatetha Table 4 for medium to large
spacecraft andiable 5for small spacecraft.

Table 4: Medium to large spacecraft mass estimadigimsystems [SMAD]
Subsystem Subsystem mass Range
Propulsion 4.75 % of Ml 2.5-7 % of Mpy

ADCS 6 % of Mpy 3-9 % of Mpy
Communications 4.75 % of 4 2.5-7 % of Myy
Thermal 8.5 % of My 2-15 % of My
Power 30 % of My 20-40 % of Myy
Structures 20 % of M\ 15-25 % of My

Table 5: Small spacecraft mass estimation subsygsferass below 500 kg) [Zandbergen)]

Subsystem Subsystem mass
Propulsion 6.1 % of My
ADCS 9.6 % of My
Communications 9.2 % of M,
Thermal 3.8 % of My
Power 24.5 % of My
Structures 29.3 % of M,
Harness 7.2 % of M,
Command & Data 10.4 % of My

Handling

In the Table 4no data are included for the Command & Data Hagdsiystem. This does not
mean that this system is not present, but thadtta probably has been included in some
other subsystem.

The data ifTable 5has also been used to generate a pie chart. lisrohart it is quite clear
that the main contributors to small spacecraft namsshe power and the structures subsystem.
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Mass distribution small satellites (bus only)
10.4%

9.2%

g

aStructures @ Thermal oPower @TT&EC oADCS 8 Propuls. mHamess DC&DHl

Figure 3: Small spacecraft mass distribution [Zaadien]

The next figure shows a more detailed estimatitatiomship as determined for the structures
subsystem. In this relationship it is taken inteamt that the structural mass may differ

depending on the mass of the vehicle, whereasirstimations using average payload mass
fractions this is neglected. The relationship shawthe figure is based on 22 data points for

spacecraft in the (dry) mass range 50-1750 kg. Aseasure for the spread seen in the figure,
the Standard Error of Estimate has been determihfallows SEE is 21.7%.
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Spacecr aft power estimation relationships

For small and medium large spacecraft, subsystemeipmay be estimated using:

%
R = (mj total (3]

Here subscript i indicates a specific subsysterindicates the estimated power usage of
subsystem |, % indicates the percentage valuelsystem | as indicated ifable 6and Ry
is total spacecraft power (considered here as @hkho

Table 6: Power estimation of subsystems [SMAD]dlides conversion and line losses)

Spacecr aft size: Micro Small Medium-large
Spacecr aft power: <100 W total 200 W > 500 W
Subsystem* Per centage of operating power
Payload 20-50 W 40 40-80
Propulsion 0 0 0-5
Attitude control 0 15 5-40
Communications 15W 5 0-50
C&DH 5W 5 0-50
Thermal control 0 5 0-5
Electric power 10-30 W 30 5-25
Structure 0 0 0
Margin 5-25 % of power based on design maturity

For micro-spacecraft with total power level belo@DMW, Table 6provides specific values of
power usage for the various subsystems.

From the work of [Brown] the following table, pralihg power allocation guidelines for
different spacecraft can be obtained.

Table 7: Subsystem power allocation guide [Brown)]

Percentage of subsystem total

Subsystem Comsats Metsats  Planetary  Other
Thermal control 30 48 28 33
Attitude control 28 19 20 11
Power 16 5 10 2
CDb5 19 13 17 15
Communications 0 15 23 30
Propulsion 7 0 | .
Mechamsms 0 0 1 5
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Spacecr aft system cost estimation relationships

Subsystem cost of small spacecraft can be estinugiad:

C= (&j [Csc [4]

100

Here subscript i indicates a specific subsystengiv@s the estimated cost of subsystem I, %
indicates the percentage value as indicated faystim i inTable 8and G. is total S/C cost
(considered here as a known).

Table 8: Small spacecraft cost estimation subsys{emass below 500 kg; 4 data points) [Zandbergen]

Subsystem M ass subsystem
ADCS 13 % of G
Communications 12 % of L
Thermal 2 % of G¢
Power 30 % of &
Structures 14 % of &
Harness 1% of &
Command & Data 28 % of G¢

Handling

The data inTable 8have been used to generate a pie chart.

Average S/C bus cost distribution

TT&C  Harness Thermal

129 1% gop  Structure &
rrec b,
14%
ADCS
13%
Forever
30%

28%

Figure 4: Small spacecraft cost distribution (4 $[Zandbergen]
The pie chart clearly shows that the power andQ&®H subsystem contribute most to the

cost. In contrast, the electrical harness (powblesaand data lines) and the thermal system
are low cost subsystems.
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Spacecr aft subsystem reliability estimation relationships

In this section subsystem reliability is estimatisthg the relation given ihable 9

Table 9: Reliability estimation
Spacecr aft subsystem i

R=(g™" 5]

Here subscript i indicates a specific subsystgrmdicates the failure rate of the subsystem i
and t indicates the time period considered.

The set of relations presented is based on theepresented data of [Sultan] and on average
0.1188 serious spacecraft failures per year anshga&f which 60% are considered bus
failures with the remainder being payload failyi@slitan].

Table 10: Spacecraft subsystem failure rate datedaon distribution of failures according to Sultan

Subsystem Failurerate
(failures/spacecraft/yr)
RCS 0.012
ADCS 0.0248
AKM 0.0014
EPS 0.0092
Mechanism 0.0078
TT&C 0.0085
PKM 0.0007
Thermal 0.0064
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Appendix E: Some statistics

Averaging and standard deviation

Large amounts of data are often compressed int@ masily assimilated summaries, which

provide the user with a sense of the content, witlbwerwhelming him or her with too many

numbers. There are a number of ways in which databe presented. One approach is to

estimate "summary statistics" for the data. Foata deries, ¥ X, X3, .... X,, where n is the

number of observations in the series, the mostlwiged summary statistics are as follows —
* mean [1), which is the average of all of the observationthie data series

Mean=p, = i%
i=1

« median, which is the mid-point of the series; llaéf data in the series is higher than
the median and half is lower

e variance, which is a measure of the spread in igtalzlition around the mean, and is
calculated by first summing up the squared deviatirom the mean, and then
dividing by either the number of observations (ietdata represents the entire

population) or by this number, reduced by oneh@f data represents a sample)
; 2

Variance = ¢°, = ni—l Dli(xi - 1)
i=1

» Standard deviation is the square root of the vagan

Normal distribution and confidence bounds

An important distribution is thenormal distribution or Gaussian distribution. In
probability theory and statistics this is a contins probability distribution that describes data
that clusters around a mean or average. The grapheoassociated probability density
function is bell-shaped, see figure below, with ealp at the mean, and is known as the
Gaussian function or bell curve.

The normal distribution can be
used to describe, at least
approximately, any variable that
tends to cluster around the mean.
For example, the heights of adult
males in Europe are roughly
normally distributed, with a mean
of about 1.78 m. Most men have a

%0 -2 -l p 1o 2 3o height close to the mean, though a
small number of outliers have a
Dark blue iz less than one standard devistion fromthe mean. &2 height  significantly above or

Far the normal distribution, this accounts for about §3% of the set below the mean. A histogram of
[cark blue) while two standard devistions from the mean (medium male heights will appear similar
and dark biue) account for about 95% and three standard to a bell curve, with the
deviations (light, medium, and dark blue) account far about 99.7%. Correspondence becoming closer
if more data is used.
About 68% of values drawn from a normal distribatiare within one standard deviation
o > 0 away from the mean about 95% of the values are within two standadations and
about 99.7% lie within three standard deviationlsisTis known as the "68-95-99.7 rule" or
the "empirical rule."
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What are Confidence Bounds?

One of the most confusing concepts to a novicenemgiis estimating the precision of an
estimate or measurement. This is an important qaringhe field of engineering, leading to
the use of confidence intervals (or bounds). Is 8gction, we will try to briefly present the
concept in relatively simple terms but based ordsmmmon sense.

TheBlack and White Marbles

To illustrate, consider the case where there ations of perfectly mixed black and white
marbles in a rather large swimming pool and ourifplo estimate the percentage of black
marbles. The only way to be absolutely certain alioel exact percentage of marbles in the
pool is to accurately count every last marble aalduate the percentage. However, this is
too time-0 and resource-intensive to be a viabt®opso we need to come up with a way of
estimating the percentage of black marbles in ta.gn order to do this, we would take a
relatively small sample of marbles from the poal #men count how many black marbles are
in the sample.

Taking a Small Sample of Marbles

First, pick out a small sample of marbles and cdhatblack ones. Say you picked out ten
marbles and counted four black marbles. Based isnytbur estimate would be that 40% of
the marbles are black.

If you put the ten marbles back in the pool anceathis
example again, you might get six black marblesnghray

your estimate to 60% black marbles. Which of the ta
correct? Both estimates are correct! As you repleiat
experiment over and over again, you might find tat

this estimate is usually between X1% and X2%, amdl y
can assign a percentage to the number of times your
estimate falls between these limits. For exampley y
notice that 90% of the time this estimate is betw&¥&%

and X2%.

Takingal arger Sampleof Marbles

If you now repeat the experiment and pick out 1,6G0bles, you might get results for the
number of black marbles such as 545, 570, 53Q,fetceach trial. The range of the estimates
in this case will be much narrower than before. &w@mple, you observe that 90% of the
time, the number of black marbles will now be froth% to Y2%, where X1% < Y1% and
X2% > Y2%, thus giving you a more narrow estimatetval. The same principle is true for
confidence intervals; the larger the sample steenore narrow the confidence intervals.

Confidenceinterval

If we perform ten identical tests on our units, amalyze the results, we will obtain slightly
different results each time. However, by employaunfidence bounds, we obtain a range
within which these results are likely to fall. Thiange of plausible values is called a
confidence interval. Confidence bounds are geneddkcribed as being one-sided or two-
sided.
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Two-Sided Bounds

When we use two-sided confidence bounds (or intgrvare are looking at a closed interval
where a certain percentage of the population &yiko lie. That is, we determine the values,

or bounds, between which lies a
specified  percentage of the
population. For example, when
dealing with 90% two-sided

confidence bounds of (X, Y), we are
saying that 90% of the population
lies between X and Y with 5% less
than X and 5% greater than Y.

s =
90%
A 5%
K Ty

One-Sided Bounds

One-sided confidence bounds are essentially an-epéad version of two-sided bounds. A
one-sided bound defines the point where a certaincemtage of the population is either

v

-
Y

higher or lower than the defined point. This
means that there are two types of one-sided
bounds: upper and lower. An upper one-sided
bound defines a point that a certain percentage of
the population is less than. Conversely, a lower
one-sided bound defines a point that a specified
percentage of the population is greater than.

For example, if X is a 95% upper one-sided
bound; this would imply that 95% of the
population is less than X. If X is a 95% lower
one-sided bound, this would indicate that 95% of
the population is greater than X.

Care must be taken to differentiate between one-
and two-sided confidence bounds, as these
bounds can take on identical values at different
percentage levels. For example, in the figures
above, we see bounds on a hypothetical
distribution. Assuming this is the same
distribution in all of the figures, we see that X
marks the spot below which 5% of the
distribution's population lies. Similarly, Y
represents the point above which 5% of the
population lies. Therefore, X and Y represent the
90% two-sided bounds, since 90% of the

population lies between the two points. Howevegl30 represents the lower one-sided 95%
confidence bound, since 95% of the population éibsve that point; and Y represents the
upper one-sided 95% confidence bound, since 95%tegbopulation is below Y.
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Most Likely Estimate (MLE) and Standard Error of estimate (SE)

A parametric relationship attempts to explain oreiable, which is called the dependent
variable, using the other variable, called the pmielent variable. Parametric relationships
essentially can be of any form (linear, quadragimyer, log, etc.). For instance Excel allows
for determining such estimating relationships. dels the line that fits the data best.
Goodness of fit is expressed b§\Rilue. The closer this value is to 1, the betterfit.

Another way of expressing the goodness of fit islétermine the Standard Error of estimate
(SE):

2
_ 1 Yi _
SE_\/n—mDZ:{f(xi) 1J

Yi
f(x)
observed values, m is the number of parameterg lasitimated, f(x) is estimate and y is true
or actual value of the parameter.

Here ¢, = is referred to as multiplicative (or relative ejreerror, n is number of

Dealing with uncertainty

In case of summing up various estimates like surgramthe mass of the various subsystems
to arrive at a total system mass, the standard @r@sample standard deviation) of the sum is
given by the square root of the sum of the squafréise individual (absolute) errors, provided
that the individual estimates are independent (uetaded data) from each other:

SE= [ SE?
i=1

In case of dependent or perfectly correlated véeglthe SE is given by:

SE =) SE,

i=1
In case we are dealing with of SSD, identical raipgly.

Example: For a S/C you have estimated a payloadl @40 Mé with a standard error (or

standard sample deviation) &f4 M€ and a bus cost of 30M&6 M€. Total cost of the S/C is
30 M€ + 40 M€ = 70 M€ with an uncertainty of:
1. maximum 10 ME£ in case a rise in cost of the payleads to an equal rise in bus
cost;
2. maximum &+ 6
the cost of the bus.

%05 = 7.2 M€ in case a rise in cost of the payload haseffect on
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Appendix F: Area and Mass Moments of Inertia
Area moment of inertia of some principal geometries

Rectangular cross section

Y
bh_:%
-I:i.' = T
I 12
= b=width (+dimension),
h v T = k= height (dimension]
| & b
Y12
- b - b= width (edimension),

= £ = height (1-dimension)

Circular cross section

™ ™
Iy=—D'= —¢*
*~ 64 Iy

= 0= diameter
= r=radius

Thin walled cylinder:
|, =’

o risradius
o tis wall thickness



Principal Mass Moments of Inertia of Solid Geometrical Shapes

¥
L 1, I

Slender Rod o 1/12 mP 112 mE
m=mmass, [ = length of red

by
™

Rectangular Plate 112 m(b*=cy) 112 me* 112 mp*
m = mast, b= height of plate, ¢ = width of plate

Thin Disk b e Y e
m = mpss, = rading of dick

=
-
¥

Rectangular Prism N2 m(b+c™) V12 m{a+c?y 112 mia™+b%)
m = mass, ¢ = depth (x}, b= height (), ¢ = width {z)

Circular Cylinder b2 2 m{3r=F) 112w -0
m = mass, [ =length of cylinder. = radins

Sphere 25 mr® 245 o 245 mr*
o= mass, = radius
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Appendix G: Some Earth Observation instrument characteristics

Ball High Resolution Camera 60

all's High Resolution Camera (BHRC 60) is a state-of-the-

art optical remote sensing payload that provides

simultaneous one-meter class panchromatic and four-
meter class multispectral imagery. This pushbroom implementation
is specifically designad fo cover broad areas without the need for
repainting.

ﬁ) i Ball Aerospace & Technologies Corp.

£
’,ﬂ"‘ Aerospace Systems Division (303) 939-6100
1800 Commerce Street Fax: (303) 939-6104
Boulder, Colorado 80306 E-mail: infog@ball.com
hittp:ifterers balaerospace.com W
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Panchromatic:
- ~0.5 to 1.25 m ground sample
e (GS0) or 1.37 mrad

m nhumur mirad for

fions  Simultansous imaging in ai
5 R ‘bands; simullanaous data
[irgi: ; transm|ission capabllity available

{EEI through oplional equipment
Awerage 2 bils per pixel from
11 bit initial quantization

<10 % absohute

=5'years achieved with redundani
architecture for orbils betwean
400 1o 900 km from 0 degrees

10 SUN SYNChronous

Optional equipment scalable up io
200 Ghits {equivalent to over
90 squars images)

Optional 320 Mops X-band
transmitter and gimbaled antenna

Toksl weighi: 208 ky
Total welght with options: 342 kg

792 W whan imaging (peak)
<75 W non-imaging [orbital
averaga)

116 &m x 141 ¢m x 185 om

Talascope Size
(rectangular)

Moie: Mumarical ranges reflect orbil altitude optons
{400 km bo S0 kom)
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or your most demanding remaote sensing needs, the

BHRLC 60 pushbroom camera provides the highest
resolution and performance currently available on the
miarket.

Imiage quality is paramount when extracting the
information you need. That is why Ball Aerospace &
Technologies Corp. has created a camera that combines
high threughput for low-lighting conditions with an
unobscured optical design for maximum clarity of
objects of any size. The wide field of view instantly
captures a broad area - an important feature when
attempting to acquire information on objects whose
Incation might be uncertain.

Control of the system is as easy as using vour personal
camera. You set the exposure time by selecting various
levels of time-delay-integration (TDI) to maximize the
signal over a wide range of sun angles. The data is
automatically compressed to refain the maxionum
information content of each image. Mow just point and
turn it on. When you are finished, turn it off. The area
covered by the BHRC 60 is imited only by the amount
of onboard storage.

Drata continuity is important. For links to the past, the
BHRC &0 provides the sarne multispectral band passes
a5 the first four bands of Landsat. For the futare, the
built-in redurdancy and on-orbit performance tracking
provide a long-life system for vears to come.

As optional equipment 1o ease the task of integration
into your spacecraft, the BHRC 60 can be ordered with
solid-state recorders capable of simultaneous record
and playback, an X-band transmission system tailored
to meet international radiation restrictions, and star
trackers mounted fo the telescope structure for optimal
precision of the geolocation of your images.

The BHRC &0 s part of the Ball Aerospace product line
of telescopes and sensor options that span a range of
spatial resolutions and spectral bands. Please contact us
to discuss how our series of products can be combined
to meet your specific requirements.



HIBRIS

The HIBRIS instrument, see figure, is an imagin
spectrometer under development by Cosine B.
(The Netherlands, Leiden). It actually consists o
two different instruments integrated in one mod
the near infrared hyperspectral imager (NSI) and
thermal infrared imaging spectrometer (TI). It is
being designed for the BepiColombo mission to
Mercury (ESA, 2009)The specifications of the
HIBRIS can be found in the next table. The

mechanical layout of the HIBRIS can be found i
the figure next to the text.

Table 1: Specification of the HIBRIS instrumentéa from Cosine Brochure)

Total Mass 7.1 kg
Size (LxWxH) 22x26x21 cm
Avg. Power consumption. 411 W
Near Infrared Hyperspectral Imager (NSI)
Linear Variable Filter 1?4{]00th0 12480[}0{] ':‘Tn
Ranges 2800 to 5200 nm
Spectral Resolution 1% of Central A
Spatial Resolution (at 600 50 m
km AGL)
FOV 14.5°
Thermal Imager (TI)
Spectral Range 10to73 1 m
Spectral Resolution 7 pm
Spatial Resolution (at 600
km AGL) /15m
FOV 6.9°
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Appendix H: Earth Satellite Parameters

GENERAL PARAMETERS
Mean | Circutar | Range Max
(km) | DENSITY | Velosity vorzon | i | Eeipse
0 1.2 7.906 ] 84.49 42.24
100 |479x107 | 7844 | 1,934 | ge48 | 38.40
150 |181x10° | 7814 | 1,391 | @749 | 37.76
200 |253x10-19| 7784 | 1,610 { 849 | 37.28
250 |6.24x10-11| 7.755 | 1,803 | 8950 | 96.90
300 |[1.95x10-11| 7.726 | 1,979 | 9052 | 86.59
350 |6.98x10-12| 7.607 | 2142 | o154 | 96.33
400 |272xi0-2| 7668 | 2294 | 9256 | 3611
450 [14axi0-12| 7.640 | 2438 | 9350 | 3592
500 |489x10-13| 7613 | 2575 | o462 | 3675
550 [221x10-13| 7585 | 2705 | 9565 | 3561
600 |1.04x10-'3| 7.558 | 2,831 | 9669 | 35.49
650 |5.15x10-14| 7.581 | 2,952 | 9773 | 3538
700 2-:;'.725?10':"4 - '(-503'1 © 3,069 98,77 | 35.29
750 |155¢10-14| 7478 | 3183 | 99.82 | 3520
800 |963x10-15| 7452 | 3203 | 10087 | 8513
850 |6.47x10-15| 7.426 | 3401 | 10193 | 85.07
900 |466x10-15| 7.400 | 3506 | 10299 | 35.02
950 |3.54x10-15| 7.375 | 3608 | 10405 | 34.97
1,000 [279%10-15| 7.350 | a7og | 10512 | 34.94
1,250 |141x10-15| 7.229 | - 4184 | 11051 | 3483
1,500 5.;21;.21_0_'-16 7.113 4624 | 11598 | 3483
2,000 — | 6898 | 5433 | 12720 | 35.03
2,500 — 6701 | 176 | 138.75 | 85.40
3,000 = 8.519 6,875 150.64 35.86
3,500 6352 | 7543 | 16284 | 3638
4,000 : 6197 | g1g7 | 175.36 | 36.94
4,500 — | 6053 | ggi2 | 18819 | 3753
5,000 — 5919 | g4 | 20131 | 38.13
6,000 - 5675 | 10608 | 228.42 | 89.36
7,000 — 5458 | 11,760 | 256.66 | 40.60
8,000 | ¢+ — 5265 | 12886 | 28597 | 41.84
9000 | — 5091 | 13903 | 31631 | 43.06
10,000 | 4933 | 15085 | 347.66 | 4427
15,000 — 4318 | 20405 | 51846 | 50.00
20,000 — 3.887 | 25595 710.60 55.24
20184 | — 3874 | 25785 | 71805 | 55.42
25,000 : 3564 | 30,723 '| 921.94 | 6007
30,000 3.310 | 35,815 |1,150.85 | 6456
35,000 3104 | 40884 |1396.10 | 68.77
35786 | — 3075 | 41679 | 143607 | 69.41

Table adapted from the
book Space Mission
Analysis and Design, by
Larson and Wertz,
Microcosm Press.
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